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ANALYSIS AND DESIGN OF SUPERSONIC WING-BODY
COMBINATIONS, INCLUDING FLOW PROPERTIES IN THE NEAR FIELD

PART I — THEORY AND APPLICATION

By F.A. Woodward, E.N. Tinoco, and J.W. Larsen
The Boeing Company

1. SUMMARY

This report presents a numerical method for the analysis of wing-body
combinations and the flow fields around them, and for the design of optimum
wing camber surfaces in the presence of a body.

The method is based on the linearized theory of supersonic flow. The wing
and body are represented by a large number of singularities located in the plane
of the wing, on the surface of the body, and along the body axis. The velocity
components induced by these singularities at selected control points define a
matrix of aerodynamic influence coefficients. The aerodynamic matrix is used
to calculate the pressure distribution on the wing and body for given boundary
conditions, or to determine the wing camber surface corresponding to a given
aerodynamic loading. Additional operations may be performed on the matrix
to determine the wing camber surface required to minimize the drag of the
wing-body combination under given constraints of lift and pitching moment.
Once the strengths of the singularities are known, flow field velocities may be
calculated from which streamlines and flow directions can be determined.

The method has been programmed for a digital computer. A special effort
has been made to minimize the number of geometrical inputs required in the
program by including a geometry definition section and a geometry paneling
section as integral parts. A description of the program, including a flow chart
and the input formats required for specific problems, is included in this report.

Application of the method to a wide variety of examples has shown good
correlation with both theory and experiment. In particular, detailed pressure
and force comparisons were made on a wind-tunnel model tested at Mach 1. 8.
The program also was used to predict the drag reduction achievable through

optimizing the wing camber surface on this model.
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2. INTRODUCTION

There are several current methods (references 1 through 4) for calculating
the camber surface of minimum drag for an isolated wing at a given lift coeffi-
cient in supersonic flow. However, none of these allows for the effect a wing-
mounted body may have in modifying the optimum wing camber surface. This
report presents a new method, based on the linearized theory of supersonic
flow, for calculating the optimum camber surface of a wing in the presence of
a body. In this method, the boundary condition of tangential flow is satisfied
simultaneously on both wing and body, eliminating iteration procedures formerly
needed to solve such problems. The improved method has important applica-
tions in the design of supersonic aircraft.

This method was developed primarily to optimize camber surfaces for a
wing in the presence of a body. However, because it is formulated in terms of
aerodynamic influence coefficients, it can be used to solve a wide variety
of equally important problems in supersonic flow. For example, it may
be used to determine the pressures and forces acting on wings, bodies, or
wing-body configurations of given shape or to design a wing having a given.
pressure distribution in the presence of a body. The bodies may have regular
or irregular cross sections, camber, and incidence. The effect of wing thick-
ness may also be included. In addition, the pressure coefficients, velocity
componeﬁts, and streamlines in the field may be calculated. In all these prob-
lems, the accuracy of the results ultimately depends on the number of surface
boundary points at which the flow equations are satisfied.

The aerodynamic methods described in this report are felt to be
significant contributions to the linearized theory of supersonic flow. Although
a similar approach has been worked out by H. Carlson and W. Middleton of
the NASA Langley Research Center (reference 5), their theory was restricted
entirely to the analysis of isolated planar wings. Particularly significant are
the theoretical development of the nonplanar, constant-pressure elemental
solution to the linearized wave equation and its application to the analysis of
supersonic wing-body interference problems.

This volume (Part I) explains the aerodynamic theory underlying the
computer program, shows the agreement between the results and other theories,

validates the method by comparison with experimental data, and presents sample
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cases of design optimization and flow field visualization. It is also a self-
sufficient guide for program usage. The second volume (Part II, reference 0)
gives the details of the digital computer program. Subroutine descriptions,
several sample problems, and a program listing make up the bulk of Part II.

Part I is a revision and extension of reference 7, which was prepared
under contract to the NASA Ames Research Center. The changes include
higher-order singularity distributions for improving the wing and body thickness
solutions and a technique for calculating the pressures, velocity components,
and streamlines in the surrounding flow field.

A further theoretical extension of this work is presented in reference 8,
which is a modification of the linear theory to include higher-order effects of
the local flow. This extension is limited to the wing-alone case.

Much credit is due Dr. Tse Sun Chow, a mathematics research specialist
at Boeing, for the integration and checking of the many functions used in the
vortex-singularity representation of the method, The aerodynamic work was
done by members of the Aerodynamics Research Unit, and the programming
and checkout by members of the Technical Support Section; both organizations

are part of The Boeing Company’s Commercial Airplane Division.
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3. LIST OF SYMBOLS

Aerodynamic influence coefficient

Panel inclination

Matrix of aerodynamic influence coefficients
Panel area

Aspect ratio

Normalized panel edge slope

Wingspan

Matrix of velocity components

Normal velocity component

Wing chord

Aerodynamic coefficient

Pressure drag

Downwash function

Normal force

Auxiliary function

Unit step function

Number of circumferential points on body
Line source strength

Number of line singularities in body

" partial body length along which line singularity strength varies

Lift

Body length

Panel edge slope

Mach number

Pitching moment

Unit normal vector
Normal velocity component
Number of panels
Pressure

Strengths of vortex singularities
Pressure function
Arbitrary point

Dynamic pressure

[



T Radial distance

T Body radius

R Fraction of panel chord defining control point location
S( ) Sidewash function )

S Surface area

SB Body cross-sectional area

s Streamline arc length

T Strength of line singularities

u Nondimensional perturbation velocity in x direction
U Free-stream velocity

\Y Nondimensional perturbation velocity in y direction
w Nondimensional perturbation velocity in z direction
X,V,2 Transformed axis system

X, Y, Z Definition axis system

z, Camber line ordinate

Greek

o Angle of attack

o) Panel inclination (see p. 49)
8 Jm? -1

Y Ratio of specific heats for air (1.40)
I} Delta function

A Difference (e.g., Ap, Ag)

6 Angular coordinate

] Panel inclination (see p. 49)
A Lagrange multiplier

A Leading~edge slope

v Conormal vector

£ x-fr Mach line coordinate
T 3.14159

P Density of air

p Body radial distance

o} Volterra's function

T Domain of dependence

@ Velocity potential

”,

o



£,m,¢
Q

Integration variables in Cartesian system

Arbitrary potential function

Subscripts

cP

D1
D2

I o I I O

o s B B ™

W
X,V,7

xX,¥,7Z

Axial component

Referred to body axis

Body

Cross component

Center of pressure

Referred to definition coordinate system
Doublet — linearly varying strength
Doublet — quadratically varying strength
Drag

FFin

Influenced panel number

Influencing panel number

Line singularity number

Corner point number

Lift

Lower surface

Moment

Influenced field point

Normal component

Pressure

Radial component

Reduced

Wwing root

Source — linearly varying strength
Source — quadratically varying strength
Wing thickness singularity

Upper surface

Vortex

wing

Referred to Cartesian coordinates

Partial derivative



2] Tangential component

o Free-stream condition

Superscripts

() Referred to primed system of coordinates

(" Referred to double-primed system of coordinates
() Fixed point or value

(_3 Vector

’



4. AERODYNAMIC THEORY

4,1 Description of Method

Aerodynamic influence coefficients are used to calculate the pressures,
forces, and moments on arbitrary wing-body combinations at supersonic speeds
and to predict the optimum camber surface of the wing in the presence of the
body. In this method, the wing and body are represented by a large number of
singularities located in the plane of the wing, on the surface of the body, and
along the body axis. In addition, the velocity components, pressures and
streamlines in the field may be calculated once the singularity strengths are
known. It is assumed that the flow perturbations due to this system of singular-
ities are small enough so that the equations governing the flow can be linearized
without introducing significant errors into the analysis.

The basic solution is reached in the following manner. The three
components of velocity induced by each elementary singularity are calculated
at specified surface control points. Particularly required is the velocity com-
ponent that is both normal to the body axis and in a plane that is parallel to
the body axis and perpendicular to the surface through each control point. The
magnitude of this normal velocity component induced at control point i by the
jth singularity of unit strength is referred to as the aerodynamic influence
coefficient aij' Thus, the resultant normal velocity at point i is given by the
sum of the products of the aerodynamic influence coefficients with their
respective singularity strengths.

This resultant normal component of velocity is used to satisfy the surface-
slope boundary conditions at each control point, and the resulting system of
linear equations is solved for the unknown singularity strengths. The matrix
of the coefficients of this system of equations is known as the matrix of aero-
dynamic influence coefficients, or aerodynamic matrix. It plays an important
part in the following analysis.

In practice, the singularity strengths required to satisfy the given
boundary conditions are not determined in a single step. The boundary condi-
tions corresponding to wing thickness, body thickness, and body camber and
incidence are separated, and the strengths of the specific singularities used to
satisfy them are determined independently. In the final stage of the calculation,

these separate solutions are combhined by linear superposition. Any residual



interference effects, together with the wing camber and incidence boundary
conditions, are satisfied by surface distributions of singularities on the wing
and body.

To speed the calculation of the ‘aerodynamic influence coefficients, the wing
and body are subdivided into small panels, as shown in figure 1. Each panel
has one or more singularities associated with it, depending on how the panel
boundary conditions are specified. For example, the wing is represented by a
maximum of 110 panels located in the wing reference plane., Two types of
singularities are specified for each panel. First, a surface distribution of
vorticity corresponding to a unit pressure difference across the panel simulates
the lifting effects of camber, twist, and incidence; secondly, a surface distribu-
tion of sources simulates the effect of wing thickness, It will be shown later
how the boundary conditions on the surface of the wing can be completely satis-
fied by these two independent types of singularities.

The effects of body thickness, or of camber and incidence, are shown by a
maximum of 50 line sources and doublets distributed along the body reference
axis. In addition, the surface of the body is subdivided into a maximum of
100 panels located in the region of influence of the wing-body intersection,
These body panels simulate surface distributions of vorticity, as do the wing
panels, and are used to cancel the interference effects of the wing on the body
in this region. The boundary conditions on the body, as on the wing, are
specified so that they exactly match the number of singularities used to
represent the flow, '

The location and geometric orientation of each elementary singularity is
now defined., It remains to calculate the u, v, and w components of perturba-
tion velocity that a unit strength of a singularity induces at each control point.
This report gives formulas for these components for each of the seven types
of singularities considered. The v and w components, particularly, can be
combined to calculate the aerodynamic influence coefficients for each singular-
ity, with due consideration of the relative orientations of the panels,

Once the aerodynamic matrix has been formed and solved for the uhknown
singularity strengths, it can be used to calculate the surface pressures, forces,
and moments acting on the wing-body combination, and also the velocity com-

ponents, pressures, and streamlines in the surrounding field.
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To find the shape of the wing camber surface that will minimize drag for
the wing-body combination under specified conditions of lift and pitching moment,
a slightly different method is used to solve for the strengths of the singularities,
In this case, an expression for the 'drag of the complete configuration is derived
in terms of the unknown singularity strengths. Applying Lagrange multipliers
to the system of equations thus formed determines the singularity strength
values that will give the smallest drag for the given lift and pitching moment.
These values may then be used to calculate the optimum shape of the camber
surface and the corresponding pressures, forces, and moments acting on the
configuration. »

Calculating perturbation velocity components in the field is similar to
calculating velocities on the wing-body combination. Only the singularities
inside the forward-facing Mach cone from the point in question influence that
point. Once the perturbation velocities are known, they can be used to calculate

flow directions, pressures, and streamlines in the field.

4.2 Calculation of Velocity Components — Surface Singularities

Derivation of the generalized potential function. — The linearized differential

equation for the velocity potential ¢ generated by a small perturbation of a steady
supersonic flow is given below, where 8 = */Mz - 1 and M is the free-stream

Mach number.
B? Oxx = Pyy * Oz (1)
Differential equations of identical form also govern the behavior of the three
perturbation velocity components u, v, w in the flow., To extend the following
analysis to include the calculation of these velocity components in addition to the
potential, equation (1) will be rewritten in terms of an arbitrary variable 2.

B2 Q. = Qyy + Qpp )

12



A general solution to equation (2) is given in reference 9, based on Volterra's

solution of the two-dimensional wave equation. This result is repeated below
and gives, in integral form, the value of § at any point P due to a small per-

turbation of the flow originating on a surface S:

Qx,y, 2) = - 217 Py ff ')OdS
T ax[f Q - QY ——dS (3)

The integrals are to be evaluated on the surface S throughout the "domain of
dependence", T, of point P(x, ¥, Z)- The unprimed variable G denotes the value
of this variable on the same side of S as P, while the primed variable denotes
its value on the opposite side of S as P. @ is the particular solution of equation
(2) chosen by Volterra which vanishes, together with its derivative with respect
to the conormal V, everywhere on the surface of the Mach forecone from P.

The function o is given helow:

R )
gy -m2 + @ - D2

It should be noted that O is the indefinite integral of the fundamental solu-

g = cosh

tion of equation (2) representing a supersonic source in three dimensions.

The conormal to a surface S is defined to be a vector, the three components
of which are related to the components of the normal vector n to the surface as
follows:

Vi = - ,82 ny, Vg = Do, Vg = ng (5)
p' is defined to be a vector having the opposite direction to v on S.
In the following analysis, the surface S is chosen to lie in an inclined plane

passing through the y axis. The equation of this plane is £ = ag. The sketch
on the following page illustrates the conormal associated with this plane. Note
that the conormal to the Mach wave originating from the leading edge of the

surface S lies in the plane of that Mach wave.
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z, 1}

In this example,

MACH WAVE
$=B&
SINGULARITY
F SURFACE
I
n
-~ 4 §=af
/ a
? = x &
.a_ozy 8—0+Ua—0—32 3_0'+na_0 6
v 1 a¢ 3ec T TR My g 3 L ©)

Now

Therefore

a

ng =-siheo = - ———
1 S
1+a.2

1

n, = cos & = ——m——
3
N1 + a2
0 _B%a a0 _ 1 g

+
Vo 8 gt

_ﬁ2a+_ix-€)(z-5)

(y =M%+ (z - )2

1 2 Vix - €)2
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Note also that an elementary area dS in the plane may be written

i1

ds = d¢ dn/cos «

=1 + a2 d& dn (8)

Consider now a semi-infinite triangular region in the plane € = a &, such
that the leading edge of the triangle has the projection 1 = m £ in the §, 7 plane,
while the side edge lies in the £, C plane. The domain of dependence T of the
integrals in equation (3) is then the area on this oblique triangular region lying
upstream of its intersection with the Mach forecone from P, OQR in figure2.
The equation of the curve QR is determined by substituting £ = ag in the equation

for the Mach forecone from P:

2 2 2

x - £)2 = B2y - mP + B - af) ©
Thus, for a given 7, the points S and T on an elementary strip of width dn on
the surface have the coordinates S(1, N, aky) and T(¢2, N, 282)

where £ = n/m

2 2 2
_x-Baz|; _ 1-B7a" (o g2y - m2- 2R
and £, g% a 1 1 (x—32a2)2<x By - m*“-B z)

(10)
and the point Q has the coordinates Q(n3/m, M3, 2 Ng3/m)

_m(x - 32(my + a@) 1 _\/r( J3;(32+ mz) JB_QzZJr 7z >

where Mg =
3 1 - 32(a2 + m2) (x - B (my + az))

(11)
Equation (3) may now be written:

n3
Qx,y,2) =~ 1+a f d‘ﬂj:g '——+———')coshlﬁr x2—€ £2d€
(y - m* - (z -ag)

x=-E)z~-af)

N3 2 -Ba+
L1 dnf @-ay Gomi-oaf? g
0 £ Jix - £)2 - B2(y - m? - B2 - a§)2

(12)
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FIGURE 2 GEOMETRIC ORIENTATION OF INCLINED SINGULARITY SURFACE
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The integrals in equation (12) may now be evaluated, provided the expres-
sions (§ - Q') and (3Q/av + 38'/dv") are prescribed on S. It is most con-

venient to set them equal to a constant or zero. Two choices of will now be

described that will satisfy these conditions and yield expressions for the

potential function representing either a surface distribution of sources in the
& ,n plane or a constant pressure jump across a lifting surface corresponding

to a constant distribution of vorticity in the plane & = ag .

Potential function for constant source distribution. — In equation (12),

Q is set equal to the perturbation velocity potential ¢ on the upper surface of S.
The partial derivative 3w /av then represents the velocity component in the direc-
tion of the conormal to the upper surface of S. Similarly, ap'/av' represents

the velocity component of the lower surface potential function ¢' in the direction

of the conormal to the lower surface of S.

Now,

2w _ _B%a s0 1 20

5 0
Voiea2 % a2
2
B (13)
N1 o+ a2 N1+ a2

Similarly,

1 2 1
' Bta oL (14)

V1T a2 V1 + a2
The sketch on the following page illustrates the geometrical orientation of
these velocity components.
It can be seen that if ¢' has the same sign as ¢, a discontinuity in the v
component of velocity will appear in the flow on the surface £ = a§ which in turn
implies surface discontinuitics in the u and w velocity components. In fact, if

©' =¢, then u' ==u, w'=-Ww on the surface.



THE CONORMAL V AND

b2¢ ALL VELOCITY COMPONENTS
LIEINE , ¢ PLANE

/v' | 3_“’7 o

The second term in equation (12) then vanishes, and

0,0 ___2 __ T, g2ay (15)

v ay! /1+a2

where the bars denote the values of the velocity components on the surface .

If the quantity (W + BZ a u) is constant, it can be taken outside the integral.
If, in addition, the partial derivative of 0 with respect to x is taken through the
double integral, which is a legitimate operation in this case, equation (12)

reduces to

— - (M3 €2
w+ B2 au dé
O, ¥y, 2) = - " [ dnf 2
0 g, Vx-82-B2%y -m2-B2z - at)

(16)

For the special case a = 0, this expression reverts to the usual integral

form for the potential due to a surface distribution of sources in the §, 7 plane.

The integral will be evaluated in its most general form, however, as the resulting

18



functions will be used later in the derivation of the potential due to a constant
pressure difference across the surface 5. —

Applying the integration formulae appearing in AQ;_)e_ndix A, and simplifying,
the following result is obtained for the case ﬁ \/’;2'+ m2 <1 (subsonic

leading edge):

n3
_wrplau f ol L= BPatin o mGx - Braz) 4
n1 - g2a2 V(1 - B2 a2) (n -y + (2 - ax)?

Qx, ¥y, 2z

_§+Bzaﬁ{z—ax tan-1 m(z—ax)'\/ ﬁz(y + 22

m 1 - B2 a? y[(y - mx) - B a(ay - mz)] (z - ax)

L -B%aty —mix - B2an) -1 x - B2(my + az)

(1 - B2 a%)~1 V1 - B2@2 + m?) B\/g—mx)2+ (z -ax)2 - BAay ~mz)2
Y cosh} — (17)

N1 - B2 a2 34}2 v 22

—

2 2

ﬁ Va“ + m” 21 (sonic or supersonic leading edge), the inverse hyperbolic
cosine is replaced by the inverse cosine [see equation (43)].

The perturbation velocity com ponents may now he obtained by differentiation.

:L(Q:—(V_V-Fﬁzaﬁ){amn_l m(z—ax)\/' B8 Ly +z )
X (1 - B2 a?%) y[(y - mx) —;32 a@y - mz\]+ (z -a‘»c)

m

+ cosh™! — B?‘(my + az) }
1 - ;32(&2 + mz) B '\/g— mx)2 + (z - ax)2 - Bz(ay - mz)2

:m:-(WHSzaﬁ){ L oep-l —%——
1

ay m N 32 42 8 \_/yZ 4 72
i} L cosh™! x - B%(my + az) }
'\/T— 32(a2 + m2) BN‘/(y - mx)2 +(z - ax)2 - Bz(ay - mz)2
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Wzai=@+ gzaﬁ) {tan—l mz—ax)\/xz—ﬁz(y2+zz)

9z m(1 - B2a2) vy - mx) - B2 agay - mz)] + (z - ax)2

2 2
s ——B am cosh™1 X - B (my + az) } (18)
V1 - BZ(a? + m?) Bty - mx)2 + (z - ax)? - B2(ay - mz)?
It should be noted that ¢ = xu + yv + zw. (19)

The results may be quickly verified by evaluating u and w on the surface
Z = ax,

Noting that

tan-1 m(z - ax) Vx2 _ B2(y2 + 22
2 2
yly - mx) - 8% a@y - ma)] + (2 - ax) 20
=7 for z =ax, and 0 < y < mx
=0 for z =ax, and y < 0, y ~ mx
Then, for 0 < y < mx,
- _ -(w+B82au) m -1 x(1-8%a%) - g2 my
u = 2 2 am+ cosh
(1l - B* a%) '\/1-52(a2+m2) BVl—Bzazly—mxl
— _(w+B2auy) B2 am -1 x(1 - B%a?%) - g2 my
W = 2 T + cosh
(1 - 8% a”) «/1-/32(a2+m2) BN1 - B2 a2 |y - mx|
- - W 231
Therefore w + 32 au = MM (1 - Bz 32) m (21)

1-B2a%)n
Thus the resulting flow satisfies the imposed boundary conditions on the semi-
infinite triangular surface illustrated in figure 2, Off this surface, in the plane
z = ax, the quantity (w + ﬁzaﬁ) = 0.
Two special cases of these results deserve attention, as they will be used
later in the numerical analysis. In the first, for a = 0, the velocity components

due to a surface distribution of sources in the x, y plane are simply obtained

from equations (18):
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. 2
N \V 1 - —_
w2 Vm | e cosn x - g% my

T | Vi-p2m? plmx -2 + (1 - B2 w?) 22

-~

vm 1/m X - 132 m 1 X

N A . m -1 Y. - = -1 >

vy (17 ){ cosh cosh }
V1 - g2 m2 BV (mx- y)2 +(1- K m?2) 22 BVyZ + 72

m m y2 + 22 - mxy (22)

w 2 _R2¢,2 2
W, :<im> tan~1 mz \/; Be(ye + z%)

In the second special case, the velocity components due to a line source along
the x axis will be derived. The term m W/m is taken as a constant (for m —0)
in the equations for the velocity components given by equation (22), and the limit
of the resulting expressions evaluated as m approaches zero. The result is given

bhelow:

Ugy = -k cosh™1

X
By2 + 22

__ky .2 2,9 2
Ve, - Jx2 - B2(y% + 22)
V32 5 22
wo, = —— W2 - 252 + 7P (23)

Ny2 4 22

21

m

where k = lim = constant, and the subscript S1 refers to a line source

m-0
having a linear variation with x.
These velocity components will be used later to represent the flow surround-
ing a circular cone at zero incidence centered on the x axis. The potential
function corresponding to this flow is

¢ = k{x cosh—l——-—x—-———-\l % -{32(y2 + 72) (24)

s1
e
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Potential function for linearly varying source distribution. — A good

representation of wing thickness effects is obtained by a combination of constant
and linearly varying source distributions, provided no discontinuity in slope
occurs on the wing chord. The potential for a source distribution in which the
normal component of velocity varies linearly with the distance from the leading
edge may be obtained by substituting ( £ - 7 /m) in the integrand of equation (16).

For sources distributed in the x, y plane, a = 0, and the integralmay be written

w M 52 (¢ -m/m) d¢
P(x, y, z) = -—= fdny / P 3 (25)
0 : \/(x—g) -8y -m" -8z

where the limits of integration are given by equations (10) and (11) with a = 0.

For regions having a subsonic leading edge, fm<1,

W 2 2 2 2 2
X J)(mx -y)" -(1-"m")z cosh ~1 X -8 "my

2mm
Vv I—Bzrn2 B\/(mx - y)2 + (1 -32m2) z2

X, y,2) =

- (y2 - z2 - 2mxy) cosh—lgX -my \/x2 -32 (y2 + z’z)
BVy +z

2 _,2,.2 2
922z (mx-y)tan-lmZ\/X =B (y +2z27)

(26)
y +2z -mxy
For regions having a sonic or supersonic leading edge fm=1, the inverse
hyperbolic cosine term must be replaced by equations (42) or (43).

The velocity components are obtained by differentiation, as before.

. = _Ef (mx - y)

- -2 -
cosh 1 X-p~my + y cosh 1 X

2
" l\ll —Bzmz B\/(mx -3’)2 + (1 —Bzmz) 22 B\/yz + 22

-1 mz\/x2 - [32 (y2 + zz)
2 2
y~ +z° - mxy

- z tan
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\.'

2

W 2
W - -f“m
:—Tr—)i (mx - y) 1 cosh x - my
2 2, 2
1—;62m2 B (mx—y)2+(1—[3m)z
_cosh™t i
NEn
2 2, 2 2
+ mvx? —Bz(y2+zz)—ztan_1 L\/ZZ_B 2(y +e)
y +z - mXy
w 2
5~ X {7 n —Bzm2 cosh ! x - p my
Tm

g fnx -2+ (1 -p7m7) 27

- cosh"1 —
2
B 3'2 kz

-1 mzx/x2 - Bz(yz 3 73)_ @7

+ (mx - y) tan 5 5
y +7 - mXy

In the plane z = 0

\'J 2

Thus, for constant y,

x direction,

=W, - y/m) for O<y<mx
=0 for y<0, y>mx

\_VX can be interpreted as the rate of change of w in the



Dotential [unction for constant pressure surface. — In cquation (12), Q is

sct equal to the perturbation velocity u on the upper surface of S. The desired
solution will have a constant difference in u cverywhere on S, that is  Au = u
-u' = constant, Before introducing this condition into equation (12), the de-
rivative of u and u' with respeet to the conormal is investigated. Tollowing the

same procedure used in deriving cquation (6),

g_uz B2 a %u 1 au
v ’\/1+:12€ 1+azac
' 2

u' - B7a 1 du'

(28)

aV'—V1+uz E—‘Vl-l- az E

Summing these expressions, the following result is obtained:

Ju qu’ 1 2 d d
— + = Ba*(u—u')nt—(u—u') =0

1 H
oV oV 1+32l 2¢ AL

since (u - u') is constant on the surface S. Therefore the first term in cquation

(12) vanishes, and the equation reduces to

(Y =M%+ (z - ag)? a
0 g, Vo - 82 - B2y - m? - B2G - ag)?
(29)

n;3 2 _g2,, (-5 (-ag
dn

. Au 2
ux, y, 2) = o7 X

Since u = 3¢ /3x, an expression for the potential function may be obtained by
integrating equation (29) with respect to x. Since the potential is zero everywhere
ahead of the envelope of Mach cones defined by the leading edge of the surface S,
the constant of integration is zero, and the potential function, in integral form,

heconies
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T)3 €2 _B._ ___,(\"‘g) (Z_ag)
©0(x, ¥, Z)—rl ( )f d'nf nu (z—a& d§
-2 - 8 (v -m? - B2z -ad)?
(30)
where Au has been replaced by Ap/Zq Ap is the pressure difference across

the lifting surface S, and q, is the dynamic pressure Y Pe M- /2 where p,, 1

the static pressure in the undisturbed flow. Equation (30) thus gives the potential
function corresponding to the obligue triangular region of constant lifting pressure
illustrated in figure 2.

Equation (30) breaks down naturally into two double integrals as follows:

2 (N [ 2 a
Ox, ¥, 7) = %;a—((f)f an f
/7 ‘, Jix - 62 - B2y - M2 - B - a8y
€

3 2

] _1(@:)}' dnJ’ (s - &) (2 - ak) dE

4m\q, ‘ 2. ¢ o] Jix—£12 - B2(y -m)2 - B2(z -2 )2

0 om0 a5 dox-g? g2 -m? B2 -ad
€)

(31)

The integration with respect to £ is carried out first, making use of the inte-
gration formulae in Appendix A. It should also be noted that the first integral is
identical to that in equation (16) for the surface distribution of sources. After

some simplification, the following result is obtained:

2 2 a2
cosh™ (1-B7a")yn -mx B dzl_dn

- a éP) 1
im (‘m , V1-g2a? (1 -B2atyn -y)?+ (2 -ax)?

M3
- L Aj. l'OSh_l y - M
4T a \\u., , "2 2 5
BN(@am - mz)* + m“(M -y)

I

O(x, ¥, z)

J
2 .2 _ . _Rr2
- - 1 cosh~1 1 a m(x - - az) an
1 - B2 al BmA(L - B2 a2) n -+ (2 -ax)”



and combining terms AR

A 773
-1 [4p -1 y - mx
Y (xX,y,z) = ( )/ cosh
ATa Nl BV(an - mz)2 + m2( - y)2

2.2 2
-W1-82a2 coshl —(L=B872% 1M -m(x - B az) dn  (32)
Brv(1-B2a2) (n - y)2+ (7 - ax)?

By repeated application of the integration formulae in Appendix A, the inte-
gration with respect to 1 may be completed, after some lengthy computation,

giving the final result:

‘_1(éR) « tan-1 m(z - ax) Vx? - B2(y2 + 72

|

(p(X, y, Z) - 47

de y[(y - mx) - B2 a(ay - mz)] + (z - ax)?
2
- _2_2'_2 a*/l - Bz(a2 + mz) cosh~1 Xr - B%(my + az)
a®+m BV(mx -3)2 + (ax - 2)2 - B¥ay - mz)?

-1 (ay - mz) Vx2 - ﬁz(y2 + zz)

X(my + az) - yz - z2

+ m tan

2 _ 2,2, 2
1 mztanh_l/\/x Bx(y + z°)

(a? + m?) V1 - B2 a2 tann-! Vi1 - 8% a2 2 - g2y + 22)

x - B2az

+

z X - ,32(my + az)

+ —2— |m1 -B%@2+ mz) cosh™1

a® + m? Bimx -y)2 + (ax - 2)2 - B2(ay ~m2)2
~m tann-l «/xz—ﬁi(yz+ 22)
+ 1 (12 a1 ¥ = mz) Vx? - B;(y22+ z%)

X(my + az) -y“ - z

m(z - axl\/xz - Bz(yz + 72) (33)
y[(y - mx) - }32 a(ay - mz)] + (z - ax)2

- (a2+ m2) tan~!
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This equation isvalid only if ﬁ\/az + m2 < 1 (subsonic leading edge). If
BVaz + m2 2 1 (sonic or supersonic edge), the inverse hyperbolic cosine is
replaced by the inverse cosine [(see equation 43)].

The velocity components may now be obtained by differentiating equation (30),

9 2Q [
where u = -Q, v o= T, W = 20
9 X ay 9z

The evaluation of these derivatives is rather lengthy: however, it can be
proved that u, v, W are merely the coefficients of X, ¥, 2 respectively in
the expression ©(x, ¥, z), given by equation (33). Thus,

O(x, y, z) = ¥u + yv + zZW (34)
and u, v, w may be obtained from equation (33) by inspection[(cf. equations (18)
and (19)].

The results may be verified by evaluating u on the surface z = ax. Sub-

stituting equation (2 0) into the first term of equation (33), then,
ﬁ=i€i=-%:af—‘ for 0 <y < mx
=0 for y < 0, or y = mx

Thus the horizontal component of velocity on the upper surface cxactly equals
one quarter of the pressure difference between the lower and upper surfaces,
divided by g, . Since the horizontal component of velocity on the lower surface
u' is equal and opposite to U, the pressure coefficient on the lower surface must

also be equal and opposite to that on the upper. That is,

C - £ = - 2u
Pipper Yo (35)

Plower Ao

The velocity components will now be written out for the special case a = 0,
in which the triangular region of constant pressure is located in the x,y plane.
Two terms in each of the u and w velocity component formulae require special

attention. The limits of these two terms as a goes to zero are written out below:



. 2 _g2.02 . 2
lim ) 1 [mg tanh -1 Vx B4 (y“ + z4)
a0} a X

e +nlyr—j;ratrm_14@—ﬂ2a%(x - B242 + £2)

x - B2 az
= 2 ‘\/x B2(y2 + z2 (36)
y© o+ Z
lim)1| 2, -1 (ay - mz) x? - B2(y2 + 22)
a—~Uja x(my + az) - (y2 + z2)

m(z - ax) Vx2 - Bz(y27+ z2)
Y[(y - mx) - 82 aay - mzi’ + (z - ax)

- (a2 + m2) tan-1 5

___L '\/X BZ(yZ + Zz) (37)

y+22

The velocity components for this special case (a = 0) may now be written:

__Ap tan-1 MZ Vx2 - B2y2 + 22

u =
3 47 (e y2 + 722 - mxy
) VZ 822 25

vy = _Bp_ = tan~1 T2 zx 2“3 (s 2%) 2 \[X - B2(y% + 22

4T q, | m y© + z¢ - mxy y2 + z2

X - 32 m
w3 = -3 —E-— l—ﬁzm cosh™1 .
T e Bltmx - )2 + (1 - B2 m?) 22
- cosh™t —X | _ 7L2 Vx2 - B2(y2 1 ;2 (38)

By2+22 vy + oz

This expression for wg, With z = 0, agrees with the downwash function
presented by other investigators for a triangular plate with uniform loading.

[(See, for example, equation (32) of reference 9)],
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Classification of the velocity functions. — It is apparent from the preceding

analysis that certain functions appear repeatedly in the equations for the perturba-
tion velocity components and potential functions, equations (18), (22), (23), (33),

and (38). These functions are listed below:

_ 2 _R2..2 2
Fl - tan_l _ m(z ax);/x Be(y“ + z4) .
y[(y -mx) - 87 a(ay - mz‘!]+ (z - ax)
F2 = L cosh1 x - B(my + az)
J1 - B2@2 + m2) By -mx? + (2 - ax)? - By - mz)2

-1 lay - mz) x? - B2(y? + z2)

F3
2)

]

tan 5
x(my + az) - (y° + z

F4 = (F3 - (1 + a2/m?2) Fl) (m/a)

1 Vx2 - B2(y2 + 22)

F5 = tanh
X
F6 = V1 - 132 a2 tanh~! \/(1 - 32 a2) (:{2 - ﬁ‘?'(y2 + 22))
x - B2 az
F7 = (‘5 - (1 + a%2/m%) FG) (m/a) (39)

These functions may all be conveniently rewritten in terms of inverse cosines,

or inverse hyperbolic cosines, as follows:

Fl o 28X -1 yiy-mx)—ﬁ?a(ay—mz):l+(z—ax)?‘r7 )
|z - ax| ’\/[z —atx)2 + (1 —Bza2)y2] [(y—mx)2 + (z —ax)2 - Bz(ay—mz)Q]
F2 = 1 cosh™1 — ﬁz(mx * 2z)
\/1 - ﬁz(a2 + mZ) B\/(y - mx)2 + (z - ax)2 - ﬁz(ay - mz)2
F3 = mz - ax Os_l - Xin’]y + aZ) +4(y2 + 22)
Imz - ay| \/(yZ + 22) [(y - mX)Z + (z - ax)2 - 32(ay - mz)2]
F4 = (1.*3 - (1 + az/mz) Fl) (m/a)
F5 = cosh"1 X

BVy? + 22
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Il

F3 = 7 for z >a/my

(46)

il

-r for z< a/my

In addition, F4 and F7 are unchanged, and F5 and F6 are zero. Thus an
unsymmetric two-dimensional flow region is defined in which the velocity com-
ponents are constant,

The perturbation velocity components may now be expressed very simply in
terms of these new functions. For example:

Constant source distribution (a = 0)

ul = —7111 F2
_w _
v, = (F2 - F5)
W
Wy =7 Fl (A7)

Linearly varying source distribution (a = 0)

w
u, = TX (mx -y) F2+yF5-zF1]
|
Wx i (y2 + ZZ)
\2) =mL(mx—y) (F2 - FH) - —y F4 ~zF1]
= ix— — -y)Fl+z [(1 _Bzmz) F2 - FS] (48)
Yo = —h (mx - y) :

Oblique constant-pressure lifting surface

- _Ap
u3 irq, F1
v, = 2P 1 a(l _p%a% + mz)) F2 + m (F3 + F7)]
3 47rq°°a + m2
w, = 2P n (1 _p%@% + m2)> F2 - F5 + F4] (49)
3 4mq, aZ+ m2
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Visualization of constant pressure velocity components. — The following

figures depict the three components of velocity corresponding to oblique,
constant-pressure lifting surfaces in supersonic flow. For the case a = 0
where the pressure discontinuity is located in the x-y plane (figures 3 to 5), the
veloci'ty components are given for triangular regions having subsonic, sonic,
and supersonic leading edges. The dominant effect of the vortex-like flow
around the side edge of the triangles is clearly visible, as is the narrow up-
wash field in the leading edge region of the subsonic leading-edge wing.

For the nonplanar case, a = 0.2, (figures 6 and 7), the velocity components
are given only for subsonic and supersonic leading-edges. The flow disturbance
is now seen to be centered about the plane z = ax, and is no longer symmetrical
about the x-y plane. An additional discontinuity occurs in the v and w velocity
components in the plane z = (a/m)y (the plane through the x axis that just
touches the leading edge), which corresponds to a sheet of vorticity being shed
aft of the leading edge. It should also be noted that, for the supersonic leading-
edge case, the sidewash and downwash are no longer equal and opposite above
and below the plane of wing in the "two-dimensional region' forward of the Mach
cone from the apex.

The velocity field in a plane perpendicular to the free-stream direction
located one unit behind the apex of a subsonic leading edge, constant-pressure
delta wing is presented in figure 8. The vortex sheet trailing from points along
the leading edge can be seen to generate a circulatory type of flow on the suction
side of the wing. This circulation above the wing may be comparable to the
nram's horn' vortex observed experimentally above the upper surface of highly

swept delta wings.
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SUBSONIC LEADING EDGE
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SUPERSONIC LEADING EDGE
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CONSTANT PRESSURE DELTA WING
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FIGURE 8 FLOW VISUALIZATION — CONSTANT-PRESSURE DELTA WING
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4.3 Calculation of Velocity Components— Line Singularities

Derivation of potential equation. —Equation (1) may be rewritten in terms

of the cylindrical coordinates x, r, and 8 as follows:
2 2
B 0 T Ppp T PST TPy /T (50)
To solve this equation, the perturbed flow will be resolved in two components:

the axial component, defined by the axially symmetrical potential Pg’ and the

cross component, defined by the potential - Place

Then, for the axially symmetric flow,

2 = =y
B qosxx ¢Srr + wsr/r (52)
and for the cross flow,
2 B 2
B ey =9y *¢p /r+ ¢y /r (53)
XX rr T 60

The potential functions for the axially symmetric flow and the cross flow will

be determined separately.

Potential function and velocity components for line sources. —The

solution to equation (52) is well known, and is given in reference 10 as follows:

£
f(&) d
0 \/(; _ g)2 —82 2

where &l = x - Br is the intersection of the Mach forecone from P(x, T} with

the x axis, and in the slender-body approximation f(§) = dSB () where SB(E)

is the body cross-sectional area. dé
For the distribution
S4B = u(e) [L- HE - 0] + o) HE - 0) (55)
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where H (¢ - f) represents a unit step function starting at £ = £, the solution
will represent the flow about an arbitrary body of revolution up to £ =0 followed

by a semi—infinitely long cylinder of cross section equal to u(2). Since

ds
£ (&) = —EB-

then dp
() = h-HE-0]-pe o€ -0 H0 O E-D 56)
where §(t - ) represents a delta function at £ = 2. Replacing £(£) in equation

(54) by equation (56) yields

£y du
pglX, T) = - f aE [1-HE-D1-pE s(E -+ ul)s & -0 &
Vix-52-p%?

which becomes for §l < ¢

£, %% d
Po(x, T) = - f (58)
> 0 f(x- &)Z-ﬁzrz
or for §1> 2
[
P(x, ¥) = -
S 0 \/(X 52 - 52,2 (59)

If 2 is taken to represent the end of the body, then equation (58) governs the
flow ahead of the Mach cone from the end of the body. Equation (59) governs
the flow behind the Mach cone from the end of the body.

For the case %‘2—1 = kSE , equation (57) represents the potential due to a
line source of linearly varying strength distributed along the x axis from

x = 0 to x = £. The solution to equation (57) for this case is given as

og. = Kg )~ xcosh_1 X 4 VP - Bzrz }
. & (G0)
)

- kg H (£, - £) {—xcosh_l %‘r—ﬁ+ \/(X—ﬂ)z-ﬁzrz}
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Note that the unit step function lies along the Mach cone from the end of
the body. Ahead of the Mach cone,only the first two terms of equation (60)
make up the potential, while behind the Mach cone additional terms are
necessary.

The velocity components corresponding to the linearly varying line source
may be obtained by differentiating the potential function and are listed below:

89031 -1 x-14 4

_ -1 x| - +
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<
|

Us1 T Tox S BT
) k K i
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. -1%s1 .
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(61)
Similarly, for the case %gﬁ = kS EZ, equation (57) represents the
potential due to a line source of quadratically varying strength distributed along
the x axis from x = 0 to x = £. The solution to equation (57) for this case is
given as

2 2
_ 3. /2 22 (=2 gr) -1 x
Pgo = ks{zx X" -B87r (x + 5 cosh -—Br}

" 2 2 .
" kg H(Sy - 2){3x2+ L= 0% - 522 - (x2+ BTY) cosh™? %{ (62)

The velocity components are

09
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Uso ox
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Potential function and velocity components for line doublets. —The solution

to equation (53) is also given in reference 10:

:
1
o (x, T, 0) = ﬁ_f’j m(¢) (x - §) df
D r (64)
N N Y o =
as(8)

wherein the slender-body approximation m(§) = —aE

For the cross-sectional area distribution given by equation (55),

me) = qL [L-BE-0]-n @ 8E-DFn0 -0 (65)

Replacing m(¢£) in equation (64) by equation (65) yields

d

cos 8

d
fl W [-EE-DI-n@6E-DFAWIE-] Kk-bd

C¢p X T, 0y = =,
0 \/(X _ E)Z _ Bzrz

(66)
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which becomes for §1 <4

d
_ cos 0 fgl d—g—(x'i)di
¢D(X9 r, 9) - T (67)
Vix - )2 - %2

or for §1 >4

[} dn
oy = cos®@ f q¢ (x - ¢§)dg
‘PD(X’ r, )— T 0 5 55 (68)
\/(X-é) -Br

For the case %7&1 = kDg, equation (66) represents the potential due to a

line doublet of linearly varying strength distributed along the x axis from

x =0 to x =2. The solution to equation (66) for this case is

_ cos 0 /2 2 2 2.2 -1
<PD1 = kD*Zr {x X" =-8"r" -B87r” cosh %
x-ﬂ?

e (- 0) {<x+ 0 Vix - 02 - 822 - 322 cogn |
(69)

The velocity components corresponding to this case may also be obtained

by differentiation and are listed below:

221 _ kpeost
D1 0x r X' =fr
-l 9527 meg, -ﬂ){v(x R A . ) }
\/(X~£)2-/32r2
do —kD cos 6
= D1 _ 22 -1 x 2 2.2
YD1 T T5r 2r2 {6rcosh B—r+x x-Br}
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= kDﬁz, equation (66) represents the potential

Similarly for the case %ﬂg
along the x axis from

due to a line doublet of quadratically varying strengths

x =0 tox = £. The solution to equation (66) for this case is

kD cos B (_2 2 2
- X +28r _ 2.2 -1 X
D2 m { 3 /X2 _ Bzrz xB8r" cosh Br;

@.

cos 0 2 2 2.2
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- x62r2 cosh™} Xﬁ-fﬂl (71)

The velocity components are
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(72)

It should be noted that although some slender body theory notation has been
used in deriving the above line singularities, their strengths are calculated by
the classical Von Karman-Moore method (reference 11) in which the appropriate
boundary conditions are satisfied on the body surface (equation (98)) and not on

the body axis as in slender body theory.
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4.4 Formation of the Aerodynamic Matrix

Geometrical considerations. — A detailed description of the geometry of

the wing-body combination is deferred until section 5. In this section, only
sufficient geometrical description will be given to continue the development of

the aerodynamic theory.
Briefly, the wing and body geometry is specified with respect to an arbi-
trary coordinate system, or "defining axes" X, Y, Z, as illustrated in the

following sketch. The defining axes may be inclined at an angle of attack © D to

the free stream.

Ueo

The body is restricted to have circular, or nearly circular, cross sections,
but may have arbitrary camber and incidence. The wing may have any planform
that can be approximated by straight-line segments and can be mounted at any
height above or below the body axis. The effect of dihedral is not included. The

wing sections may have arbitrary camber, twist, incidence, and thickness

distributions.
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The '"body axes'" x, y, z are established by the geometry definition program
so that the x axis passes through the centroids of the body cross sections at the
nose and base, while the y axis remains parallel to the Y axis., The body coor-
dinate system is therefore related to the defining axes by a simple transformation
involving a translation of the body in the X-Z plane, followed by a rotation about
the Y axis through the angle « A+ For most configurations, the wing and body
can be specified most simply in terms of the body axes directly.

Referring to the sketch, it can be seen that in general the x-y plane will be
inclined at an angle & = apy - ap with respect to the free stream. The compo-
nent of the free-stream velocity parallel to the x axis is U_ cos «, and the com-
ponent parallel to the z axis is U, sin «. In the following analysis, it will be
assumed that « is sufficiently small so that cos & ~ 1 and sin & =~ a. There-
fore, for all practical purposes the axial component of the free-stream velocity
may be set equal to the free-stream velocity U_, while the cross component,
which represents the additional effects of an angle of attack, is set equal to U, «.
This approximation is consistent with the underlying assumptions of linear theory
and introduces considerable simplification into the analysis.

The transformed body is now approximated by an equivalent body of revolu-
tion about the x axis. Each section of the equivalent body has the same cross-
sectional area as the original body, while the body camber is defined by the heights
of the centroids of the original sections above the x axis. The transformed wing
is defined to lie in a plane parallel to the x-y plane, located at an average height
z, above or below that plane. The line of intersection of this planar wing and the
transformed body is calculated within the program.

Finally, the surfaces of the transformed wing and body are subdivided into a
large number of rectilinear panels. The leading and trailing edges of these panels
may be swept forward or back in an arbitrary way, but the side edges must be
constrained to lie in planes parallel to the x axis. To meet this latter require-
ment, each panel may be further subdivided into two or three parts, to be de-

scribed later. The panels are defined by the x, y, z coordinates of the four
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corner points. A typical panel arrangement on a wing-body combination is illus-
trated in figure 1 (page 11).

A primed system of coordinates is now introduced, originating at a specified
corner point k of panel j. The x' axis is defined to be parallel to the x axis,
while the y' axis is defined to lie in the plane of the panel as in figure 1. It can
be seen that, in general, the x'-y' plane is inclined at an angle 0 to the x-y
plane. It should be noted that the panel may also be inclined to an angle aj =

dz'/dx' with respect to the x'-y' plane, as illustrated in the following sketch.

X

The panel corner point-numbering convention is shown on the sketch. The
leading edge lies between points 1 and 2, and the trailing edge between points 3
and 4. The projection of the leading edge in the x'=y' plane has the slope mjl’
while the projection of the trailing edge in the x“-y' plane has the slope rnj 3"
Note that my = mjo and my3 = Mjg- The side edge between points 1 and 3
always lies in the x'-z' plane, and the side edge between points 2 and 4 always
lies in a plane parallel to the x'-z' plane,

The coordinates of a point 1 (Xj, ¥is zj) may be expressed in terms of the

primed system of coordinates originating at corner k of panel j as follows:
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y'ijk = (y; - yjk) cos 9]. + (zy - ij) sin Gj

z'ijk = (z; - ij) cos 9j - y; - yjk) sin GJ. (73)
C; B
where  cos 6; = —_—1 ; sin Gj = —1
VB2 + ;2 VBjZ + ;2
and Xj1 Zj1 1 Xj1 ¥j1 1
Bj =1 %222 11 Ci = | %52 ¥j2 1
*j3 253 1 Xj3 ¥jg 1

In general, the point i will be located at the control point of panel i. Note that
0= 0 for all wing panels is a linearizing assumption.

Superposition of the velocity components for the surface singularities, — For-

mulae for the three velocity components u, v, w are given in section 4.2 for the

three types of surface singularities chosen: constant and linearly varying sur-

face distributions of sources and surface distributions of vortices. The vel-

ocity components are derived for the elementary case in which the surface

singularities are located on semi-infinite triangular regions and are expressed

in terms of the coordinate system originating at the apex of this triangular region.
The velocity components induced by a distribution of singularities over a finite

panel may now be obtained by combining four such elementary solutions originating

at each of the four corner points of the panel using the method of superposition.

The procedure is illustrated by the following sketch:

1 1 Il\\
| \\\
| ~o )
I |
2 q | ,
3 !
! |
2 3
FINITE PANEL = (REGION 1 -~ REGION 2) - (REGION 3 ~ REGION 4)
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The effect of a semi-infinite strip of singularities having the same width as
the panel is obtained by subtracting the triangular region with origin at corner
point 2 from that originating at corner point 1. Both regions must have the same
leading-edge slope and constant singularity strengths. The singularity strength
everywhere outside this strip is now zero. If the semi-infinite strip correspond-
ing to the difference between the triangular regions originating at corner points
3 and 4 is now subtracted from the original strip, then it can be seen that the con-
stant singularity strength will be limited to the area enclosed by the panel and
will be zero elsewhere. It is not necessary for the second strip to have the same
leading-edge slope as the first, but it must have equal strength.

In the method of aerodynamic influence coefficients, all the singularity dis-
tributions are defined to have unit strengths; consequently, the superposition of
the velocity components corresponding to the elem entary surface singularities

may proceed directly. For example, the velocity components at the control point

of panel i due to a distribution of singularities on panel j may be written as follows:

u'y; = dijl - iz T 93 T i

AATRR 1P St { rij3 T Tij4

W'ij = Cyj1 ~ cij2 - cij3 + cij4 (74)
where dige = F@'5 Py £k Vi 2k
Tijk = B s@'y, by 'k Y'igke z'ijk) (75)
e = B D@ Pl Blijle Vg 2'jk)
(z:in - 277) €08 0; - (¥y3 = ¥y ) sin 6;
and a'y = B tan aj = 13 i1 ’Jf 13 i — (76)
X. - X.
2 1
b'jk:ﬁrln- ~ B¢ - -)cos]6-+(]z- -z-)sin@-’k—l’2
jk  PViz 70t j v 2 T AL J]
(77)
X - X
ST ,k=3,4

B ﬁ[(y]-4 - ¥j3) cos Gj + (254 - zj3) sin Gj]

Also, g‘ijk = X'ijk/ﬁ where and z'ijk are defined by

Xk, Y ik,

equation (73).



The functions P, S, and D in equation (75) are written out in full in Appendix

B for each type of surface singularity.

Calculation of the aerodynamic influence coefficients for surface singularities. —

The velocity component that is both normal to the body axis and in a plane which

is parallel to the body axis and perpendicular to each panel surface through its con-
trol point is required. The magnitude of this normal velocity component induced
at control point i by the distribution of singularities of unit strength on panel j is

defined to be the aerodynamic influence coefficient 84;. An expression for the aero-

j.
dynamic influence coefficients may be derived by an examination of the projections
of the velocity components in a double-primed system of coordinates associated

with panel i, as illustrated in the following sketch:

CONTROL POINT i

2

PANEL
SURFACE

I+u"

-

INFLUENCED -,

PANEL i
A OBLIQUE VIEW A-A

INFLUENCING
PANEL j

Then ajj = w'jj = w'jj cos (6; - Gj) - v'jj sin (§; - Gj) (78)

The other two components of velocity may be written

"= gt
u 1] uIJ

= y! - ! i . - 6.
v v’y cos (6i Gj) + w jj sin CA 6]) (79)
where u', v', and w' are given by equation (74).
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Additional subscripts are used to classify the aerodynamic influence coeffi-
cients according to the location of the control point i on the wing or body, the
location of the influencing panel j, and the type of singularity the panel contains.
For example, the influence on wing panel i by a surface distribution of vorticity
on body panel j is denoted by aWBVij’ and the influence on body panel i by a
surface distribution of sourceg; on wing panel j is denoted by aBWSi]-‘

Certain special cases will now be considered so that the formulation of the

aerodynamic influence coefficients can be completed.

Multiple-part panels: There are certain areas on the wing and body where
the panels cannot be repre sented by a single planar region in which both side edges
lie ir planes parallel to, or coincident with, x-z' plane. These areas may occur
at wing tips, along wing-body intersections, and on the surfaces of opening or
closing bodies. In these areas, the panels must be further subdivided into two
or three parts, each part of which meets the side-edge requirement, as illus-
trated below. It should be noted that a triangular part is considered to have a

side edge of zero length.

STREAMWISE SIDE EDGE
OF ZERO LENGTH

= +

PANEL WITH OBLIQUE PART 1 PART 2
SIDE EDGE BOTH PARTS HAVE STREAMWISE SIDE EDGES

In case a multiple part panel is an influencing panel, the velocity components
induced by each of the parts at a given control point are calculated separately, and
the total contribution is determined by adding these individual components to-
gether. The influence coefficient is then formed from these velocity components

as before. If the influenced panel is a multiple-part panel, the velocity components and



influence coefficient are calculated at a single control point representing the com-

bined areas.

Panels having negative slopes: The formulae for the velocity components
have been presented only for the case in which the semi-infinite triangular region
containing the singularities has a positive leading-edge slope (m 2 0). These
formulae may be extended to the case in which the region has a negative leading-

edge slope by applying a slight variation in the superposition procedure used to

calculate the effect of a finite panel as sketched.

SUPERPOSITION OF TWO -
REGIONS HAVING NEGATIVE
SLOPES

~o

Y2' =

J 1
X1 X,
1
—y1 )
STRIP HAVING SUPERPOSITION OF TWO REGIONS
NEGATIVE LEADING- HAVING POSITIVE SLOPES IN
EDGE SLOPE REVERSED AXIS SYSTEM

The influence of a semi-infinite strip of constant pressure at a given point i
may be calculated by taking the difference of the influences of the two semi-infinite
triangular regions of negative slope having vertices at corners 1 and 2, as before,
However, this case is calculated in an equivalent manner by taking the differ-
ence between the influences of the two semi-infinite triangular regions having
positive leading-edge slopes as shown in the right part of the sketch, where
the order of subtraction and the direction of the y' axes from the corner points

must be reversed. The velocity components are still given by the formulae of



{

equation (58), with the following modifications to the terms Qj5k, Tjjke and

Cijk

qy = *P @5l £t ik 2 1jk)

rig = B S@HE e %Y e 2 ik

ok = =B D@ o £y gk 21k (80)
where + is for my; 2 0
and - is for mjk < 0

Panel symmetry effects: For configurations having panels located symmetri-
cally on the right and left side of the x-z plane, it is possible to introduce consid-
erable simplification into the computer program by calculating these symmetrical
panels in pairs. The formulae for the velocity components in the double-primed
system of coordinates associated with panel i have been given by equations (78)
and (79). If panel i has an image panel 1 associated with it, located on the oppo-
site side of the x-z plane, the velocity components in the double-primed system

of this image panel may be written

W”ij = W'j; €S (8; + Gj) Vi sin (6; + Gj)

;/n
ij

w! 3 _ !

W'y sin (9i + GJ.) v'yy cos (6; + Gj) (81)
The sketch on the following page illustrates the geometrical relationship be-

tween the panel i and its image panel i, and the location of the influencing panel j.

It can easily be seen that the velocity components for both cases can be

expressed by the single pair of formulae as follows:

w”ij = w'ij cos (Gi + ej) + V'ij sin (6; + ej)

i W' sin (6; * Gj) *  v'yy cos 6; * 6 (82)

Il
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provided that the y‘ijk and Zyijk coordinates used in equations (75) or (80) are

replaced by

Il

( = i - yjk) cos 9j + (7

- ij) sin GJ.

= (z; - ij) cos Gj - (£ ¥ -y sin Gj

where the upper sign is used for i and j on the same side of the x-y plane

and the lower sign is used for i and j on the opposite side of the x-y plane

(image panel i)

IMAGE PANEL i

PLANE OF REFLECTION ==—— !

(x=2P

LANE)

in both of the ahove equations.

0

j I
y
INFLUENCING)/'

IPANELJ‘

S Tl L/ ——

0
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Calculation of the aerodynamic influence coefficients for line singularities. —

The line singularities used to represent the effects of the body thickness,
camber, and incidence are located along the positive x axis. The component of

velocity induced by these singularities which is normal to the x axis and in a

plane parallel to this axis and perpendicular to the surface at a control point
is required. The magnitude of this velocity component induced at control point
i by the kth singularity of unit strength is defined to be the aerodynamic in-
fluence coefficient a - The following sketch illustrates the geometry for a
control point on the surface of the body and for a control point on an arbitrary

panel:

ggNRS%LREE(':NET ON CONTROL POINT ON ARBITRARY (WING OR BODY) PANEL

On the surface of the body, 61 is given by the angular position of point i,
measured from the x-z plane. On wing (or body) panels 6; is given by the in-
clination of the x'~y" plane to the x-y plane as before.

On the surface of the body,

a, =V
ik ik (84)
On the surface of a panel,
Ak = Vrik cos (Gi + 0,) - Veik sin (6; + 6,) ' (85)
where
y.
-1 71
6 = tan = —
A
i ZAi



2 2 2 . .
x;-x%x) -B1 for line sources of linear variation,

v. = Ve = T
ik i
i Slik
1 5 2.3 2 2 -1 % 7%
A = = - - - - _ PR S
r.. Vo .y (xi Xk) ‘/in xk) B r, B r, cosh ar.
ik 52, i i
ik
for line sources of quadratic variation,
cos 0, X. ~ X
2 2 -1 7 k 2 2 2
v =V = B r. cosh +(x.-x)\/(x.-x) -B°r,
ik b1, or.2 1 Ar; L !
ik i
for line doublets of linear variation, and
- cos 0. (x, - xk)2 - 4521'12 5 5 2
Yy = Vr = R 1 3 /<X1'Xk> -Br (86)
ik D2, v, 1
ik i
X, - X
2.2 -1 i k .
- for 1 doub
+ (xi xk) B r, cosh ﬁri or line doublets
of quadratic variation. Similarly,
v = v = v =0 for line sources,
O s 9 s
1 ik ik
) 4 X, -X
A = v, = :_5_1.%_0_ (Xi - xk) \/(Xi - xk)2 - /321'2 - Bzriz cesh 1 —lﬁ,r—k
ik D1, 2r, 1
ik i
and ‘
2 2 2
_ _-sing ) |¥ X T2y 2 2
\£ = V() = ) 3 (X, -x,) - 8r.
ik D2, r, i 7k i
ik i
X, - X
-(X. - X)) Bzr.z cosh_l L k for line doublets, and
i k i Bri
X = x coordinate of the origin of the kth line singularity. (87)




The control points i are restricted to lie ahead of the Mach cone from the end of
the body; i.e., glg [

The aerodynamic influence coefficients induced by the line singularities are
also classified by the use of subscripts in a manner similar to that used for the
surface singularities. For example, the influence on wing panel i by the kth
line source of linear variation is denoted by awBS1j) and the influence on body

control point i by the kth line doublet of quadratic variation is denoted by

aBBD24"

Resultant normal velocity at a control point, —The resultant normal velocity

at control point i may now be obtained by adding the normal velocities induced
by local cross flow to those induced by the various singularities. The local
cross-flow velocity normal to the surface, nondimensionalized by the freestream
velocity U_, is & cos 6;. On the body, the local angle of attack is assumed to
be the difference between the angle of attack a and the slope of the body
camber line.

The resultant normal velocity on body panel i may be expressed as follows:

dz
"B, ~ (O" a'xg) ¢0S 8; " "pps, " "BBD, *Pppy, " "BWY, * PBws, (88)
K
where nBBSi - aBBSlil TSl i kgl aBBSZik TSZk (due to body line sources)
K

= a S D DA T (due to body line
"pBD; ~ "BBDL; D1y "BBDZy D2 goublets)

NB
n = a p {due to surface distribution of
BBV, j=1 BBVij Bj vorticity on body)
NW
Npwv, = & apwv.. Pw. (due ?o‘surface' distribution of
i j=1 ij j  vorticity on wing)
NT
Dpws, = & apws. (due to surfac? distribution of
i j=1 ij Tj sources on wing)



As indicated above, the normal velocities induced by the various singular-
ities may be expressed as the sum of the products of the influence coefficients
with their respective singularity strengths. The influence coefficients have been

described previously; the singularity strengths are defined below:

TSl = strength of linearly varying body line source 1
TSZk = strength of quadratically varying body line source k
TDl = strength of linearly varying body line doublet 1
TD2k = strength of quadratically varying body line doublet k
Py = pressure difference across body panel j
PV;. = pressure difference across wing panel j
J (dZT) . . . :
Up = =] = thickness slope at leading edge of wing panel j
J J

For the summation limits above, there are K < 50 line sources and
doublets, NB < 100 body panels, and NW < 100 wing panels. The number of
wing thickness singularities NT = NW + NC, where NC is the number of chord-
wise columns of panels on the wing. The number of singularities used may be
chosen arbitrarily for each problem.

Likewise, the resultant normal velocity on wing panel i may be written

Ny = @+ “wes, * "waD, * "wpv, * A Wws, (89)

1

where nWBSi = aWBSlilT81 + kzz:l aWBszik TSzk (due to body line sources)

NWRD. = aWBSD D1 Z a’WBD2 TD2 (due to body line doublets)
i i1 k

Z
ov)

aWBV (due to surface distribution of vorticity
on body)

rlWBVi =

Mg LM

Awwv. Pw (due to surface d1str1but10n of vorticity

"wwv, =

i j=1 ij J on wing)
NT
WWSi - j2=:l z WWSij aTj (due to surface distribution of sources

on wing)

Note that, by definition, 91 = BJ. = 0 on all wing panels.
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Boundary conditions. —The boundary conditions equate the local flow direc-

tion to the slope of the surface at the control points, where the local flow
direction is defined as the ratio of the resultant normal velocity to the axial
velocity. Tor example, the boundary condition at control point i on the wing

may be expressed

e (2)
i i
and on the body
"B
T (%‘x{)l (61)
i
The resultant normal velocities nBi and nWi are defined by equations (83)

and (89), respectively. The resultant axial velocity, expressed as a fraction of
the free-stream velocity, is assumed to be unity on the wing. On the body, how-
ever, it is customary to include the axial velocity perturbations due to the line

sources and doublets. Correspondingly,

“p, " "BBS, * UBBD, (92)

All other axial velocity perturbations are assumed to be small and are neglected.

The boundary conditions may be used to determine the strengths of the vari-
ous singularities representing the wing-body combination. In this report, the
body geometry, wing thickness distribution, and planform are always specified
in advance. The wing camber and twist distribution either may be given or will
be determined by specifying the lifting pressure distribution or minimum drag
condition. As a result, the boundary conditions are most easily satisfied by
solving equations (90) and (91) in three steps.

In the first step, the boundary conditions on the wing are divided into two
parts, one associated with the lifting effects, the other with the thickness

effects. The surface slope of the wing may be expressed as follows:

dz dz
(%) - (—df) . (TX?) (93)
1 1 1
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where the upper sign refers to the upper surface, and the lower to the lower

surface. Substituting equations (87) and (89) into equation (90):

dz dz
C Ty _
(dx )i * ( ax )i - ¢ fwes "wBD, ' "wv, * "wwv, " wws, 09
The wing thickness effects are represented by a combination of constant and

linearly varying distributions of sources on the panels, as shown in this sketch:

-
——-

y

A
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__>A WING SECTION SECTION SLOPES
WING PLANFORM

For each chord, the wing section is approximated by a series of parabolic arcs
having continuous slopes along the panel edges. This is achieved by super-
imposing linearly varying source distributions across the chord so that the
section slopes are exactly satisfied at the panel edges. Other constant source
distributions are located along the leading and trailing edges of the wing to
simulate the discontinuity of the section slope at these points, The method is

restricted to wing sections with a finite slope that does not exceed the Mach

angle at the leading edge.
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The normal velocity at control point i may be expressed as
N

ZT . dzT
4 WWS,. \ dx J.
j=1 j

ij

dz
T
* ( dx )i (95)

since aWWSi j =+ (1- ki) for source j originating along the leading edge

nWWSi

of panel i
Aws = + k, for source j + 1 originating along the trailing edge
i, j+1 .
of panel i
AWWS = 0 for all other sources on the wing. ki is the chord
i,]

fraction of the control point location. The geometry is

shown below (from sketch on previous page):

/—— CONTROL POINT i

i) (57 (dd_XT)j”
<4) </ -

ol Ny

. k- N\
SOURCE | B e e SOURCE j+1

Thus, it can be seen that the given slope of the thickness distribution at con-

trol point i, (dZT/dX)i’ is in fact the desired strength of the surface source dis-
tribution on wing panel i and satisfies exactly the wing thickness boundary
condition on both surfaces. Equation (93) may now be expressed in terms of the
slope of the wing camber surface alone, as follows:

dzC
<BX—>1 - @ * Mwes; " "wsp; T "WBV; T "wwyy (96)

The various normal velocity components are written out in terms of the aerody-

namic influence coefficients following equation (89).
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In the second step, the strengths of the line sources and doublets are deter-
mined that completely satisfy the given boundary conditions on the body, assuming
no interference effects from the wing. For this step, equation (91) is written as

follows:

dl(1+u )+£1£ u —a—iz—c-cose-+n +n

T "BV, * "BWV, T "Bws; (97)

This equation is now broken down into three parts so that the unknown singularity

strengths, TSl and TD1 , can be determined independently.
< <

FFor the line sources,

dr _
(d?)i 1+ uBBSi) " "BBS, (98)
For the line doublets,
dr dzc
(agi “pBD; ~ "BBD, ' \*7 A/ % & (99)

The remainder of equation (96) then expresses the condition that the resultant
normal velocity components on the body due to the wing must be canceled by the

distribution of vorticity on the body panels; that is,
"BBV, - (Bpwv; * "pws,) (100)

The various normal velocity components appearing in equations (97), (98),
(99), and (100) are written out in terms of the aerodynamic influence coefficients
following equation (88). The third step is to solve equations(100) and (96) simul-
taneously to yield the pressure differences across the wing and body panels that
will satisfy the remaining boundary conditions on the wing, once the strengths of
the line sources and doublets on the axis are determined from equations (98) and
(99).

Determination of line sources and doublets. —The strengths of the body

line sources may be determined by a modified version of the classical
Von Karman-Moore approach (reference 11). In the Von Karman-Moore
method, the solution assumes a singularity distribution made up of a series of

linearly varying singularities with various starting points along the x axis. The

G



i

solution may be made smoother by adding quadratically varying singularities to
approximate the singularity strength. This was found necessary by Van Dyke
(reference 12) in obtaining his second-order solution, and has been useful in
obtaining smooth first-order solutions in the field around a body of revolution.

The method is outlined in the following sketch:

Az

%y, fiet) CONTROL POINT i

———

Pt
o 1) I
T

k ORIGIN OF KM LINE SOURCE

ORLIRELL®

The body is considered to be made up of a series of parabolic arcs and is
defined by an array of radii and stations which act as control points.

A linearly varying strength source is placed at origin k = 1 to give the
proper conical tip. The strength of this source is determined by the tangency
condition at the nose of the body.

tan &
= N (101)

Ts1 — [cotoy
Vv cot? 5N'Bz +tan & cosh

B

where GN is the semivertex angle of the nose.
A quadratically varying source is also placed with its origin at the tip; it
satisfies the boundary condition (equation 98) at i = 1.

dr
a T + a T = 1+u T.. +u T
BBS1 "S1 BBSZ11 szl (Hk >1 [ BBS1 “S1 BBSZ11 821}

(d_r) ] [ (L) . ]T
dx 1 BBSl11 dx 1 BBSl11 S1

dr

a -5 u
BBS211 (dx)l BBS2

which yields

T =
SZl

(102)

11
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where apps] and aBBSZik have previously been defined by equation (87),

X.—Xk

-1 7
U = - cosh & ———
BBSlik Bri

for linearly varying sources, and

X, - X
i k

Br,

2_ 52,2 -
2 (xi-xk) - Ber, -Z(Xi—xk)cosh :

A (103)

U =
BBSZik
for quadratically varying sources.
At subsequent stations the expression for quadratically varying sources is
i-1
dr dr X dr)
—_ - -{=—] u Toq, - E a -t=] u T

) (dx)i [aBBSIil (clx)i BBSlil] S [ BBS2, ~ \ &) BBSZik] 82,
82, B dr'

T

—

4BBs2,, - (dx) UBBS2,,
ii i ii
(104)

The end of a closing body presents a special problem, since the influence
coefficients cannot be evaluated on the axis. The boundary condition used is
that the net source strength at the end of a closing body must be zero. The
manner in which the source strength varies along the x axis is known, as well
as the strengths of the previously evaluated singularities. Therefore, at the

end of the body, i=K, r; = 0.

K
2 _
(x - Xg) Tgy + 1'2=:1 (xXg - %) Tszk =0

which yields
K-1 9
- g - %)) Tgp = 20 (3 - %) Ty
k=1 k

st " T

In this analysis the kth 1ine source originates at the distance X = (x - Br); 4

T (105)

from the nose of the body.
The strength of the body doublets may he found by a method similar to that
used for the sources. The boundary condition [equation (99)] may be written in

terms of the aerodynamic influence coefficients

K
dr B
(dx) [uBBDl. Tp1* 22 Usppz. Tp2, | = ®BDL.. TDI
i il k=1 ik k il
K dz (106)
+ a T +(a-==) cos 8
2. 2BBD2, D2 ax |. i
k=1 ik k i
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dz
cl .
where (oz - dx) is the local angle of attack, aBBDlik and aBBDZik have been
previously defined by equation (87), and
_ cos 6 v \2_ p2,.2
UBBL, ~ T, T A
ik i
for linearly varying doublets, and
X, = X
_ cos 0 ] 522 .2 2 1% k|
“BBDZ, T T {(Xi - "k)/(xi - %) - Flry” - Brycosh T g 3(107)

for quadratically varying doublets.
Now both upBD;). and apBD; contain cos 6; internally, which is eliminated

from equation (106) by placing

UBBD,,.

u1 _ ik

BBD, cos 0,

ik i

and
a

N _ BBDy

BBD.,  cos §.

ik i

The result may be written

dz, ' dr) &
(a N ch)i - [aBBDlil } (&)i “BBDI1, ]TDl - Z

1 k=1
ar}
i (dx) “BBDz, ]TDZ
i ik

1
ABBD2,
ik

(108)

k
Following the same procedure as before, a linearly varying doublet is placed

at the nose of the body with strength

dz
o7
dx/nose
T, = (109)

D1~ cot &
g[/cotzéN—Bz+ Bcosh_l( 3 N)+ tané(/cotzéN—Bz )
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Also placed at the nose is a quadratically varying doublet with sirength *
dz
< . _(4ry)
- (“ T ) T [aBBDl (dx) “BBD1 ]Tm
1 11 1 11 11
b2, = ans - () W (10
BBDQ11 dx 1 BBD211
and at subsequent stations
dz i-1
e\, [, dr dr
- (“ - E).' [ 2BBD1 .. (d}\) UBBDI, ]TD1+ 2 [aiaBDz - (dx).“imm. ]Tnz.
T _ il i1 i il k=1 ik i ik i
D2,
i al dr
BBD2;; - (& BBD?.,
1 11
(111)
At the end of a closing body, i=K, r; = 0.
K-1 P
" g = xp) Ty - E (g = x)" Ty
k=1 k
T = (112)
D2x X, - (x - gr).. ]2
[ K K—l]

Calculation of 1lift distribution on the wing. —As stated earlier, equations

(96) and (100) may now be solved for the magnitudes of the pressure differences
required across the wing and body panels to satisfy the remaining boundary

conditions, On the wing,

dz
={—-L) - - -

"wBv, " Mwwy, T ( I )i " Mwas, "WBD, (113)
where the last two terms represent the normal velocity on the wing due to the
body-line sources and doublets. To simplify the following analysis, these two
terms are combined

K
"W, ~ "wps, * "wap, = ®was1,, Ts1* 2 wpsa. T " %wep1,. Tps
i i i i1 k=1 ik k il

X (114)
* 1?‘:31 “wppz, D2

k k
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On the body,

Ny

Nppy. " fewv. ~ ~ "BWS, ; Apws.. “T. (115)
i i i j=1 ij J

The last term represents the normal velocity on the body resulting from the
wing sources.

Equation (115) is the general expression for the normal velocity on the ith
body-panel control point. There are NB < 100 such equations. Similarly, equation

(92) is the general expression for the normal velocity at the ith wing panel control
point, resulting in another Ny < 100 equations. This combined system of Ng + NW
equations is sufficient to determine the NB values of ij and the Ny, values of py, -

J
For example, the equations may be written out as follows:

Np Ny

& aBBVlj . ij + & anvlj . pWJ _ ansl

Np Ny

2 aBBsz . pBJ. + & aBWVZj ij - - ngws,

Ng Ny

=) aBBVNB]_ »ij + < aBWVNBj 'ij = - nBWSNB

Ng Ny d

< aWBVlj . ij + s aWWVIJ- . pWj _ (ég)l_ o - nWBl
B Nw

dz.
L3 = - - a -
"WBV,; * ’B; ]; MWWV, PWy dx /4 "WB,

—
i1
(-

oz}

™

N Nw dz,,
_{Z¢c _ _n
awpv, PB. T & Bwwvy W, ax @ - "wp, (19
=1 VV] ] j=1 N \V] ) N\V \

—
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This system of equations is more simply expressed in the following matrix

form:
o . - '
r_“-BB\'“ “BBVyy - ¢ - aEB\'INB | “BWvy; ®Bwv,, - - - anlew rf’B; W - BBWS; )
it - a >
'BBV,; BBV, I' “Bwvaw B, ~ "Bws,
“BBVy | g
_ Ng ! N, i BWs,,
— — — e e —— — t— — —— — — —— m— — p— B
fWBV ey AT Gl T >
I '\11 1 —d;l_a;HWBI
WEBV, . dz |
BV ! Wy (_( S % - nypg,
| T
|
. ' -
aypy | Ay Py dz
N1 ] \\WVNWNW Ng (—“ - nwp
J L J dx N ,J
(117)

The matrix of aerodynamic influence coefficients is normally referred to as
the aerodynamic matrix. This matrix can be conveniently partitioned into four
parts, as indicated, one giving the influence of the body on the body [ABB] , the
next giving the influence of the body on the wing [AWB] » the next giving the in-
fluence of the wing on the body [ABW] » and the last giving the influence of the

wing on the wing [AWW] In terms of these submatrices, equation (117) becomes

[4BB] [ABW] b " "Bws
=3 dz (118)

[Awe]  [Aww] | | Pw = - nwp

This matrix equation may now be solved for {pBJ and { Py | as though it

were a system of two linear algebraic equations, as indicated helow:

[458] [PB * [ABW] lpw= = ‘f “BWS}

PWB] {PB} * [Aww] {pw} ,ddif

- o (119)

- Nwp }
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The first equation gives:

\ pB} = -[ass] ™ {‘HBWS} + [2pw] ‘Pw\} (120)

Substituting this into the second equation,
[[Aww] - [Aws] [ABB] [ Apw ]!pw} = {[AWB] [4BB] ! [“Bws}

dzc
{52 - - )

which yields the lift distribution on the wing, provided the slope of the camber

surface and angle of attack are specified:

) - P | frws) o] o] < (52 @ ~un) | e

= - -1
where [AR] = [[AWW] [AWB] [ABB] [ABW]] (122)
is referred to as the "reduced' aerodynamic matrix.
The pressure difference across the body panels, { pBl, may now be deter-
mined from equation (120). This completes the determination of all the singularity

strengths for a wing-body combination of given geometry.
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4.5 Calculation of Pressures, Forces, and Moments

Pressure coefficients. —The pressure coefficient is defined as

P-D, 9 P-DP,
c = =
P1/2pu’  vMeE Po (123)

For isentropic flow, this may be rewritten as
Y

-— 'Y-l
C =__2_{[1+'—y‘—1M°02 (1—(1+u)2+vz+w2)J -11 (124)
p 2 2

Moo

where u, v, and w are nondimensional perturbation velocities in the X, ¥, and
z directions; 7 is the ratio of specific heats for air (I. 40); and M_ is the
free-stream Mach number. Equation (124) will be referred to as the 'exact’
formula for the isentropic pressure coefficient.

By expanding the terms inside the brackets in equation (124) and neglecting
higher-order terms, one can derive two other formulas from which to calculate
pressure coefficients. For flow over axially symmetric or elongated bodies,
the following 'nonlinear' formula is sometimes recommended:

Cp = -2u + Bzuz - v2 - w'2 (125)
For two-dimensional and planar flows, the 'linear' formula is consistent with

the approximations made in first-order theory:

C = =2 126
b u (126)

The user may use any of the above formulas to calculate pressure coefficients
in the computer program,

The pressure coefficients on the body resulting from line sources and
doublets are calculated separately from those on the wing and body panels. The
combined pressure coefficient on the body in the presence of the wing is the sum

of these two calculations.
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The velocity components on the body resulting from line sources and

doublets are calculated by the formulae

K K
u =u Toq t u Tar, t U T, + Z u T
Bi BBSlil S1 k=1 BBS:2ik SZk BBDlil D1 k=1 BBD2ik D2k
K K
v =v T, + 2, V Tey, +V T +2,V T
D2
rg Tgpgy S! {1 Tmsa.. 5% Tpppi, P! o1 'BBDZ, ok
i il il il ik
K K
\Y =v Toq E \% T +v T, + Z ' T
5. fpmsi. 51 (21 ®pmsz. 5% fsmp1., P! =1 YBRD2, Dk
i il il il ik
v =v sin@g, + v coSs §.
Bi Iy i OB. i
i i
W =V cosf, - v sin 8. (127)
Bi Iy i 9B i

i i

The velocity components on the body panels resulting from surface distribu-

tions of singularities on the body and wing are given by

up = u (128)

, v, " Yswv. T UYpws.
1 1 1 1

Ny
where Ygpv, - & YBBV.. PB,
i j=1 ij j
Ny
Ypwv. - &~ Ypwv.. Pw.
ioj=1 ij ]
N
Upws, Ypws.. %}
i j=1 j
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and
"B, T VBBV, " VBWv, ' VBWS, (129)
Np
where VBBV, - & (gpy_ €08 8; - Wppy Sin 6) pp
i j=1 ij ij J
Ny
VBwy, -~ & (Upwy 608 8; = Wpyy Sin 6) py
=1 ij ij j
Np
VBws, = 2« (pys  ©0S §; - Wpyg sin 8) ag
=1 ij ij J
and
"B, T VBBV, " VBwWv, " BWS, (130)
Ng
where WBBV' = 2 (WBBV., Ccos BJ. + VBBV.. sin Gj) Py
i j=1 i ij J
l\gfv
w = (w cos @, + v Ssin 8.) Py,
Bwy,” & Bwv,, i TBWY, P Pw,
N
VBws, = & (Vpws 08 0, * Vpyg Sin 8) ap
i j=1 ij ij j

The various velocity coefficients are given by equation (74), selected according
to the type of singularity considered.

Finally, the velocity components on the wing panels are calculated by

Yw,o T twas, “weD, * “WBY, * Ywwy, wws, (131)
K
where Uy, = Uy, T + u TSZ
wes, ~ “wes1, 'si k2=1 wBs2, 52,
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and

where

WBDi

WBV

uWWVi

WWSi

W

"WBSi

VWBDi =

VWBVi -

"WWVi -

"sti =

o s1
S1,, i S1,, i
>
v sin @ + v cos 6, ) T
k=1 Fs2. A Ogg Al 82
ik ik
(v sin GA + Vg cos OA) TDl
Dl11 i Dl11 i
>
.. sin 8, + vV cos 8, ) T
k=1 "D, A Opp Ay D2
ik iD
Ng
(viwpy,, ¢ b - Wypy, St ) Pp
=1 ij ij j
Ny |
& (vWWVij cos 6, WWWVi- sin 9].) Py
Ny
), Uygyys, . €08 05~ Wypys S 8y Ep
j=1 1 1 j



and

""Wi = WWBSi " Wwep, t WWBVi * WWWVi ! Wwwsi
where
\f = (v cos®, -v sinf , )T
WBSi rog A, 081 Ai S1
K
+ Y (v cos 8, -v sin 9, ) T
-~ r A, 6 A7 82
k=1 Szik i S2ik i k
W, =(v cosfh, ~ v sing, ) T
WBDi rDl Ai BDl Ai D1
§
+ (v cos @ - v sin 6, y T
k=1 ‘D2 AL Ay D2y

N

B
“wBy, = & (Mypy. ©0S 8, + vypy sin 6) pp
I j=1 1j 1] ]

NW

WWWVi :j:z:l (wwwvij cos Gj + VWWVij sin 9}.) pwj

Ny

WWWSi = J=Z1 (Wwwsij cos 6, + vavsij sin 6) @

J

(133)

Forces and moments on the isolated body. —The lift, drag, and pitching

moments on the body caused by the line sources and doublets alone are

calculated by integrating the pressures over the body. Interference effects

from the wing are ignored at this point and are added later.

The aerodynamic forces acting on a body can be easily resolved into an

axial force X, a normal force F, and a pitching moment about the nose M.

The corresponding dimensionless coefficients are given by

1 e 2T
CX = TX— = S—l f r(x) d—ld{\})- f CP(x,r,G) dodx
B Pw Swo 0

1 2m
C - _F =—SL f r(x) f CP(x,r,O) cos 6dadx
0

N BSw  Sw §
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C M 1

M AS,C
By W

fl J.zw
=3 xr(x) C,(x,r,p) cos 8dodx (134)
Swe 0 0 P

These coefficients may be evaluated by numerical integration, first with
respect to 6, then with respect to X.

The lift, pressure drag, and pitching moments about some arbitrary point

may now be obtained by a resolution of forces. For example,

C =C cos o - C,, sinu
Ly Np Xp

C =C sin o + C,, cost
BB NB XB

C =C + xC,. =-2C (135)
MB MBO NB XB

where the moments are computed about the point (;4, z), ¢ is a reference chord

and Sy is the reference wing area. The forces and moments are computed for
the half-body only.

TForces and moments on the wing. — The forces and moments acting on the
wing arc determined by calculation of the forces and moments acting on the upper
surlace of the wing and adding them to those acting on the lower surfacc. The
pressure coefficient on a wing panel is usually given by equation (126). The
normal force on the surface of a panel is the product of the dynamic pressure,
the pressure coefficient, and the panel area.

Fi = d Cp, A (136)
Resolution of this force into components normal and parallel to the frec-stream
direction yields

L-:"Fi

dz
D; = Fy (a) - o (137)
i

dz dZC dz T
, dz\ _ (£} 4+ |—
where dx)i &/ ax ),

is the slope of the panel with respect to the X-y planc. The upper sign refers

to the upper surface, the lower to the lower surface.

=1
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The pitching moment with respect to a point (§, 0, z) is:

My = - Lj(x; - %) + D (z; - 2) (138)

The sum of the forces and moments on the upper and lower surfaces, divided
by the product of the dynamic pressure and the reference wing area, results in the

lift, drag, and pitching moment coefficients for the wing:

. Ny
C = (L v = L1}
Lw ~a sy 121 UL
1w
C = Dy + D) 139
Pw s, < Uyt P (159
1-1
. Nw
Cm._ = - > My + My, )
W ( S\\] & i=1 1 1

where the subscripts U and L refer to the upper and lower surfaces,

Interference forces and moments on body panels. — The forces and moments

on the body panels are similarly calculated. The normal force on the panel sur-
face is given by equation (136). The interference lift and drag may now be cal-

culated, making due allowance for the inclination of the panel:

Lj = - Tj cos 6,
dz'
D; = Fy [(K)l - o cos 91] (140)

where dz'/dx is the slope of the panel with respect to the primed system of
coordinates having its origin in the foremost panel corner, as illustrated in fig-
urc 1 (page11). As before, the pitching moment is given by cquation (138).

The lift, drag, and pitching moment coefficients are given by equation

(139), omitting the terms with subscript L.

Forces and moments on wing-body combination. — The resultant lift, drag,

and pitching moment coefficients may now he obtained by adding the isolated body
coefficients [equation (134)] to the wing coefficients and the body interference
cocfficients, both from equation (139). This completes the determination of

the forces and moments on the wing-body combination at a given angle of attack.
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Spanwise force distributions on wings, — Spanwise distributions of lift and

drag on the wings may also be calculated. The lift on a wing may be written in

the following form:

L = 2q f f(ch— Cpu>ds

half wing
Dividing by AYi and writing in difference form:

For a chordwise strip of panels at some streamwise location k,

Nrow -1
k+1 AS.
AL) Z i
= = 2q (C -C >___
(AY k  i=N Pr, Py /8%
TOW i i
k
where: N = leading edge panel number for row k
row
ASi = Ai - panel area
AYi = panel width

Multiplying both sides of equation (139C) by b/2q yields

l"OWk

[(%> (%ﬂ K bi=§ (CpL. - CpU.) Z%—

TOW i i
k

Similarly,

& F (o )

where b = wing semispan.

(140A)

(140B)

(140C)

(140D)

(140E)



Note that

and

where N

R

= number

of rows on wing,

g? 2
C =
L =1 @q
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4.6 Applications to Specilic Problems

The method of acrodynamic influence coefficients can be applied to a wide
variety of aerodynamic problems involving supersonic flows about wing-body
combinations. The generality of the method is primarily due to the matrix for-
mulation of the problem, which introduces considerable simplification into the
algebraic manipulations involved. For example, either the direct problem of
determining the pressures, forces, and moments on configurations of given
geometry, or the inverse problem of determining the geometry which will result
in certain desired aerodynamic properties, can he solved with equal casc. In
particular, the wing camber and twist required to minimize the drag of a wing-

body combination under given constraints of lift, or lift and pitching moment,
may be determined by additional straightforward operations on the aerodynamic

matrix. The various applications will be outlined in the following sections.

Direct problems. — The determination of the acrodynamic pressures, forces,

and moments acting on a wing-hody combination of given geometry has been outlined
in section 4.5. Briefly, the problem is solved in three steps, beginning with the
analysis of the isolated hody, followed by the analysis of the wing in the presence

of the body, and completed by calculation of the interference cffects of the wing

on the body. This technique is fundamental to the solution of both direct and
inverse problems, once the geometry of the configuration has been defined. The
specific direct problems that can be treated with this method are outlined below.

Examples giving results for sclected cases are presented in section 4.7.

Body alone: Given a hody having circular or nearly circular cross sections,
and having arbitrary camber and angle of attack, determine the pressures, forces,

and moments,

Wing alone: Given a wing planform that can be approximated by a series of
straight-line segments and having arbitrary angle of attack, camber, twist, and
thickness distributions, determine the pressures, forces, and moments. This
problem can be solved at a number of angles of attack to give the theoretical lift .

and moment curves and the drag polar,
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Special cases include the calculation of plane wings al incidence, non-lifting
thick wings, and the effect of control surface deflections.

Wing-body combinations: All cases described above may be calculated for
the combined wing and body, taking into account all the interference cffects of one

on the other. In particular, the effects of symmetrical body contouring may be

included in the analysis.

Inverse problems. — Inverse problems fall into two categories. The first

category includes the determination of the wing camber and twist distribution

required to support a given lift distribution. In the second category, the wing

“ecamber and twist are found that will satisfy the condition of minimum drag under

given constraints of lift and pitching moment. These two categories are described

in detail below.

Given lift distribution: The slope of the camber surface that will support a

given lift distribution py, may he determined by inverting equation (121) thus:

et o fowo) - [an] fov) - [wn] [ooe] *froms}

where { n \\'B][ is the normal velocity distribution induced on the wing by the
body-line sources and doublets, [AR] is the reduced acrodynamic matrix

given by equation (122), and [:\\\'B] [ABB] -1 ; n\\*‘BS} is the normal
velocity component induced on the wing by the canccllation of the normal velocity
components induced by the wing-thickness distribution on the body.

A special case results when the lift distribution on the wing is constant. In
this case, however, il additional pressures are introduced by the wing and body
thickness distributions or body camber and angle of attack effects, then the
pressure distributions on the upper and lower surfaces of the wing will not bhe
constant.

Minimum drag for given lift and pitching moment: The wing camber and
twist required to minimize the drag of a wing-body combination under given
constraints of lift and pitching moment may be determined by applying the calculus

of variations to the drag equation. The problem is formulated by defining a



function T in terms of the NW variables pw_ and the two auxiliary variables, or
‘ Vi

Lagrange multipliers, ) 1 and ) 5 The function T is choscn so it will he

equal to the drag when the wing lift and pitching moment are cqual to their con-

strained values L and M, respectively. One such function is

F=D+ X (L-L)+ Ay M -M) (142)
Ny
where L = - z A; Pw.
i=1 1
N N
W dz W dz
c) _ _-c
D =D Li(ﬁ)."z Ai(dx)-pwi
i=1 i i=1 1

Ny Nw
M=-D Li (x - X) = ) Aj (X - X) Py,
i=1 i=1

and A; = the area of panel i

Pw; = the pressure difference across panel i
dz,
—_— = the surface slope of panel i
i

x: . the coordinate of the centroid of panel i
x = the x coordinate of the moment center
It is assumed that the moment center lies on the centerline of the configura-
tion and in the wing reference plane.

The Ny, + 2 conditions for minimum drag may now be written

d d d
AE D AL M
pwi pwi pwi pWi
¢F —
3)\1 =L -L=0
oF -
R, ~ MM (143)
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To evaluate these partial derivatives it is necessary to express the camber
surface slopes (dzc/dx)i in terms of the pressure differences across the wing
panels pwi. The boundary conditions on the wing require that the slope of the
camber surface be equal to the resultant normal velocity component at each point.

Therefore,
(dzc>
—L) - + n + 144
dx /; = "wB; T "wBvV; T twwv; (144)

where nwp, » the normal velocity on the wing due to the hody-line sources and
doublets, is given by equation(114)for a specified body shape. Expressions for
NWBV; and Dy, are given following equation (89) and arc repeated below for
convenience. The normal velocity on the wing due to the distributions of vorticity
on the wing panels is given directly in terms of pWi as follows :

Nw

Mwwvy T 2 dwwv Pwg (145)
]:

However, the normal velocity on the wing due to the distributions of vorticity on
the body panels is given in terms of the pressure difference across the body

panels Py 2as follows:
i
"WBV; ~ Zl aWBVij ij (146)

Thus an expression is required relating pg to pWi . Equation (120) gives the
1

desired result in matrix notation.

{PB] = - [ABB] ! ‘HBWS} - [ABB]-l [ABWJ |Pw’ (147)
where [nBWS] is an array giving the normal velocity components on the hody
panels due to the wing thickness distribution. For wings without thickness, this
term will not appear in the above equation.

Finally by substituting equations (145) and (146) into equation (144) and simpli-
fying, the desired result is obtained:

dz, NB N\y
(dx)i = hwB, - ]_Zl bij "Bws; * 12_‘1 Ry; Pw; (148)
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ey

wherc bij is an element of the matrix:

Nw o
[Bij] gl [AWBik] [ABBkj]

and a is an clement of the reduced acrodynamic matrix given by equation (122):
ij -
£ = ! _l ;
[ARU] [[AWW]-[‘\WE ] [Per] [ABW-H
In the above cxpressions, [AWB} is the matrix of the influence coefficients
aWBViJ-’ [ABB] is the matrix of the influence cocefficients aBBVij’ and so on,
as described following equation (117).

The partial derivatives indicated in equation (143) may now he evaluated.

The expression for the drag hecomes

Ny Ny Np Nyy
D = Z D{ = - Z Ai p\vi nWBi - Z bij NRWS. + Z aRij [)\VJ (149)
i=1 i=1 i=1 Vo=
Therecfore,
N N N
B W W
3D
— =-JA; In - h:. n + a ) + A:a
Ay i\ "WBy 2_: ij "BWS; Z Ry P\vj Z ARy ij
1 j=1 j=1 j=1
Np Nw
= - A \"wB; T 2. bij NBWS; | (Ai Ryt A aRji> Pw, (150)
i=1 =1
Also, .
p,. Ay
Wi
oM -
— = A - X) (151)
Iy,
Similarly,
N
W
dF
Ex—:'z Appw, ~ b
1 =1 )
(15
N
W
aF - —
7, ~ 2 AiPw im0 oM
=1



Substituting these partial derivatives into cquation (143) gives a system of
Ny, + 2 linear equations. This system of equation may be written in matrix

form, as follows, where NW has been replaced by N for simplicity :

- 3 N
(A a “\jag }-(Aa -Aa e A (N - X - )
r PRy AR T Baag Ay Ry, R BT *1 Owp, ‘?;] b1 "Bws )
A A 3
CPRAR TR Y- fdvag tdjag ) L L L - AL x, - Ty A, A, -
2R, TN R, S R, 2 %5 - x) A, sz Az f"wBZ ng sz nBWs],)
Sf\ag  * Aa, )
TRy Ris
< > - ¢ 3
(A A S
- a - a - - -X -
N Ry, "R A.\' (xy - X} A_\. Pw Ax (hy g Z bN‘ "BWS)
N N j=1 j
-y A, L 0 0 . T
|’\1 -X) :\1 |'x2 - A,_, 4] 4] J A 5 ﬁ (153)
o - J " J

The wing pressure distribution for minimum drag may be found by inverting
the matrix and postmultiplying it by the array on the right-hand side of the equa-
tion. If the lift only is to be constrained, the row and column of the matrix corre-
sponding to )\2 is omitted before the inversion. Finally, the optimum camber
shape may be calculated by equation (141),

The method of Lagrange multipliers outlined above may be extended to in-

clude many other cases of interest, Examples of cases that have been determined

by this method, hut not reported here, are:

1) Optimization of the wing camber surface while keeping the total lift, or total

lift and pitching moment, of the wing plus body constrained to given values.

2) Optimization of the wing twist for a given camber and lift (or lift and pitching

moment) on the wing,

3) Optimization of any consecutively numbered group of panels on the wing, while
constraining the camber and twist of the remaining panels, and the wing lift,
or lift and pitching moment. This case may be useful for determining optimum

flap settings at given cruise conditions,

4) Calculation of the incidence at which a given cambered wing will achieve a

given lift coefficient.
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4.7 Theoretical Comparisons

In this section results of the method of aerodynamic influence coefficients
are compared with linear theory calculations published by other investigators.
Theoretical solutions for isolated wings, bodies, and wing-hody combinations
are compared. The form of the pressure distributions and the prediction of
the lift and drag of the examples studied arc emphasized. In particular, the
reasons underlying the choice of the various control points used in the calcula-
tions are discussed.

pressure distributions on flat plate wings.—DPressure distributions have
been calculated for delta, double delta, arrow, and constant-chord wings over
a range of supersonic Mach numbers and compared with linearized theory re-
sults published by other investigators.

It was found that location of the panel control points had a dominant effect
on the form of the wing pressure distributions obtained. Figure 9 shows the
calculated chordwise pressure distributions (corresponding to two control-
point locations) on an inclined, planar, constant-chord wing with sonic leading
edges. The upper plot shows the result obtained when the control point is lo-
cated at the panel centroids. A strong oscillatory tendency in the chordwise
pressure distribution is observed that does not agree with the exact linear
theory solution, except towards the trailing edge of the wing. The plot on the
lower right shows the result obtained for control points located at 95 percent
of the streamwise chord through the panel centroid. The chordwise pressure
distributions are now smooth, and they follow the linear theory solution closely,
except very near the leading edge and in the region of the strong discontinuity
introduced by the wing-tip Mach wave.

The effect of the control point location on the pressures calculated for
three panels on the inboard row of this wing is €hown in the sketch on the lower
left of the illustration. Here the pressures converge smoothly towards the
correct linear theory value as the control point is moved towards the trailing
edge of the panel. This is true for panels having sonic or supersonic trailing
edges. For panels having cubsonic trailing edges, however, the normal velocity
at the trailing edge is infinite, and the panel pressure becomes indeterminate.
To avoid this difficulty, and to maintain a good approximation to the exact linear

theory pressure coefficients, the control points have been arbitrarily located
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at 95 percent of the streamwise chord through the panel centroid. This choice
of control point location has given an adequate representation of the pressure
distribution for all cambered or uncambered lifting wings so far investigated.

Examples illustrating the results obtained for isolated wings are presented
on the following pages. In 1l these examples, the wing has been subdivided
into 100 panels, spaced evenly in 10-percent increments in both chordwise and
spanwise directions. Each wing has an incidence o = 0.1 radian.

Figure 10 shows the pressure distribution calculated for flat-plate delta
wing at incidence, compared to an exact linearized theory solution. The wing
planform corresponds to that of example II of reference 13 andhas a sub-
sonic leading edge with tan A/ B =12 The present theory agrees reason-
ably well with the exact result, except in the region of the wing tip Or near the
leading edge. The overall lift curve slope of the wing is 3.958, compared to the
exact value of 3.62. The wing center of pressure is correctly located at a point
two thirds of the root chord from the apex.

Figure 11 shows the pressure distribution calculated for a flat-plate arrow
wing at incidence. These results are compared with both the exact linear
theory solution and to another influence coefficient method recently published
by Carlson and Middleton (reference 5). The wing has a subsonic leading
edge and supersonic trailing edge at Mach 2. 0. This particular wing planform
has been studied extensively at the NASA Langley Research Center and as 2
result, both theoretical and experimental data are available for comparison.
The present method agrees reasonably well with both the exact linear theory
result and the cited numerical method.

The final example, showing the pressure distribution of a flat-plate, double-
delta wing, is shown in figure 12. This was chosen to illustrate the application
of the method to more general planforms. The exact linear theory analysis of
this planform, based on a superposition procedure, was presented in reference
14. This particular planform was also analyzed by Middleton and Carlson
in reference 2. The illustration shows the spanwise pressure distributions
at two stations on the wing, which were ohtained by interpolating chordwise
pressure distribution plots. The pressurce distribution shows the same magni-

tude and trends as the exact solution, but does not reproduce the pressure dis-

continuities predicted by the method of superposition.
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FIGURE 12 PRESSURE DISTRIBUTION —FLAT-PLATE DOUBLE-DELTA WING

The lift curve slope (per degree) and center of pressure at two Mach
numbers were estimated with reasonable precision, however, and are

presented for comparison in the following table:
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M= 1.414 M = 1.667
M

ethod CLa XCP CLa XCP
Superposition 0.0514 0.682 0. 0461 —
Analysis (14)
Present Method 0. 0516 0.691 0. 0448 0. 697
Carlson and 0. 0507 0. 687 0. 0449 0, 686
Middleton (2) (per degree) L (per degree)

Pressure distribution due to wing thickness. —Wing-thickness effects are

simulated by a combination of constant and linearly varying distributions of
sources on the panels. The behavior of these singularities is sufficiently
different from the constant distributions of vorticity used to represent the
lifting surfaces that a new control point must be defined for calculating the
velocity components and pressurecs resulting from thickness. Best results
were obtained when the thickness control points werc located at the centroids of
the panels.

An example of the thickness pressures calceulated for a subsonic leading-
edge arrow wing of 6 percent biconvex section is given for @ = 0°in figure 36,
page 197. Good correlation with experiment is obtained, except near the
trailing edge at the tip. The pressure distributions calculated by this method
showed no tendency to oscillate at any point on the wing chord; this improves

upon previous methods based on distributions of constant-strength sources.

Pressure distribution on cambered wings. —The pressure distribution on

cambered wings is calculated in the same manner as the pressure distribution
for flat wings at incidence. However, the slope of the camber surface must be
calculated at the panel control points. A sample calculation showing the
chordwise pressure distributions on a cambered arrow wing with thickness at
three angles of attack is given in figure 37, page 198.

The inverse problem of calculating the camber surface corresponding to a
given pressure distribution is numerically simpler than the preceding problem
and yields excellent results. An example giving the camber surface of a delta
wing planform corresponding to a linearly varying chordwise pressure distribu-
tion is shown in figure 13. The camber surface agrees closely to the predicted

by the method of reference 13.
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Drag of cambered wings. — The pressure drag of a cambered surface is

given by the double integral of the product of the surface pressurc and slope,

evaluated over the wing area:

b/2 (TE 4z
D= —4q f f Cp d—\) dx dy (154)
-b/2 JLE ‘

In equation (137), this integral is replaced by a summation over the wing panels

as follows.

Nw
dz
D=, Cp (&) Ay (155)
i=1 1 1

where the slope of each panel is defined at its control point. This formula is ade-
quate to calculate the drag of uncambered wings, because the pressure on each
panel is assumed to be constant and the surface slope is constant between con-
trol points. For cambered wings, on the other hand, the surface slope of the wing
varies continuously between control points and may even approach infinity near
the leading edge, as illustrated in figure 13. Asa result, equation (155) will not
in general yield a good approximation to the drag unless the term (dz /dx)i is re-
placed by the average slope of panel 1i.

As illustrated in figure 14, the slope of a cambered wing is approximated by
a series of straight lines through the control points. The slope at any point on a
given panel is estimated by a linear interpolation formula. If the panel lies
along the leading edge, the slope is estimated by a lincar extrapolation of the

slope of the first two panels. The formulac are given helow:

For leading-edge panels,

az\ () , B-R dz) _ (dz (156)
dx Jy dx j 1+ R €2 1) dx b dx
For the remaining panels,

- , T . c, , i
dz) _ dz. + R R S S dz\ dz (157)
dx L dx )i c, . dx ; dx i-1
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where R is panel chord fraction defining the location of the pancl control point
R is the panel chord fraction defining the average slope
cj 1s the pancl chord

ci-1 1s the chord of the preceding panel

In equation (156) the subscripts 1 and 2 refer to the first and second panels
along the leading edge in any given row.

The value of R has been chosen by making a comparison between the drag
given by the program for a constant pressure delta wing, and the exact lincar

theory solution for this wing, which is:

gc, 2 N b2 1
_ L -1 -1 2 -1 b _*

T e——— - > - —_— - /\, - 1

CD n 1 T b cosh ™ h cos b b 1 cosh o

for b = an o A > 1.0
) B
BC
= 4‘ for b < 1.0 (158)

The results are presented in figure 15. 1t can be seen that the drag given by
the program varies linearly with R, and increascs as the point used for defining
the slope moves towards the trailing edge of the pancls. TFor subsonic leading-
edge delta wings, agreement occurs for 0.675< R < 0.825, depending on the
wing aspect ratio. It should he emphasized that the drag given by the program
deviates very little from the exact value over the entire range of R for wings
having sonic leading cdges, Hhut that the deviation increascs as the sweep-hack
increases. Wings having supersonic leading edges showed results almost inde-
pendent of the choice of_I_{.

Additional correlations of this kind are required to confirm the validity of
this method for calculating the drag of cambered wings. On the basis of the
present limited study, however, it was decided to use the value of R - 0.75 in
the program for computing the effective panel slope used in the drag calculations.
This choice of R gives values of CD/ﬁ CL?‘ which differ by less than 2 percent
for wings having the lowest aspect ratios studied, and less than 1 percent for the

sonic leading-edge planform.
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Wing camber for minimum drag. — Plots showing the minimum drag of a

family of isolated delta and clipped-tip arrow wings are presented in figures 16

and 17 for comparison with data presented in reference 3. The present theory
calculates the surface shape for minimum drag by tirst calculating the optimum
pressure distribution by inverting the matrix of equation (153)» and then sub stituting
this result into equation (141) to obtain the corresponding panel slopes. Both the
aerodynamic matrix and the panel slopes are calculated for control points located
at 95 percent of the local panel chords, to avoid undesirable oscillations in the
results. The slope interpolation formulae developed in the previous section are
then applied to calculate the drag of the resulting cambered wing. The interpolated
panel slope corresponding to R = 0.75 was used in the drag calculations shown in
the figures.

Figure 16 shows the results obtained for a family of delta wings. The mini-
mum drag calculated by the present program is somewhat higher than that esti-
mated by the methods of reference 3 for wings having subsonic leading edges.

On the other hand, the results do agree reasonably well with the predictions of
the aerodynamic influence coefficient method of reference 1 . The drag predicted
for the flat-plate wing without leading-edge suction agrees closely in all three
methods, however.

Figure 17 shows similar results for a family of clipped-tip arrow wings.

As indicated on the figure, excellent agreement is obtained between this result
and the minimum drags estimated by the methods of both references 1 and 3.

It is apparent from an examination of these results that further correlations
between the present theory and other known minimum drag solutions will be very
desirable in order to obtain confidence in tne range of application of the method.
In the meantime it is sufficient to say that the method gives good agreement
with other accepted procedures for determining the wing camber surface for

minimum drag.
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Pressure distribution on a cone. —Figure 18 shows the circumferential

pressure distribution at Mach 2. 0 for a 10~degrée circular cone at an
incidence of 0. 10 radian. The pressure distributions are identical for all
sections along the length of the cone. The results obtained with all three
pressure-coefficient formula options are given. On the basis of the nonlinear
formula equation (125), the program predicts a lift coefficient only half the
exact theoretical value of 0. 185 given by the cone tables. Use of the linear
formula equation (126), gives a better lift coefficient of 0. 160, but use of the
'exact' isentropic pressure coefficient formula equation (124), gives the most
accurate value, 0, 183.

At zero incidence, the linear formula best approximates the exact value.
The cone tables give the value CP = 0. 104, whereas the linear formula gives
CP = 0. 114, the nonlinear formula CP = 0. 087, and the exact isentropic
formula CP =0.068. 7

For bodies of revolution of arbitrary shape, the exact isentropic formula
best approximates the experimental results at both zero incidence and zero
angle of attack. Figure 34 (page 194) gives an example comparing the theoretical

and experimental pressure distributions on a parabolic body of revolution.

Pressure distribution on wing-fin combination. — The pressure distributions

calculated for a rectangular wing in the presence of an inclined rectangular fin
are presented in figure 19, and compared with the linear theory solution given hy
Snow in reference 15.

The theoretical solution for the case in which the wing has an incidence o

and zero fin incidence, is given helow:

On the wing

-1 Rﬂ/y sin 7 B/y

Cp = 20|24 2y, (159)
Y m 1 - RTT/)/ cos T B/y
On the fin y
C, = 2a $+ % tan~1 ) Rl:/ysm T B/y (160)
+ cos T B/y
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\ d(l

where B = cos~! (M>

R o= 1 - ’\\,‘1 - 112 )/r
r =8 v"yz v 22 /x

In the figure, the spanwise pressure distributions at the midchord are compared
for three fin inclinations. The agreement is excellent,

The program, in its present form » Will no longer admit cases involving wing-
fin combinations as shown. This is the result of specializing the geometry
definition and pancling sections of the program, which restriets its application

to configurations composed of wings and circular bodies only,

Pressure distributions on wing-body combinations. —Wing and body

pressure distributions calculated at Mach 1.48 for a configuration composed of
an unswept rectangular wing centrally mounted on a circular body are presented
in figures 39 through 42 (pages 201 through 204). The pressure distributions
calculated by Nielsen (reference 16) are presented in terms of an incremental
pressure coefficient P, obtained by taking the difference between the local
pressure coefficients for the lifting case and the non- lifting case (a = QB =0).
In this way, the effect of the nose shape on pressure distributions is eliminated.
It should be remarked that the present theory calculates the surface pressure
distributions including the effect of the nose shape; consequently, the results
presented are the difference between two calculations. The incremental pres-
sure coefficients calculated on the wing and body agree favorably with Nielsen’s
theoretical results, both for wing only at incidence and for the case in which
both wing and body are at incidence.

Figure 20 shows the pressure distributions calculated for a rectangular
wing-rectangular body combination analyzed by Lu Ting in reference 17. The
calculated pressure coefficients oscillate above and below the theoretical re-
sults published by Lu Ting, particularly in the area of the wing-body inter-
section. The reason for this oscillatory behavior is not known at present, al-
though an instability inherent in the numerical analysis is suspected. It is in-
teresting to note that similar instabilities did not occur for the polygonal bodies
used to approximate bodies of revolution in the other examples presented in

this report,

105



I

———-- MACH LINES

0.4 + UPPER BODY
LINEAR THEORY

0.2 +
(REF. 14)

CD
2aw
1.0
0.8 D -eeee SYMBOLS
G ' & —r— INDICATE
2 : . Q) v RESULTS
i T % OBTAINED
[T - WiTH
0.4 = PRESENT
A THEORY
WING HEQ
0.2 +
0 : : } —% x'c
0 0.2 0.4 0.6 0.8 1.0

FIGURE 20 PRESSURE DISTRIBUTION OF RECTANGULAR WING - RECTANGULAR BODY COMBINATION

106



4.8 Calculation of Field Velocity Components and Streamlines

The method of aerodynamic influence coefficients is also applicable to the
calculation of field velocity components and streamlines. The perturbation
velocities in the field may be expressed as a sum of the products of elementary
velocity components and their appropriate singularity strengths. These pertur-
bation velocities will be valid to first order.

Local flow directions, pressure distributions, and streamlines in the field
can be calculated from the perturbation velocities. However, the resulting
flow field will not be uniformly valid to first order. This is because linearized
Supersonic theory, upon which the solution is based, postulates that the flow
disturbances will be propagated along the undisturbed or zero-order Mach lines,

rather than the curved first-order Mach lines.

Velocity perturbations in the field. —The flow-field solution depends on a

valid body solution; the strengths of all the singularities and their locations,
which make up the wing-body solution, must be known. These may be found by
solving the 'direct' or 'inverse' problems outlined in section 4. 6. The pertur-
bation velocities at point P,, in the field are the sum of the products of all the
elemental velocity components and their respective singularity strengths. Only
the singularities that lie inside the Mach cone facing forward from the point in

question will influence that point, as shown in the sketch below.

Py (X¥.2)

MACH CONE
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Equations (61), (62), (70), and (72) and Appendix B give expressions for the
elemental velocity components (for wing and body panels) of the singularities
that lie in the forward-facing Mach cone with apex on field point Py,. These are
the same elemental components as in the wing-body solution, except that the
coordinates apply to the field point in question instead of a given control point.
The elemental velocity components for the singularities outside the forward-
facing Mach cone are identically zero.

The resulting perturbation velocities at point P, are:

K K
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Local flow directions and pressures.— The total nondimensional velocity

at a point is given by the vector sum of its velocity components:

V=u+v+w (162)
where* _¥
u=(u+cosa) i
Y=v7

= (w + sina/)_E
—————

i, j, k are unit vectors along the transformed body coordinate axis.

£}

The velocity vector components fully define the flow direction in the field.
The pressure coefficient in the field is given by the same formulas used on the
wing-body, equations (124), (125), and (126). The computer program is
designed to allow use of any of the three formulas in calculating the pressure
distributions. To aid the user, the program includes a method to generate
two- and three-dimensional grids in the field; velocities and pressures will be
calculated at the corner points of these grids. This method is described in

section 5. 2.

Streamline calculations., —The contour of a streamline in the flow field

about some wing-body configuration is obtained by finding the coordinates of a
series of points on the streamline, Beginning with an initial point (,xo, yO, ZO)
through which the desired streamline is to pass, the coordinates (x, Y, 2) of

any other point on the streamline may be found as

S, +As

X f 0 L d
X =X + s
05 02+ %1% 4 w2
N 5o + As s N
A IZlE 152« w2
fso + As 5
Z =2z + ds (163)
05, YCINTILIATE

where As is the distance along the streamline between (XO, Yo Zg) and (x,y,

Z), and SOZSO(XO’ yO’ ZO).
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These equations may be solved numerically by a digital computer using the

Adams-Moulten variable-step-size method. This is a predictor-corrector

method. The equations must be in the form YnX = fnx(s, Yl’Yz’Y3 ..... Yn)
and are given as
ax _ |u |
ds ds
dt
day _ vl
ds ds
dt
dz _ l_vVl A
ds  ds (164)
dt
where as _ P L P Il

This method can be used to calculate the contour of a streamline by proceeding

step by step upstream or downstream from an initial point.

Flow field about a parabolic spindle. —Figure 21 shows pressure distribu-

tions and streamlines about a body of revolution of parabolic profile. The upper
half of the figure shows several stream tubes enclosing the body. Comparison
of the cross-sectional areas of the stream tubes ahead of the body and at one
body length behind the body shows the areas to be nearly equal. This is
consistent with the one-dimensional continuity equation and indicates the good
agreement between the calculated stream tube and theory.

The lower half of figure 21 shows the pressure distributions on the body
surface and at several radii away from the body. The pressure distributions
agree well with those given by other methods. However, the location of the
pressure distributions in the field are valid only to zero order and do not re-

flect any Mach-line curvature effects.

Flow field about a lifting arrow wing. —The flow field behind a lifting arrow

wing (Carlson wing, reference 18) was caleulated by using the grid interrogation
technique. The interrogation grid was placed behind the wingtip and aligned

normal to the flow. Figure 22 shows the flow field calculated. The circular

110



BODY FINENESS RATIO =10
MACH NUMBER = 2.0

// -
g -
. “—————— MACH CONE ———————s~
// //
// -~
.z -7
? i < =< 52) 6
\ AN \ ———— ~
\\ \\
™~ ~
\\ \\
\\\ \\\
STREAM TUBES ~

0 \—/
VA r =01 /)L
0.10 4
0.08 \__/
0.06
Cp 0.04 A
0.02 - BODY SURFACE

0 1 —
-0.02 +
-0.04 4

FIGURE 21 STREAM TUBES AND PRESSURE DISTRIBUTION ABOUT A PARABOLIC BODY OF REVOLUTION

111



ozwzl(]"

z
]
i|
-
2| 5
{_ﬁ
0 \ , ~y
; g 103 2 b
] ’/’
~ ‘ ”"“*' K ;,' —- ~s 1=~
/ 'A P
2|+ e
4
4
K ' ~N
U4
i~ A
MACH CON ~/

Al X I
’I

’
7’

FIGURE 22 FLOW BEHIND A LIFTING ARROW WING

112



motion typical of the shed vortex behind the wing is clearly evident. Also

evident is the antisymmetric character of the flow, predicted by linear theory.
The flow in this region is characterized by the separate zones of influence

defined by the Mach cones from the nose and tail apexes and the wingtip. Some

of the fluctuations in the spanwise distribution of downwash may be explained

by the theory, which allows concentrated vortices to be shed from the streamwise

edges of the wing panels. These vortices are shed along panel edges interior

to the wingtip whenever the spanwise load is not constant.

Flow field about a wing-body combination. —Figures 23, 24, and 25 show

flow field calculations for a wing-body combination at Mach 1.8 and 6-degree
angle of attack. The configuration, fully described in section 6.4, has a
constant chord swept wing, and cylindrical body.

The grid interrogation technique was used to calculate the field between the
body and the wing’s trailing edge. The grid was placed parallel to the flow in a
region where a horizontal tailplane might be located; figure 23 shows the
calculated downwash distributions. The downwash variation both spanwise and
chordwise could affect the design of a tailplane in this region,

Streamline calculations (figure 24) show some typical characteristics.
Streamlines like number 1, which pass over a lifting sweptback wing, tend to
curve inward toward the root. Those like number 2, which pass under a
lifting sweptback wing, are deflected toward the wingtip. Streamline 3 shows
the effect of closeness to the body; as it passes over the wing, the body
constraing its inward curve.

The portion of a streamline that passes through the wing chord plane aft of
the wing's leading edge should be discounted. The wing chord plane in that
area represents a discontinuity in the field and accounts for the field's anti-
symmetric character. In linear theory, this discontinuous plane represents the
shed vortex sheet from the wing. Crossing of this sheet by the streamlines
indicates that the sheet is not properly positioned in the field; but linear theory
does not allow for the proper wake position.

Perturbation velocity components were also calculated around an inlet ring
directly beneath the wing; figure 25 shows the flow directions around this ring.
These directions give a good approximation of the flow angularity in this region,

which must be known to design the inlet properly.
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The grid interrogation technique was also used to calculate pressure dis-
tributions parallel to the body axis at three angular positions ( 4 = 0°, 90°,
and 180°). These one-dimensional interrogation lines are located at a radius
of one body length. The calculated pressure distributions (figure 26) show
two distinct characteristics. One, the pressure distributions change greatly
with changes in angular position. This is primarily due to the change of
influence of each singularity with changes in angular position, particularly
for those singularities associated with the lifting effects. Two, the pressure
distributions at each position are somewhat irregular or bumpy. This is due
to the limited number of singularities used to describe the wing-body config-
uration and their spacial distribution.

Figure 27 shows the contributions of the various types of singularities
in making up the pressure distribution along a given interrogation line.

The contributions are relatively smooth in themselves, but may combine in
such a way that the resultant pressure distribution is not smooth. Since all
disturbances propagate along straight Mach lines, there can be no coalescence
of Mach waves. The pressure distributions are calculated in the near field
and do not necessarily represent the asymptotic values in the far field. It
would be of interest to compare these or similar distributions with those
given by sonic boom theory for an equivalent distribution of singularities along

the body axis.
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5, COMPUTER PROGRAM

5.1 Description

The digital computer program described in this section has been developed
to solve the problem of optimization of wing camber surfaces for wing-body
combinations at supersonic speeds. It can also solve direct and other indirect
aerodynamic problems.

The program is coded in FORTRAN IV and MAP languages for the IBM
7090/7094 (32K) digital computer under the Systems Monitor, IBSYS Version
13. It is compatible with the NASA-Ames direct-coupled IBM 7040/7094
computer system. Because the program exceeds the capacity of a single core
load, the Loader Overlay feature is used to allow the complete program to be
subdivided into smaller segments or links. The links are processed in a
specific order to solve a particular problem.

The Overlay feature uses one system unit as the input-output tape on
which the overlay links are written. Besides the input-output tape, the
program uses seven tape units for scratch purposes. The choice of units to
be used depends on the particular computer installation; tapes must be changed
as needed. A special subroutine, OPCAMI, initializes all the tape units and
assigns a logical number to each. Tape changes are made by merely changing
the logical designations in this subroutine (see Part II).

The complete program consists of five sections: Geometry Definition,
Geometry Transformation, Geometry Paneling, Aerodynamic Calculations, and
Flow Visualization (see flow chart, figure 28). The first two sections provide a
suitable geometric description of the configuration, and the third section
subdivides the configuration into panels. The fourth section performs all
aerodynamic calculations and solves the problem. The Flow Visualization
section computes velocities at points in the field and constructs streamlines
about the configuration.

Program execution is controlled by the subroutine OPCAM, a control
program located in link 0 under the Overlay structure. Those control cards
within the data deck that determine which program sections are used to process
the case are read by the subroutine OPCAM and lower-level subroutines in

five program sections:
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1. GEOMD in link 5 (Geometry Definition)

2, TFLAT in link 11 (Geometry Transformation)

3. PANEL in link 12 (Geometry Paneling)

4, AERO in link 20 (Aerodynamic Calculations)

5 FLOVIZ in link 38 (Flow Visualization)

Multiple cases, each involving a different wing-body configuration, can be
run. When a nonsystems error occurs during processing within a section of
the program, an error message appears. Execution of the case is terminated,
a partial data printout is given, and the next case is processed.

Execution time averages 10 minutes for a typical (100 panels) body-alone
or wing-alone case and 20 to 25 minutes for a wing-body combination of 200
panels. The computer time and number of printout lines for a single configu-
ration can be estimated from the following equations based on experience with
an IBM 7094/M2.

Time (minutes) = 2.5+ 0.3G " (4.x 1074 x PZ) xA+0,6C+0,1F
where G indicates type of paneling:
= 0., no paneling
= 1., wing paneling only
= 2., wing and body paneling
P is number of panels (if no paneling is required, use P=10)
A indicates aerodynamic calculations:
= 0., no aerodynamic calculations

1., aerodynamic calculations requested

C is number of aerodynamic cases. Each of the following
is a case:
Wing optimization case
Direct aerodynamic case
Indirect aerodynamic case
Each angle of a polar series

F is the total number of field points, grid points, and
streamline points required for flow-visualization

calculations.
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1 A
Output (lines) = 100 + {500 + (10 x P 2 } x V x C] xT+F
where V indicates velocity component printout:

= 1., no velocity component printout

= 2,, velocity components requested

T indicates type of case:
= 1,, wing-alone case
= 2,, body-alone case

= 3,, wing-body case

5.2 Program Usage

The computer program solves a problem in four steps. In the first step,
the configuration geometry (wing alone, body alone, or wing-body combination)
is defined and tfransformed to a more convenient representation. In the second
step, the configuration is paneled and required geometric data are calculated.
Figure 29 illustrates the definition and paneling sequence.

Some paneling information is input to the definition part of the program.
For example, the body meridian lines that define the body for a wing-body
combination also determine the streamwise edges of the body panels. Like-
wise, some information can be input to the paneling part of the program to
help complete the definition. For example, to obtain desired wing-tip
geometry, a paneling input can be used to truncate the wing inboard of the

tip-defining chord.
The third step performs the aerodynamic calculations (coefficients of lift,

drag, moment and pressure) for each case requested. The fourth step performs
the flow visualization calculations (field pressure coefficients, velocity compo-
nents, and streamlines); this step is optional.

The following subsections discuss problem solving for body-alone, wing-
alone, and wing-body cases. The discussions include recommended methods
for inputting problems to the program. These recommendations will almost
always yield reasonable aerodynamic results, and are a good beginning for
exploring the program's capabilities. They are summarized at the end of
this section (page 144).

Body alone. - For the body-alone case, no paneling is done. The entire
body is represented as an equivalent body of circular cross section by a
series of equally spaced line sources and doublets. The user may define a
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cambered body with arbitrary cross section and have the program determine
the equivalent body of revolution; or an equivalent body may be input with its
thickness and camber specified separately in the aerodynamic section. (See

the data input formats, section 5.3.)

Boundary conditions for the analysis are satisfied not on the input body
surface, but on the surface of an equivalent body of revolution with a straight
axis. Body camber and angle of attack are simulated by an equivalent cross-
flow imposed by the line doublets. The equivalent body’s x-axis stations and
the corresponding camber and radii values are printed out at the beginning of
the aerodynamic section’s output (see Appendix C). It is this information that

is used by the aerodynamic section in its analysis.

The user specifies the body by a number of X-stations at which an array
of radii (p) and angles () are given. A maximum of 50 body stations may
be specified (Card 4D) .* The program assumes that all bodies are symmetri-
cal about the vertical plane. Therefore, only data for half-bodies is
specified; that is, 0 degrees < # £ 180 degrees where the top meridian line
corresponds to 6 = 0 degrees and the bottom meridian line corresponds to
0 =180 degrees. Alternate techniques for specifying body stations are pre-

sented in the discussion of card input format, section 5.3.

A '"body definition" axis is set parallel to the computer-reference x-axis
by specifying a (y, z) coordinate pair through which it must pass. Points from
which the p- @ arrays generate body sections are specified in relation to this
body definition axis at each defining station [Card(s) 5D for SCODE = 1., 2.,
or 3_] . At least seven theta values should be specified (BTHETA 2 7., Card 4D),
and these values should provide even circumferential spacing of the meridian

lines.

*Input data cards nofed in parentheses in this section are explained in section
5.3, page 146.

BRI
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After the P -@ array is computed, the program constructs longitudinal
meridian lines through sets of radii end points. The resulting computer

definition looks like this:

~“=— BODY DEFINITION AXIS

y

REFERENCE x-AXiS

LOCAL P-6 ORIGIN ——7
Az
X

The program then locates the cross-section centroids of the aft body
station and the forward body station. The section area and centroid depend
on the interpolation chosen to define the fairing between the given points.
Linear interpolation produces a polygonal area; biquadratic interpolation

forms a partly curved figure, as shown in the following sketch.

z z
3
GW
INTERPOLATED INTERPOLATED
CROSS SECTION CROSS SECTION
p PERIMETER PERIMETER
>y - Y

GIVEN
POINTS (P- 8)

BODY STATION AREA FOR BODY STATION AREA FOR

LINEAR INTERPOLATION BIQUADRATIC INTERPOLATION
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If a body of revolution is being defined (constant P at each station), a sym-
metrical #-array must be specified to locate the centroid correctly. The
following sketch shows how an asymmetrical #-array can cause an error in

the centroid location.
z

b4

CENTROID
CENTROID y —_—y

CONSTANT p: CONSTANT po:
SYMMETRICAL 8 -ARRAY ASYMMETRICAL 6-ARRAY

After centroids are located for the fore and aft sections, these centroids
are used to construct a new body axis (the x-axis) on which all remaining
calculations are based. An equivalent body of revolution about the x-axis
is determined. The number of stations (Card 2P) along the new body axis at
which line sources and doublets are located is specified. Because these
stations are evenly spaced along the body length, specifying the number of
sources establishes their locations. The body meridians are cut at each
source control station by transverse planes. Centroid locations relative to
the body axis are determined from the body sections resulting from these
transverse cuts.

The average of the radii connecting the x-axis with meridian lines at each
source control station is used as the radius of the equivalent body with circular
cross sections. The aerodynamic section uses these radii to determine the
body source strengths.

The aerodynamic section now determines the axial and circumferential
velocities and pressure coefficients at source control stations. Total CL s

C and CM are determined for the specified Mach number and angle of

D b4
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attack. A sample program input for a parabolic body with a fineness ratio of
11 is given on page 180 in section 5.4.

Wing alone. - The wing planform must first be defined by specifying
the coordinates of all corner points and break points. Control chords, except
perhaps the wing-tip control chord, are defined through each corner point and
break point. The wing apex must be on the X-axis. A minimum of two control
chords must be specified. A pointed wing tip is considered a control chord of
zero length. The wing planform is defined by projecting the actual wing into

the X, Y plane as shown in the following sketch.

WING APEX

Z —y
/____

PLANFORM BREAK POINT
[CARD(S) 14D, 15D

CONTROL CHORDS
[cArD(S) 16D, 170]

In planning the definition of the wing configuration, the effect of the planform
definition and control chords on the wing paneling must be considered.

The wing panels are defined by constant-percent-chord lines [Card(s)
18D] and streamwise wing buttock lines [Card(s) 10P]. The constant-percent-
chord lines are calculated in reference to the control chords. If the control
chords are yawed with respect to the mainstream, the streamwise percent-
chord positions of panel centroids and control points will vary spanwise on a
spanwise panel row. Plotting and interpreting wing pressure data will then

involve tedious hand calculations. It is therefore recommended that streamwise
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control chords be used throughout the wing [Card(s) 17D, BETA = 0. or

YL = YTJ.
There are three ways to panel the wing tip, as shown in these sketches:

.

u

LEADING-EDGE
CORNER POINT

TRAILING-
EDGE
CORNER 0BLIQUE
L § POINT CONTROL CHORD

GIVEN CONFIGURATION OBLIQUE CONTROL CHORD METHOD

COINCIDENT LEADING

AND TRAILING EDGE
POINTS (ZERO-LENGTH
CONTROL CHORD)

TRUNCATING TIP
PANEL EDGE
(CARD 11P)

1

TRAILING- TRAILING- LEADING-
EDGE EDGE gggﬁER
CORNER EXTENSION . .
SOINT SN POINT
\_.\ ~
SN STREAMWISE

COINCIDENT EDGES METHOD TRUNCATED PLANFORM METHOD “~_ CONTROL

o CHORD

Tip paneling is partly controlled by the wing definition technique. If a planform
corner point on the trailing edge is joined to a corner point on the leading edge
by a wing-tip control chord of finite length, the spanwise panel edges form
quadrilateral tip panels. If the planform leading- and trailing-edge tip points
are coincident, the tip has triangular panels. For the oblique-control-chord '
method, hand calculations are needed to locate the streamwise percent-chord
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positions of the tip panel centroids; this difficulty was discussed above for
yawed control chords in the wing. The triangular panels of the coincident-
edges method avoid this difficulty, but do not yield a good solution for a wing
optimization analysis [CASE (Card 5A) = 3.] .

The truncated-planform method, which avoids both of these difficulties,
is recommended. The planform's leading edge is input coincident with the
given wing. The trailing edge is input coincident with the given wing's trailing
edge on the wing's inboard side; outboard, however, it extends spanwise and
terminates exactly streamwise of the tip’s leading edge (see sketch, page 130).
Thus the tip control chord is streamwise. The tip paneling card (Card 11P) is
used to input the oblique edge.

With this method, the panel centroids of all the chordwise rows are in the
same streamwise percent-chord position, from the root-chord row to and
including the tip row. Also, the tip is paneled with quadrilateral panels which
yield reasonable optimization solutions.

The streamwise wing buttock lines, which define the wing panel's stream-
wise edges [Card(s) 10P], should be input so that each streamwise row is the
same width. At an oblique tip, the mean width of the row should match the
width of the other streamwise rows. The constant-percent-chord lines, which
define the wing panel's leading and trailing edges [Card(s) 18D}, should be
spaced at a constant interval for optimization solutions. For given-configuration
solutions, smaller panels may be placed in the region where the wing section
changes most rapidly (e.g., leading edge). Panels there should have signifi-
cantly shorter chords than panels farther aft. For wing camber optimization,

the wing's inboard panels should be approximately as long as they are wide.

A maximum of 110 wing panels can be specified. Except for problems
that are very simple aerodynamically, all 110 panels should be used.

Wing thickness can be specified by tables of upper- and lower-surface
airfoil ordinates (Cards 12P and 13P), or as thickness slopes in the aero-
dynamic section [Card(s) 14A and 14AB] . Camber and twist can either be
included in these ordinates or input as slopes in the aerodynamic section.

The airfoils, one for each streamwise column of panels, must be oriented

streamwise at spanwise locations corresponding to the y-centroid of each

column. A nondimensional airfoil-ordinate array can be specified, because

the program scales every array to fit the chord length at the specified span
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location. Furthermore, for wings having no twist and the same airfoil from
root to tip, only one ordinate table is needed. The program will scale the
airfoils and correctly locate them across the span.

The following sketch is a sample paneling of a wing with these recommen-

dations applied.

NUMBER OF PANELS =96 -

[T 777"
1717775
1777

GIVEN PLANFORM PANELED PLANFORM

Program inputs for an arrow wing with camber, twist, and thickness are
shown in section 5.4 (page 181). The aerodynamic section calculates pressure
and force coefficient data for the specified wing geometry at Mach 2.05 for an
angle-of-attack series (a = 0, 2, and 6 degrees). In addition, the wing
camber shape, pressure coefficients, and force coefficients for a wing with
identical planform and thickness distribution are determined for two cages.
One has a constant ACp distribution, and the other is a minimum-drag wing.
Both are constrained to a total CL =0.1.

Wing-Body Combination. — The wing-body case, the most complex both .

geometrically and aerodynamiecally, requires full use of the program. The
wing and body are defined as in the previous discussions on wing alone and
body alone. However, because the wing's effect on the body is desired, the
body must be paneled aft of its intersection with the wing's leading edge.

The wing's effect on the body is determined by the influence-coefficient method.
Body pressures caused by body thickness and camber are determined by the
source-doublet method as in the body-alone case. A maximum of 100 bhody

panels and 110 wing panels may be specified.
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The program panels the defined body. If for some reason it is desired
that the equivalent body of circular cross section be paneled, the body defined
must be the equivalent body. Note that in a body-alone case, the radii and
station centroid locations determined by the definition and transformation
sections are passed directly to the aerodynamic section to calculate the source
and doublet strengths. This procedure bypasses the paneling section.

The geometry definition of the body proceeds the same way as in the body-
alone case. The meridian lines constructed in the definition section form the
streamwise body-panel edges. Therefore, the desired body paneling must be
known when the body definition is being established, because the #-array
determines the radial location of meridian lines. The transverse body panel
edges are specified in the paneling section [Card(s) 6P, 7P].

Wing paneling is handled the same as for the wing-alone case except that
the inboard wing-panel edges formed by the wing-body intersection are deter-
mined by the program. The wing definition should extend into the body to
ensure that the program will find a wing-body intersection. Only the exposed
wing planform is paneled.

The procedure of establishing a body axis system through the forward and
aft body-station centroids is the same as for the body-alone case. In addition,
the wing is oriented parallel to the x-y plane. The wing height, z,, is com-
puted by the program as the average of the leading- and trailing-edge heights
above the x-y plane.

X,Y,Z - DEFINITION AXES
X, ¥, Z - BODY AXES

1 DEFINED WING POSITION

MIDCHORD

TRANSFORMED
WING POSITION

AFT STATION
CENTROID

AR WA

- X

— - X
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This transformed wing-body combination in the body axis system is the
configuration that is paneled. All panel corner points, centroids, and control
points are determined relative to the body axis system. Any wing incidence
desired relative to the x-axis may be given by specifying an airfoil ordinate
table with the correct incidence, or may be input as slopes in the aerodynamic
section [Card(s) 12A and 12AC] . Wing thickness may be input by specifying an
airfoil ordinate table, or by inputting thickness slopes to the aerodynamic
section [Card(s) 14A and 14AB]. The entire wing shape may be pitched in
relation to the wing axis by an input to Card 11A. The paneling is not affected
by the airfoil ordinate tables, the wing incidence, or the aerodynamic slopes.

The wing intersection must not cross a body-definition meridian line. This
can be prevented by choosing a § -array, or a set of (Y, Z)-points on Card(s) 95D
for SCODE [Card(s) 6D]=6 , that causes the meridian lines to straddle the wing
intersection region. Specifying a meridian line coincident with the wing inter-

section also prevents a body meridian from crossing the wing intersection.

WING INTERSECTION

e y

WING PLANE X
_____ J -

6-ARRAY OR (y,z) POINTS STRADDLING
THE WING INTERSECTION REGION

134

-



WING INTERSECTION
L) [

WING PLANE
y,2)

&-VALUE OR (7,2) POINT CORRESPONDING TO THE
WING INTERSECTION ALONG A BODY MERIDIAN LINE

If the body is defined with the wing intersection between meridian lines,
the paneling section constructs another longitudinal panel edge running aft
from the wing's trailing edge (see the following sketch). Note that this merid-
ian line is displaced in the #-direction just aft of the wing's trailing edge, so
that it is halfway between the input "straddling" meridian lines on the aft-body
panels. This completes the added body-panel strip formed by the wing inter-
section. The number of panels around the body is the same at all stations, and
the extra panels created by this procedure must be included within the maximum

of 100 body panels.

z
+ BODY-DEFINITION MERIDIAN LINES

. NO PANELING __.
IN THIS REGION /—WING INTERSECTION

[
/ -

ADDITIONAL BODY PANEL EDGE RUNS
AFT OF WING INTERSECTION AND
HALFWAY BETWEEN EXISTING

MERIDIAN LINES
(GENERATED BY PROGRAM)

Body pressures due to thickness are determined from a set of equivalent
body radii and body camber (z-centroid) values.
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Transverse body panel edges in the wing intersection region must coincide
with the spanwise wing panel edges, but do not have to be as numerous as the
spanwise edges. The body panel edges in this region are specified by a table of
integers that identify those spanwise wing panel edges that continue around
the body to form transverse body panel edges. The spanwise wing panel edges
are numbered consecutively from leading edge to trailing edge, as sketched
below. The integers corresponding to those edges that continue around the body
appear in sequence in the table. The table must always start with the integer 1
and terminate with the wing trailing-edge number.

IDENTIFYING
INTEGERS FOR

y WING SPANWISE
PANEL EDGES:

NUMBERS 1, 3,5

SHOULD APPEAR IN
BODY PANEL TABLE
(CARD(S) 7P)

THREE TRANSVERSE BODY
PANEL EDGES AFT OF WING
DEFINED IN THE BODY

172 314 5 COORDINATE SYSTEM
(CARD(S) 6P)
4 _1 X

Transverse body panel edges aft of the wing trailing edge are defined in the body
coordinate system.

Paneling the body is more complex than paneling a wing planform, since
many multipart panels may occur. Two-part panels also can occur on some
wing tips and along the inboard strip of wing panels if the wing intersects the
body in a region of closure as shown below.

y

TWO-PART WING
PANEL REGIONS

THREE-PART
BODY PANEL
REGION
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Body panels occurring in regions of closure are three-part panels. All
wing and body panels must be quadrilateral with two streamwise edges. When
paneling situations occur that do not satisfy these conditions, a multipart panel

whose individual parts satisfy the conditions is constructed internally by the
program (Card 5P, TOLB). A typical body panel and its parts are shown here:

y

STREAMWISE SIDE,
ZERO LENGTH

MAIN PANEL

SECONDARY
PANEL PARTS

STREAMWISE SIDE,
ZERO LENGTH

Most supersonic bodies do not have regions of rapid closure (hypersonic
blunt bodies are not adaptable to the linearized analysis techniques of this pro-

gram); therefore, the secondary body panel parts are usually very small, If

these secondary areas are nearly zero, the matrix of influence coefficients ean
become singular, preventing matrix inversion. A tolerance control on the lead-
ing-edge slope of these secondary panel parts can be used to avoid this matrix
problem. This tolerance is specified in the paneling section. The same matrix
problem can result from secondary wing panel parts. A control tolerance on
these wing panel parts also is specified in the paneling section. Program input

illustrating the use of these tolerance controls (TOLB on Card 5P and TOLW on
Card 9P, respectively) is contained in section 5.4 (pages 188 and 189).
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Experience with the program has shown that it will not always successfully
analyze a configuration that makes full use of the definition, transformation,
and paneling sections. In particular, a paneled wing-body combination may not
be properly defined and analyzed if it uses a contoured body, a cambered body,
a body of ''radical" cross section, or a shoulder-mounted or very-low-mounted
wing. Pressure calculations on the body and wing panels may be erratic, and
drag and lift figures may be incorrect.

These difficulties can be partly overcome by the following techniques:

The primary effect of body thickness and camber is obtained by inputting
equivalent body radii and camber (z-centroids) to the aerodynamic section
directly. Only a cylindrical uncambered shell of body panels is then input to
the definition section; these panels account for the wing-on-body interference,
a secondary effect.

A zero-radius section is input at the nose. The body-definition enriching
tolerance, CHDB (Card 4D), is set to zero. A cross section representing the
configuration's body in the region of the wing-body intersection is determined.
This cross section is then input by using SCODE (Card 4D) = 6. just ahead
of the intersection. A meridian line is defined at the intended height of the wing,
and other meridian lines are positioned along the cross-section perimeter
as evenly as possible. Using SCODE = 0., other stations are placed throughout
the region to be paneled; the last defining section should be just aft of the last
(planned) transverse body panel's trailing edge. The last body cross section
is a zero-radius station at the body tail. The body is defined at its true
length so that the source control stations will be located correctly.

The nomenclature and paneling sequence is shown in figure 29.

The wing is input in the manner used for wing-alone configurations. The
wing-alone recommendations also apply to the wing-body configuration. In
inputting the streamwise wing-buttock lines (panel edges), note that the program
sets the wing-body intersection as the inboard streamwise edge of the wing
root panels; no input is required for this panel edge.

The body radii and camber (z-centroid) values generated by the geometry
and paneling for the source control stations should not be used in the aerody-
namic section. These values must be replaced by choosing Option B on

aerodynamic Cards 8A and 9A and inputting the true equivalent radii and
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camber values on Card(s) 8AB and Card(s) 9AB respectively, These values
may be calculated by using the program in the following way:

The configuration body is input to the definition and paneling sections as
a body-alone case; the data is terminated after Card 2P with an END OF DATA
card. Equivalent body radii and camber values are thus generated. If the
geometry transformation is done without rotation, the camber values may be
used directly. If any rotation occurs, the camber values must be adjusted to
be relative to an x-axis running through the nose, parallel to the definition

X-axis. The following sketch shows the adjustment.

\ — —————AXIS OF BODY AS DEFINED
z X DEFINITION AXIS

:x BODY AXIS

x" ADJUSTED BODY AXIS

-
4 a TRANSFORMED
= A |

> X

2-CAMBER pjusTED = Z-CAMBER ggpy + *BODY) SIN (% TRANSFORMED]

Aerodynamic save tape. - Sections 4.3 and 4.4 show that the aerodynamic

matrix [the square matrix on the left side of equation(117)]depends only on
paneling and Mach number. The right side's ultimate variables, wing
thickness slopes [equation 93)], wing camber and angle of attack, and body
thickness and camber are completely independent of Mach number. The
""'solution' to equation(117), the column matrix of panel pressures, is obtained
by inverting the left-side square matrix and multiplying it by the right side.
The left-side square matrix is termed the "aerodynamic matrix."

About four-fifths of the computing time is used in forming and inverting
the aerodynamic matrix. It is often desired to analyze a given configuration
with different wing cambers and thicknesses (or none at all) or with different
body shapes. For this reason the inverted aerodynamic matrix is placed on

a tape which can be saved for repeated use.
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In addition to the inverted aerodynamic matrix the "aerodynamic tape"
also saves, for optional use: the wing camber, twist, and thickness from the
paneling section; body source control stations and body camber and thickness
from the definition section; and data needed to calculate lift, drag, and
moment coefficients. A complete and detailed description of the information
saved on the aerodynamic tape is found in Format 5 of Appendix D in Part II.

The following illustration shows the inputs required for saving and reusing
the aerodynamic tape. At the end of a comp‘flter run in which an aerodynamic
tape is to be saved, the computer operator removes the reel of tape from the
appropriate tape unit (Unit B6 in the example), assigns it an identifying
number, and stores it. The identifying number is given to the user. When
the user wishes to re-use the tape, he begins his data with Card 1A
(AERODYNAMIC), selects the USE TAPE option for Card 2A, and enters the
identifying tape number on the appropriate program control card.

The aerodynamic save tape control card (Card 2A) is repeated here from
section 5.3 for easy reference. As indicated in the definition, each option for
Card 2A requires a particular tape usage card. As shown below, the arrow[:>

indicates one of the tape usage cards.

Card 2A Select and input one of the following data control cards.

1-7 COMPUTE The aerodynamic matrices and
geometry data are not saved on
computer tape; this card is used
when a defined and paneled configu-
ration is input. Use the word
SCRATCH on the tape usage card. *

1-9 SAVE TAPE The aerodynamic matrices and
geometry data are saved on tape for
repeated analysis. The body and
wing thickness and camber from the
geometry section are also saved for
optional use. This card is used
when a defined and paneled configu-
ration is input, Use the word SAVE*

on the tape usage card.

*Peculiar to Boeing system.
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1-8 USE TAPE A previously saved aerodynamic
computer tape is to be used; no
definition nor paneling data are
input when this option is selected.
Use the word MOUNT on the tape
usage card; also, input the appro-
priate tape number in Columns
15-21 and the word IN/OUT in
Columns 34-39 of the tape usage
card, *

Most of the data (such as body radii) on the aerodynamic fape can be
superseded by selecting the appropriate option in the aerodynamic section and
inputting the data desired. For example, selecting CASE (Card 5A) = 3.

(the wing camber optimization) and inputting constraints on Card 13A auto-
matically suppresses any camber input to Card(s) 12P and 13P in generating
the aerodynamic tape. Such camber could be used by specifying CASE = 2.
and inputting GIVEN on Card 12A.

DATE SEP 20, 1966 94liF TAPE  9/12/66 TIME
*JOB 57530B C RAZTEAI7542/LARSEN, J.W. /1.580/5-0206/6-7000
ACCT TIME 5
XEQ

PRINT ESTIMATE (5000. 100)
USE D072 C4 800, IN ALTERNATE INPUT TAPE
USE  SCRATCH C3 800, IN IBJOB OVERLAY LINK TAPE

* K ¥ X K %X X X

SCRATCH Ad, A5, B2, B3, C1, C2, C9
> SCRATCH B6

STOP

*  PAUSE

PAUSE SETUP TIME FROM 14.476 T0 14.480
*IBSYS
BEGIN LOADING IBSYS TIME 14.481

ENTERING [BSYS BASIC MONITOR CONTROL STD 09/12/66

NOTE: THIS FORMAT PECULIAR TO BOEING SYSTEM

Flow visualization. - The flow visualization section provides a highly

flexible means of visualizing the resultant flow field induced by the singularities'
representation of the configuration.

*Peculiar to Boeing system,
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The effects of the vorticity panels can be suppressed from the calculation
by setting CAMN (Card 2F) = 1. in the data. I the only matter to be studied
is wing thickness effects, selecting this code saves much computer time.
However, thickness interference effects at a wing-body intersection will not
be accounted for, and the body lifting effects due to line doublets will still be
present,

There are three modes of visualizing flow: field interrogation, stream-
lines, and field point characteristics. The field interrogation mode uses a
three-dimensional array of points established by the program. The program
output at each point consists of point coordinates (relative to the transformed
body axis), velocity components (-1'1., 7, and _v;), and a pressure coefficient
(Cp). Meaningful results cannot be expected for points inside the body, or near
panel edges or the wing wake. A two-dimensional array is obtained by
specifying a three-dimensional array with zero width in one direction. A
two-dimensional skew array may also be specified as in section 5.3, page 176.
The skew grid is defined in a plane which is defined by one of the coordinate
axes (selected) and an axis with any specified orientation. The graduations on
the coordinate axis are specified the same way as for the three-dimensional
array. The graduations on the skew axis are determined by the intersections
of a family of planes normal to a selected coordinate axis through its specified
graduations (figure 30). The axis used to graduate the skew axis must be
selected with care, because the forementioned family of planes must
intersect the skew axis.

The second mode of visualizing flow is streamlines. A point is selected
outside the body (not on the wing plane); the program then calculates the
coordinates of the streamline by a step-by-step velocity-vector integration
method, first upstream and then downstream of that point. The maximum and
minimum step sizes that the integrator will take in locating successive stream-
line points is set for the XNS (Card 4FB) streamlines to be calculated. The
initial step size XDELT (Card 4FC) is specified individually for each stream-
line. Printout consists of interpolated streamline coordinates beginning at
XMIN (Card 4FC) and proceeding downstream in increments of the initial step
size XDELT to XMAX (Card 4FC). An optional printout format may be used
by setting PRINT equal to 1. (Card 4FA). This optional format consists of the
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SKEW AXIS
/

FAMILY OF PLANES NORMAL TO z—-AXIS

DY=20
YN=1 GRADUATES SKEW AXIS FROM 0 THROUGH A
z
SKEW AXIS
/]
‘_/_/ A (XA,YA,ZA) (CARD 3FB)
T [l /S /S S LSS S
L/ / / /J /7 /7 /7 7 7
L VvV /S /S 7T
Ll 2 /S /S /S /S 7T
AR VAR A A A A A4
/] ££// // // // // // // // 7J ‘
(X0, YO, ZO)%__D A ARV A A A4 l/ 7 I:IT(CARD 3FB)=X
! 4 7 | - X
/ / — Dx ‘._ (CARD 3FC)
L/

SKEW AXIS AND “LIT" AXIS
DEFINE SKEW PLANE

FIGURE 30 FLOW VISUALIZATION, SKEW GRID GRADUATIONS, AMD (CARD 3FC) = 4.
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coordinates of the actual points calculated in generating the streamline, and
the velocity components and pressure coefficients at each point.

The third and last mode of flow visualization is a calculation of perturba-
tion velocity components (u, v, w), velocity components (-17 . v , w )s
and a pressure coefficient (Cp) at specified points. The point coordinates are
input directly. Just as with the grid mode, meaningful results cannot be
expected at points inside the body or along panel edges.

Visualization calculations apply to the last angle of attack of the last
aerodynamic analysis. A visualization of a configuration which has been
previously saved on a "'save tape' can be obtained by inputting Card 1A
(AERODYNAMIC), Card 2A (the appropriate option), and the flow visualization
cards beginning with Card 1F.

Summary of Usage Recommendations. - This summary of recommenda-

tions made in this section includes some added points which did not require
explanation in the main text. Items 1 through 10 in this summary are listed
by number; their application is shown by code in figure 31.

1. No body camber or cross-section variation is recommended in the
body paneling of a wing-body combination; only a cylinder of character-
istic cross section should be used.

2, Interior angles between body panels must be greater than 100 degrees
and less than 175 degrees.

3. Body panels should be approximately equal in width.

4. Body panels should be approximately equal in length in the region of
the wing intersection and downstream.

5. A body meridian line should be input coincident with the plane of the
wing panels.

6. In a wing-body analysis, body thickness and camber should be input to
the aerodynamic section directly.

7. The angle between the wing panels and the adjacent body panels must
be not less than 45 degrees.

8. Root wing panels must be roughly the same size as the adjacent body
panels; 1/2 & (AREA]. /AREAJ. )< s

body wing
9, The wing should be defined with streamwise control chords from the
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root to and including the tip. Oblique tips are paneled by truncating
the planform.

10. Wing panel rows should be of equal width. The constant-percent-
chord lines defining the panels' leading and trailing edges should be
at an equal percent interval for a camber optimization analysis.

11. All but the simplest configurations should use as many panels as
possible.

12, Whenever a configuration is to be analyzed more than once, an
aerodynamic computer tape should be saved.

13. Whenever the flow visualization section studies only thickness effects,
the option CAMN (Card 2F) = 1. should be selected.

FIGURE 31 DIAGRAM OF RECOMMENDATIONS ON PROGRAM USAGE
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5.3 Program Card Input Format

Aerodynamic cases that can be solved for the various configuration prob-

lems are the following:

CONFIGURATION
BODY ALONE WING ALONE L
| | |
DETERMINE PRESSURE DIS- DETERMINE CAMBER AND DETERMINE WING CAMBER AND
TRIBUTION, C_, Cp, AND TWIST, CL, Cp, AND C, TWIST, BODY PRESSURE DISTRI-
Cy» FOR AN EQUIVALENT FOR A WING WITH GIVEN BUTION, AND TOTAL C, Cp,
BODY WITH THE SAME LIFT DISTRIBUTION AND Cy, FOR GIVEN BODY AND
AXIAL DISTRIBUTION OF T A WING WITH GIVEN LIFT
CROSS SECTIONAL AREA DISTRIBUTION.
AND CAMBER DETERMINE PRESSURE DIS- I
TRIBUTION, Cy , Cp, AND
Cy, FOR A WING WITH DETERMINE WING AND BODY
GIVEN CAMBER, TWIST, AND PRESSURE DISTRIBUTIONS,TOTAL
THICKNESS. Gt Cp, AND Cyy, FOR GIVEN
T CONFIGURATION.
DETERMINE OPTIMUM |
CAMBER AND TWIST, Cp, DETERMINE OPTIMUM WING
AND Cp, FOR A WING WITH TWIST AND CAMBER, WING AND
GIVEN TL OR GIVEN CL BODY PRESSURE DISTRIBUTIONS,
AND Cp. WING DRAG IS TOTAL C, Cp AND Cp, FOR A
MINIMIZED. GIVEN BODY AND WING WITH SPE-
CIFIED C|_ OR GIVEN C_ AND
CENTER OF PRESSURE (Cy).
WING DRAG IS MINIMIZED.
]

VISUALIZE FLOW AS:

® STREAMLINES AROUND THE
CONFIGURATION;

e RECTANGULAR VELOCITY
COMPONENTS AT RANDOM
POINTS; OR )

o A THREE DIMENSIONAL ARRAY

OF POINTS.
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The corresponding input card sets needed to define and analyze a configura-
tion are shown in figure 32. A completed input data deck resembles figure 33.
The cards are organized into four groups: definition, paneling, aero-
dynamics, and flow visualization. Each card's identifying code (columns 74
through 80) designates the group by the letter D, P, A, or F,

Multiple aerodynamic cases on a given geometry for a given Mach number
may be requested in the aerodynamic set. If the Mach number or

configuration is changed, the geometry must be redefined.

SUMMARY

The following chart summarizes the input data cards required to analyze

each of the three basic configurations.

Geometry Definition

Card Set Wing~Alone Body-Alone | Wing-Body
Card 1D Yes Yes Yes
Cards 2D-9D No Yes Yes
Cards 10D-18D Yes No Yes
Cards 19D-20D No No Yes
Card 21D Opt Opt Opt
Card 22D Yes 7 Yes Yes

Geometry Paneling

Card Set Wing-Alone Body-Alone | Wing-Body
Cards 1P-2P Yes Yes Yes
Card 3P Yes No Yes
Cards 4P-7P No No Yes
Cards 8P-13P Yes No Yes
Card 14P Yes No Yes
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Aerodynamic
Card Set Wing-Alone Body-Alone | Wing-Body
Cards 1A-6A Yes Yes Yes
Cards TA, 8A~BAA,
9A-9AA No Yes Yes
Cards 10A-10AA Opt (if CASE = 1.) No Opt
(or -10AB)
Cards 11A-11AA, Opt (if CASE = 2.) No Opt
12A-12AA (or -12AC)
Card 13A Opt (if CASE = 3.) No Opt
Cards 14A-14AA Opt (if THICK=1.) No Opt
(or -14AB)
Cards 15A Opt (if POLAR >0.) No Opt
Card 16A Yes Yes Yes
Flow Visualization
Card Set Wing-Alone Body-Alone | Wing-Body
Cards 1F=-2TF Yes Yes Yes
Cards 3F, 3FA, ' Opt Opt Opt
3FB, 3FC (GRIDS option)
Cards 4F, 4FA, Opt Opt Opt
4FB, 4FC (STREAMLINES option)
Cards 5F, 5FA ~ Opt Opt Opt
(POINTS option)
Card 6F Yes Yes Yes
Terminal Card Yes Yes Yes

Note: For Aerodynamic section input data, only one of the following three
card sets can be used per case:
1. Cards 10A-10AA (or -10AB). For CASE= 1. (design case),
defines ACp distribution.

9. Cards 11A-11AA, 12A-12AA (or -12AC). For CASE = 2.
(analysis case), gives wing angle of attack, twist, and
Az/Ax camber distribution.

3. Card 13A. For CASE = 3. (optimization case), gives constraints.
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BODY ALONE

GEOMETRY
DEFINITION SET
10-6D, 22D

GEOMETRY
PANELING SET
1P, 2P

AERODYNAMIC SET |

CONFIGURATION

WING ALONE

GEOMETRY
DEFINITION SET
1D, 10D~ 18D, 22D

GEOMETRY
PANELING SET
1P, 2P, 3P, 8P~14P

| AERODYNAMIC SET

WING-BODY
COMBINATION

GEOMETRY
DEFINITION SET
10+ 20D, 22D

GEGMETRY
PANELING SET
1P-14P

__| AERODYNAMIC SET

1A, 28, 3A 1, 2A, 3A 1A, 2A, 3A
GIVEN PRESSURE GIVEN PRESSURE
—  CASE 1 [ CASE |
GA~3A, 10A, 15A 4A~10A, 15A
GIVEN SHAPE GIVEN SHAPE GIVEN SHAPE
CASE 2 L CASE 7 4A~5A, —  CASE 2
1A=9A. 15A 114, 12A, 154 1A~11A, 124, 15A
WING OPTIMIZATION WING OPTIMIZATION
|| CASE 3 [_{ CASE 3
4A, 5A, 13A, 15A 4A~5A, 13A, 15A
FLOW
VISUALIZATION
IF, 2F
| ]
GRIDS STREAMLINES POINTS
3F: 3FA, B, C 4F; 4FA, B, C 5F: 5FA, B

FIGURE 32 OUTLINE OF INPUT CARDS NEEDED TO DESCRIBE AND ANALYZE A CONFIGURATION

149



END CARD TERMINATES
PROBLEM SET

REPEAT CARDS ARE ADDED FOR
OTHER PROBLEMS INVOLVING '( END OF DATA
DIFFERENT CONFIGURATIONS

I
F

OR MACH NUMBERS =
DATA CARD SET FOR =
N UALIZA NEEDED\ ”/LA ONAL PROBLEMS (STARTS WITH DEFINITION ET% |

y )

y ‘
TWO BLANKS TERMINATE %
AERODYNAMIC CASES \ / DATA CARDS 1F—6F (FLOW VISUALIZATION)
{; BLANK CARD 16A
DATA CARD SETS 4A-15A BLANK CARD 16 A )
ARE REPEATED /ﬁ = |
AS NEEDED (L.E.
MINIMUM DRAG, DATA CARDS 4A-15A (LAST CASE)
FLAT PLATE, ~_ / /£
CONSTANT
PRESSURE) ﬂATA CARDS 4A~T5A [OTHER CASE(S)] _ }
#

DATA CARDS 4A~15A (FIRST CASE)
DATA CARDS 2A-3A
DATA CARD 1A (AERODYNAMICS SET)

s ']
1]
o am

/ DATA CARDS 1P-14P (GEOMETRY PANELING SET)

/ DATA CARDS 1D-22D (GEOMETRY DEFINITION SET )

FIGURE 33 SAMPLE DATA DECK
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GEOMETRY DEFINITION CARD SET

All geometry definition data, except title cards and literal statements, are
punched in six-field, ten-digit format. A decimal point is required in each
data field.

For a body-alone problem definition, Cards 10D through 19D are omitted.
For a wing-alone problem definition, Cards 2D through 9D, 19D and 20D are
omitted.

Column Code Explanation

Card 1D 1-6 DE FINE Columns 1-6 contain the word DEFINE,

Card 2D 1-4 BODY Columns 1-4 contain the work BODY. Card
2D is used only when a body or wing-body
combination is defined.

Card 3D 1-72 TITLE Any desired title.

Card 4D 1-10 BNS Number of defining body stations.
2. & BNSYK 50..

11-20 BTHETA There is a defining-body cross section at
each body station. This column gives
number of points on each cross section;
i.e., number of p,# or Y, Z pairs per
station.

3. < BTHETA < 10..

21-30 AXIS (1) Y-coordinate of body definition axis
(cf. page126).

31-40 AXIS (2) Z-coordinate of body definition axis
(cr. page 126).

41-50 CHDB Dimensional tolerance to be used in generat-
ing additional body-meridian line points
between given stations. If CHDB < 0. or
if BNS < 4., no additional points will be
generated. If 0. < CHDB < 0.001, then
a value of 0,001 will be used (see page
of Part II).

Card(s) 5D 1-10 01 Array of angles (#), in degrees at each
: : defining station. There must be exactly
(2 cards 51-60 B¢ BTHETA angles < 10, six per card.

maximum) ete

Card(s) 6D  1-10 STA X-coordinate of body station.
(50 maximum) (One card is needed for each defining station),
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Column Code
11-20  YZ(1)

21-30  YZ(2)

31-40 SCODE

Note — if options 1, 4, 5, or 6
are designated, the added infor-
mation card(s) 7D, 8D, or 9D
must be inserted behind that
station card 6D and before the
next station card 6D.

41-50 RAD(1)

51-60 RAD(2)

Explanation

152

A Y-increment added to body definition

axis to establish a local origin from
which all p, 8 for this station are
measured.

A Z-increment added to body definition

axis to establish a local origin from
which all p, § for this station are
measured (see page 127).

= 0. this cross section is identical to
previous section.

= 1. this cross section is specified by
BTHETA values of p (on cards 7D).
The @ -array of card(s) 5D will be
used. '

= 2, this cross section is a circle.
(Radius given in columns 41-50.)

= 3. this cross section is an ellipse.
(Horizontal semi-axis is given in
columns 41-50, the vertical in
columns 51-60,)

= 4, this cross section is circular

(radius given in columns 41-50) with
an angle array (on card(s) 8D) differ-
ent from the @-array on card(s) 5D.
This option allows local deviations in
the meridian lines.

5. this cross section is specified by
a set of p (on card(s) 7D) and by a
nonstandard set of 8 (on card(s) 8D).

6. this cross section is given by a
set of Y, Z pairs (on cards 9D).

Radius of section if SCODE = 2, or 4..

Horizontal semi-axis if SCODE = 3..
Not used otherwise.

Vertical semi-axis, if SCODE = 3..
Not used otherwise.



Card(s) 7D

Card(s) 8D

(2 maximum
per station)

Card 9D
(3 maximum
per station)

Card 10D

Card 11D
Card 12D

Notes:

Column Code
1-10 f.’l
51- P,
51-60 cte. ©

6
1:10 1
51—~
51-60 ole. 96
1-10 Y;
11-20 Z1
21-30 Yo
31-40 Zy
41-50 YS
51-60 Z3

ete.
1-4 WING
1-72 TITLE
1-10 PNLE
1.

Explanation

A set of body radii P if SCODE = 1. or
5.. There must be BTIIETA < 10
values of P.

A sel of @ if SCODE =4, or 5.. There

must be BTHETA < 10 values of g.

Array of Y, Z coordinate pairs if
SCODE = 6,.

Columns 1-4 contain the word WING,
This card is used whenever a wing is
defined, Tor the case of a body alone,
omit cards 10D through 19D, After
reading a WING card, the program
expects wing definition data.

Any desired title.

Number of corner or break points
defining the planform leading edge
(see page 129).

There is a maximum of three Card(s) 7D and/or
Card(s) 8D per station.

For inputting a body meridian exactly coincident
with a wing's intersection, it is recommended that
the cross-section option SCODE = 6. be used and
that CHDB = 0., The Z-height of the intersection's
meridian [Card(s) 9D] is held constant and at exactly
the same height as the wing [Card(s) 17D]. The aft-
most body-defining station must be a zero-radius
circle. (See pgs. 134 and 135 section 5.2.)
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" Card 13D

Card(s) 14D

Card(s) 15D

Column Code
11-20 PNTE
21-30 AFN
31-40 PLN
41-50 WUL
51-60 CHD
i—lO PCODE
11-20 ACODE
21-30 EPS
1-10 Xy
11-20 Y;
21-30 Xo
31-40 Yy
41-50 X3
51-60 Y3
etc,
1-10 X1
11-20 Y;
21-30 X9
31-40 Yy
41-50  Xj

Explanation

Number of corner or break points de-
fining the planform trailing edge.

Number of planform control chords.
AFN 2 2., including the wing-tip
control chord. AFN must equal the
larger of PNLE and PNTE; that is,
each control chord must begin or end
at a planform defining point.

Number of constant percent chord

lines used to form spanwise panel edges.
Wing leading and trailing edges are
counted in this number,

= 1.

Must be left blank.
= 1,
= 1.
Must be left blank.

Array of points defining the planform
leading edge, arranged in order from
inboard to outhoard. There must be
PNLE point pairs; three coordinates
per card. '

For wing-body combinations, X; and
Y] must lie inside the body so that an
intersection can be calculated.

The X-axis defining these points orig-
inates at the nose of the configuration
(for wing-body cases) as defined by
the first Card 6D.

Array of points defining the planform
trailing edge, arranged in order from
inboard to outboard., There must be
PNTE point pairs; three coordinates
per card.

For wing-body combinations, X; and
Y, must lie inside the body so that an
intersection can be calculated.

154



Column  Code Explanation

51-60 Y3
ele,
Cards 16D Cards 16D and 17D always occur in pairs (unless AFNU = 0. on

card 16D) to define each wing control chord. There must be
AFN 2 2. pairs of 16D and 17D cards.

1-10 ATFK Code to indicate how the control chord
is oriented on the planform. See
sketches below.

WING CHORD DEFINITION

i Y71 Yo="1

T >y T - T >y

i ! |

: CONTROL ! X, CONTROL L X CONTROL

X1 _CHORD CHORD CHORD
X2
\j  / 14
X X X
AFK =1 AFK =2, AFK = 3.
LEADING-EDGE POINT TRAILING-EDGE POINT LEADING- AND TRAILING-
DEFINES CONTROL CHORD: DEFINES CONTROL CHORD: EDGE POINTS BOTH DEFINE
The control chord leading The control chord trailing CONTROL CHORD: The con-
point X1 is at a planform point X, is at a planform " trol chord leading edge X, is at
leading-edge defining point. trailing-edge defining point. a planform leading-edge defining
point

or

The contro! chord trailing point
X, is at a planform trailing-edge
d@fining point.

Both conditions must be
satisfied at the tip.

WINGTIP CONTROL CHORD DEFINITION (OBLIQUE)

\ Yr Y1 Y
v o » —r—
i ’ ! g Lo
1 H N )
| | | I
| ) |
B B Ly
!
TIP CONTROL TIP CONTROL TIP CONTROL
CHORD CHORD CHORD
L j v ]
X X X
AFK = 1. AFK = 2, AFK = 3.
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Card(s) 17D

Column Code
11-20 BETA
21-30 YL
31-40 YT
41-50 AFNU
1-10 X0
21-30 Xc
31-40 ZC

Explanation

Two of the three quantities Yy,, YT or 8
must be given. AFK indicates the
appropriate pair. In summary:

if AFK = 1., input Y7, and 83;
if AFK = 2., input YT and 3;
if AFK = 3., input YT and Y7,.

The angle of yaw, 8 , in the diagram. If
AFK =1, or 2. and BETA = 0., the chord
is streamwise. BETA is ignored if

AFK =3..

Y-coordinate of leading edge of control
chord. If AFK=1. or 3., Yy, is equal
to the Y-coordinate of the corresponding
planform leading-edge defining point.

If AFK=2., YL is ignored.

Y-coordinate of trailing edge of control
chord. If AFK=2. or 3., YT is equal to
the Y-coordinate of the corresponding
planform trailing-edge defining point.

If AFK = 1., Y is ignored.

= 2. The height and control-chord true
length are specified on the following
card 17D.

= (, The previous 17D card values are
used. Card 17D should not follow if
AFNU = 0..

= Q.

Z-coordinate at the leading edge of
control chord.

The control-chord true length. If Zg =
Zc =0, XC may be given an arbitrary
length, which is then scaled by the pro-
gram to make X¢ equal to the true
chord length.

Z-coordinate of control chord at the
trailing edge.
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~

Card(s) 18D

Card 19D

Card 20D

Column Code

Notes: 1.

2.
3.

1-10 Pl

51-G0 P

° ete, O

1-3 WBX

1-10

Explanation

Z . and ZC specify the height of the
wing, 7 .= Z(" always; furthermore,
the heigh(t) of each control chord,
including the tip, must be the same.

I'or wing~body configurations, Z . = ZC
must equal the height of the body
meridian intended as the intersection
meridian [Z-values, Card(s) 9D for
SCODE = 6.] .

The control-chord true length X _, may
be determined for ATK = 3. streamwise
chords by subtracting the X-coordinates
of the corresponding leading- and
trailing-edge points (or by applying the
right-triangle rule at an oblique chord).
(See page 155).

For ATK = 1. or 2., interpolation must

be done along the planform edge to
locate a point corresponding to the
chord’s associated planform defining

point.

Array of constant percent chord values
corresponding to the panel spanwise
edges. The leading-cdge value Py = 0..
There arc PLN values required with the
last value (for the trailing edge) = 100.

Colunmmns 1-3 contain the letters WBX.
This card indicales that a wing-body
interseetion is desired, For wing
only or hody alone cases, this card is
omitted.,

= 1. lincar inlerpolation used on body
station perimeters lo compute addi-
tional points between meridian lines
in the wing intersection region. Sce
sketch on page 127 , which illustrates
linear interpolation for the wing
intersection.
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Card 21D

Card 22D

Column Code

11-20

1-5

1-6

TDUMP

DEFEND

1

Explanation

= 2. biquadratic interpolation used on
body station perimeters to compute
additional points between meridian
lines in the wing intersection region,

Dimensional intersection tolerance,
Specifies the accuracy desired in locat-
ing wing-body intersection points. A
value of 0,001 is suggested.

Columns 1-5 contain the letters TDUMP.
This card is included if a dump of geo-
metry definition and geometry transfor-
mation tapes is desired. See Appendix
C of Part II for a detailed description of
these tapes. '

Columns 1-6 contain the word DEFEND.

This card ends the definition set and
must not be omitted.
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GEOMETRY PANELING CARD SET

All paneling data, except litle cards and literal statements, are punched in

six-field, ten-digit format. A decimal point is required in each data field.

For body-alone casc, cards 3P-14P are omilted.

For wing-alone case, cards 4P-7P are omitted.

Columns 1-5 contain the word PANEL.

This is the first card in the paneling

link and must always follow the

Column Code Explanation
Card 1P 1-5 PANEL
DEFEND card.
Card 2P 1-10

The number of source control stations

at which the radius for an equivalent

body of circular cross section and the

actual body station centroid height are

computed. A maximum of 50 stations

may be requested. It is recommended

is blank. that 50 stations be used. The radius
at each control station is used to

NOTE: In a wing-alone
problem, Card 2P

determine the source strength necessary

to simulate the body thickness.
camber height at each control station
and the body angle of attack (Card 7TA)

The

are used to determine the doublet
strength necessary to simulate body
camber and angle of attack.

11-20 Dimensional tolerance applied to the
additional points generated between
meridian lines on the perimeter of hody

defining stations.

This controls the

area and centroid location calculations.

A value of 0.001 is suggested,

21-30 This field contains an interpolation

code. The program first determines
an equivalent radius, R, at each body

defining section, X, and then estab-
lishes an R vs., X array. Interpolation

for additional radii at other stations is



Card 3P

Column Code

31-40

41-50

1-10 = XPER

11-20 YPER

Explanation
performed on this array. The same
technique is used to determine centroid
locations. (See section 5.2, page 128.)

1. linear interpolation for equivalent
radii and centroid locations of the
source control stations that are be-
tween body defining stations.

I

= 2. biquadratic interpolation for
equivalent radii and centroid locations
at the source control stations that are
between body defining stations,

= 1, linear interpolation between
meridian line points on the body
definition sections,

= 2, if biquadratic interpolation is
desired.

A dimensional tolerance value, E, such
that if any equivalent radius length or
centroid height, (z centroid), is less
than E, its value will be set equal to
zero. A value of 0,001 is suggested.

Fraction of local streamwise panel
chord at which panel control point is
located. 0. < XPER < 1,.

NOTE: XPER = .95 for all cases
discussed in this report,

Fraction of local panel width at which
panel control point is located.
0. < YPER < 1,.

NOTE: YPER = 0. is a code used
to locate the panel control
point on the chord through the
panel centroid. YPER =0.,
for all cases discussed in this
report.,
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Card 4P

Card 5P

Card(s) 6P

Card(s) 7P

Card 8P

Card 9P

Column Code

1-10 BODY PANEL

1-10 PLNB*

11-20 PLNW*

21-30 TOLB

1-10 XCEPTB;

51-60 XCEPTB6
etc.

1-10 . CODEBW;

51-60 CODEBW6
etc.,

1-10 WING PANEL

1-10 PLANE

*(PLNB + PLNW) < 21
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Explanation

Columns 1-10 contain the words BODY

PANEL.

Number of transverse body panel edges
aft of wing trailing edge-body inter-
section < 21, See upper sketch on
page 136.. If PLNB = 0., omit card 6P.

Number of transverse body panel edges
within the wing body intersection
region < 16.

Slope tolerance on hody secondary panel
part leading edges. Panel parts with

ay = TOLB in the local

slopes

panel coordinate system) are eliminated.
TOLB = 0,02 is suggested.

x-values of transverse body panel edges
aft of the wing trailing edge - body
intersection. There are PLNB values.

Omit this card(s) if PLNB =0, (See
upper sketch, page 136,)

Each field contains an integer identify-
ing those spanwise wing panel edges
which continue around the body to form
transverse body panel edges at the body
intersection., The table must always
start with the integer 1 and terminate
with the wing trailing-edge number.

See upper sketch on page 136. There
are PLNW values.

Columns 1-10 contain the words WING
PANEL,

Number of buttock lines which locate
the streamwise wing panel edges speci-
fied by cards 10P and 11P,

Wing-alone problem: PLANE is the

number of buttock lines locating the
streamwise panel edges including both



Column Code Explanation

the wing tip and centerline.

Wing-body problem: PLANE is the
number of buttock lines locating the
streamwise panel edges, but does not
include the inboard edge located by the
program at the wing-body intersection.
PLANE > 2.. See sketches below.

—
N -

{ — Y ! ]r - ¥
| | 3 4 5 6
bz 3o 2 3 YAWED WING \
CONTROL CHORD \
I l p
OR 1) \
- ™~
OR I/ | 4/ B
- . /
_l TRUNCATED
! ZERO-LENGTH I WING ’
WING CONTROL / PLANFORM X
X CHORD
PLANE=4, PLANE=4. PLANE=6.

11-20 OPTF = 1. upper and lower airfoil ordinates
are read in (cards 12P and 13P) at
each wing buttock line passing
through the panel centroids. If the
wing is untwisted and has the same
airfoil section from root to tip, only
one airfoil table is necessary. The
program will scale this table to fit
the appropriate chord,

= 0. no tables are read in and the wing
is a flat plate at zero incidence.

21-30 SNUM Number of given airfoil ordinate tables.

=0., only if OPTF = 0.
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Card(s) 10P

Card 11P

Column

Code

31-40

1-10

51-60

1-10

ete.

TOLW

YCEPT;

YCEPTg

CPNT

Explanation

1., same airfoil section from wing
root to tip.

(PLANE - 1), wing alone case airfoils
specified.

PLANE, wing-body case airfoils
specified.

Slope tolerance on wing secondary panel
part leading edges. Panel parts with

slopes AY Y TOLW are elimi-

nated. TOLW = 0.01 is suggested.

Wing buttock line values at which
streamwise panel edges are specified.
There are (PLANE -1) values. The tip
edge is specified on card 11P,

Code indicating how the most outboard
panel edge or wing tip is specified.

NOTE: This card controls the outboard
panel edge and in no way influ-
ences the spanwise edges which
are established by the geometry
definition (see page 130). The
outboard panel edge is usually
made coincident with the defini-
tion wing tip, but it may be used
to truncate the defined wing tip
and the spanwise panel edges
anywhere between the two out-
board wing buttock lines speci-
fied by card 9P, If truncation
is specified, the wing span
and area are reduced.

= 0, X and Y coordinates of the wing
tip leading and trailing edge are
given, Use VALUE(1) through (4).
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Card(s) 12P

First Card

Column Code Explanation

1. X and Y coordinates of the leading
edge and the slope (AX/AY) of the
wing tip are given. Use VALUE(1),
@) and (5).

2. X and Y coordinates of the trailing
edge and the slope (AX/AY) of the
wing tip are given. Use VALUE(3),
() and (5). :

11-20 VALUE(1) X-coordinate of wing tip leading edge if
CPNT =0.o0r1..

21-30 VALUE({2) Y-coordinate of wing tip leading edge if
CPNT =0.0r1..

31-40 VALUE(3) X-coordinate of wing tip trailing edge
if CPNT = 0. or 2..

41-50 VALUE 4) Y -coordinate of 'wing tip trailing edge
if CPNT = 0. or 2..

51-60 = VALUE(5) wing tip slope, % ,if CPNT =1. or 2..

Card(s) 12P and Card(s) 13P give the SNUM set of airfoil
coordinates. These card sets (12P and 13P) are always used
in pairs to define each airfoil; the coordinates apply at the
centroid buttock line of eaeh chordwise row of wing panels.
The inboard row is read in first, then the next row outboard,
then the next, etc. out to and including the tip row.

Chordwise biquadratic interpolation is used between input points.
Thus it is recommended that XNUM (1) be 25., or nearly 25.;
input points should be concentrated around regions of rapidly varying
thickness and/or camber, such as the airfoil leading edge.

The card sets (12P and 13P) are omitted if OPTF = 0.
1-10 XNUM(1) Number of points (X, Z coordinate pairs)

in upper surface airfoil ordinate table.
4, £ XNUM(1) € 25..
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Column Code Explanation

Second Cards 1-10 XFOIL1 Upper surface airfoil ordinate table.
Local X and Z coordinates are given from
11-20 ZFOILl leading edge to trailing edge. That is,
. . the first values of ZFOIL and XFOIL
. entered are always zero. If the wing
. . has no twist, an unscaled set of ordinates
41-50 XFOILg may be given and the program will scale
the airfoil to the local chord. The section
51-60 ZFOILg has no twist, if and only if,
etc. —_
ZFOILu.pper, trailing edge ~ (z FOILlower,T.E)
Cards 13P
First Card 1-10 XNUM{2) Number of points (X, Z coordinate pairs)
in lower surface airfoil ordinate table.
4, £ XNUM(2) ¢ 25..
Second Cards 1-10 XFOIL1 Lower surface airfoil ordinate table. To
input a completely uncambered section, it
11-20 ZFOIL1 is recommended that XNUM(1) =XNUM(2) and
that for I such that 1. ¢ I ¢ XNUM,
XFOIL(I), upper = XFOIL(I), lower and that
. . ZFOIL(), upper = - (ZFOIL(I), lower)
41-50 XFOIL3
51-60 ZFOIL
3
etc.
Card 14P 1-6 PANEND Columns 1-6 contain the word PANEND.

This card ends the paneling set and must
be used whenever any paneling is performed.
It is not needed for a body-alone problem.
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AERODYNAMIC CARD SET

All aerodynamic data, except title cards and literal statements, are punched
in seven-field, ten-digit format. A decimal point is required in each data
field. Data Cards 1A and 2A are input only once for a given configuration and
Mach number. The remaining aerodynamic data cards may be repeated as

necessary to solve the selected aerodynamic cases.

Column Code Explanation
Card 1A 1-11 AERO- Columns 1-11 contain the word

DYNAMIC AERODYNAMIC.
Card 2A Select and input one of the following data control cards.(See p.139.)

1-7 COMPUTE The aerodynamic matrices and geometry
data are not saved on computer tape; this
card is used when a defined and paneled
configuration is input. Use the word
SCRATCH on the tape usage card. *

1-9 SAVE The aerodynamic matrices and geometry
TAPE data are saved on tape for repeated

analysis. The body and wing thickness
and camber from the goemetry section are
also saved for optional use. This card

is used when a defined and paneled con-
figuration is input. Use the word SAVE
on the tape usage card. *

1-8 USE A previously saved aerodynamic computer
TAPE tape is to be used; no definition nor

paneling data are input when this option is
selected. Use the word MOUNT on the
tape usage card; also, input the appropriate
tape number in Columns 15-21 and the
word IN/OUT in Columns 34-39 of the
tape usage card.*

Card 3A 1-10 XMACH Mach number.

11-20 SYM = 0. the aerodynamic problem solved is
asymmetric about the vertical X-Z plane
(image panels not included, see page 56).

= 1. the aerodynamic problem solved is
symmetric about the vertical X-Z plane
(image panels included, see page 56).

*Peculiar to Boeing system
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Column Code Explanation

Card 4A 1-72 TITLE Any desired title.
Card 5A 1-10 CASE = 1. calculates wing twist and camber for
a given A Cp distribution on wing where
C =2¢C -C
4 P P lower p upper

= 2, calculates pressure distribution
over the configuration. Wing and body
camber can be changed within this option.

= 3. optimizes wing twist and camber for
minimum drag.

NOTE: TFor body-alone problems, only
case = 2, option is available.

11-20 CPCALC =0. calculations use linear equation;
C. = bu.
p
=1, C_ calculations use nonlinear
equation

Cp = —2u+32u2—v2—wz

= 2. C, calculations use the "exact"
isentropic equation on the isolated body
and the linear equation on the wing and
body panels. The "exact' isentropic
equation is

.
C =.L{[1+Y_1M2(1—(1+u)2+v2+w2>}3’“1—1}
p 9 o

where M is the mainstream Mach number,
U is the mainstream velocity and Y (1.4)
is the coefficient of specific heats.

21-30 POLAR = 0, drag polar not requested.
= 1. drag polar requested. A series
of incremental angles of attack is
specified on Card(s) 15A.

31-40 THICK = (. wing thickness pressures are not
calculated.

= 1. wing thickness pressures are calculated.
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Column
41-50

Card 6A 1-10

11-20

21-30

31-40

41-50

Code
vVOUT

RFAREA

XP

Zp

CBAR

SEMIS

Explanation

= 0. the velocity components are not
printed.

= 1. the velocity components are printed.

Half-wing reference area. If this field
is left blank, the program sums the wing
panel areas to obtain the reference area
which is the half-wing exposed area.

For the body-alone problem, a value
must be input, or a unit area is used.

x-coordinate about which the pitching
moments are computed.

z-coordinate about which the pitching
moments are computed.

= 0., Unit (1.) reference chord length
to be used in pitching-moment calcula-
tions.

= CBAR, Reference chord length of
CBAR to be used.

= 0. Unit (1.) wing semispan to be used
in spanwise CL’ Cp calculations.

= SEMIS, Wing semispan of SEMIS to
be used.

Card 7TA For configurations that include a body, the body angle of attack

is specified on this card.

1-10

ARB

Body angle of attack (degrees).

Card 8A For configurations that include a body, two options are available
for specifying the body radii. The first word on the first card
indicates the type of input. Omit this card set for wing-alone

problems.

1-5

1-72

Option A

= GIVEN, The body radii to be used are
those calculated in the geometry defini-
tion section. No additional cards are
needed.

Option B

= Identifying title. Any title calls the
option of inputting body radii directly.
The radii from the geometry section
are superseded,
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Column Code Explanation

Card(s) 8AB

Card 9A

Card(s) 9AB

Card 10A

(used only with Option B)

1-10 R1 The body radii are input on these cards.
11-20 R2 They are input from nose to tail and
. . apply at the source control stations
M : generated by the paneling section. There
61-70 R are XNRX radii required (Card 2P,
ete. 7 columns 1-10).

For configurations that include a body, two options are available
for specifying body camber. The first word on the first card is
the key to the type of input the program expects. Omit this card
set for wing-alone problems.

1-5 GIVEN Option A
Columns 1-5 contain the word GIVEN,
7-80 Any addi- The program takes the body camber as
tional that calculated in the geometry definition

identifying section. No additional cards are neces-
symbols sary for this option.

1-80 Any Option B
identifying The first card contains any arbitrary

symbols identifying symbols (other than GIVEN
or CONSTANT as the first word) to
describe the body camber. The program
expects more cards immediately to
specify the body camber.

(used only with Option B)

1-10 Z1 The body camber is input on these cards
11-21 Z2 as Z-heights of body cross sections at
. . the source control stations. The values
. . are input from nose to tail; there are
. . XNRX values required (Card 2P, columns
61-70 z 7 1-10).
etc,

Calculates wing twist and camber for a given wing A ¢ _ distri-
bution (CASE = 1., field 1 of Card 5A). Two options are Rvailable
for specifyingthe A C_distribution. These options are selected
by the first word on the first card of this set. Omit this set for
body-alone problems or CASE = 2. or 3.
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Column Code
1-8 CONSTANT

9-80 Any addi-
tional
identifying
symbols

1-80 Any
identifying
symbols

Card 10AA (used only with Option A)

1-10 C
A p

_Explanation

Option A

Columns 1-8 contain the word CONSTANT,
This option restricts the wing to have a
constant A C. distribution. This constant
value is specified on the following card.
Recall that

AC_=C -C

P p lower ~p upper
Option B
The first card contains appropriate
identifying symbols (other than GIVEN or
CONSTANT as the first word) to select

Option B. A Cp, for each panel is speci-
fied on the following card set.

A Cp for Option A.

Card(s) 10AB (used only with Option B)

1-10 A Cpl
61-70 A Cp7
etc.

A C.'s for Option B. This array must
be ordered starting with the inboard
panel at the leading edge and running aft
to the trailing edge, then proceeding
outboard to the tip in the same manner.
There must be the same number of
values as there are wing panels.

Values apply at panel centroids.

Card 11A For configurations that include a wing and for which CASE (Card
5A) = 2, the wing angle of attack and an optional twist distribution
are indicated on these cards.

1-10 ARW

11-20 TWIST

Wing angle of attack (relative to body
axis if wing-body configuration)

= 0. No twist distribution to be given.
= 1. Twist distribution to be specified
on following cards.

Card(s) 11AA (used only if TWIST = 1.)

1-10 ARWT

11-20 ARWT;
61-70 ARWTy
etc.

Twist angle for successive wing panel
columns; ARWT; applies to the inboard-
most column.

170

-~



Column

Code

Explanation

NOTE: Card 11AA is repeated until an angle for each column of

wing panels is given. Do not use Card 11AA if TWIST
(Card 11A) = 0.

Card 12A Calculates the pressure distribution over the configuration (CASE

= 2.,field 1 of Card 54A).

Three options are available for specifying

the camber shape of the wing. The options are selected by the
first word on the first card of this set. Omit this set for body-
alone problems or CASE = 1, or 3.,

1-8

9-80

1-5

7-80

1-80

Card 12AA (used only with Option A)

1-10

CONSTANT
Any other
identifying
symbols

GIVEN
Any other

identifying
symbols

Any
identifying
symbols

AZ/AX

Option A
Columns 1-8 contain the word CONSTANT.

This option restricts the wing camber
shape to have a constant slope for each
wing panel. This constant value is
specified on the following card.

Option B
The wing camber shape is specified by

the input geometry. The panel slopes
used are those generated in the paneling
section of the program. In this case,
no more cards are needed.

Option C

Appropriate identifying symbols (other
than GIVEN or CONSTANT as the first
word) on the first card of this set are
used to select this option. The wing
camber shape is specified by a slope
for each panel. Other cards must be
input which contain the slope values.

The constant wing panel slope for Option
A.

There is no auxiliary card for Option B.

Card(s) 12AC (used only with Option C)

1-10

61-70
etc.

Azl/Ax1

AZ7/AX7

Wing panel slopes for Option C. The
array must be ordered starting with the
inboard panel at the leading edge and
running aft to the trailing edge, then
proceeding outboard to the tip in the same
manner. There must be the same num-
ber of values as there are wing panels.
Values apply to panel control points.
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Column Code _Explanation

Card 13A Optimized wing twist and camber for minimum drag (CASE = 3.,
field 1 of Card 5A). Two options are available. The first option
optimizes the wing for a given wing-lift constraint, and the
second option optimizes the wing for both the wing-lift and center-
of-pressure constraints. Only one data card is required. Omit
this card for a body-alone problem or CASE =1, or 2.

1-10 CONSNT = 0. the wing is optimized for minimum
drag with a wing-lift constraint.

=1, the wing is optimized for minimum
drag with both wing-lift constraint and
x-coordinate of the center-of-pressure

constraint.
11-20 CLBAR Wing-lift-coefficient constraint.
21-30 XCPBAR The x-coordinate of the wing center-of-

pressure constraint. If the center of
pressure is not constrained, omit this
field.

Card 14A For configurations that include a wing and for which THICK
(Card 5A) = 1., two options are available for specifying the wing
thickness distribution. The first word on the first card indicates
the type of input. Omit this set if THICK = 0.

Option A

1-5 = GIVEN, The wing thickness distribu-
tion to be used is that computed in the
geometry paneling section, No more
cards are needed. '

Option B

1-72 = Identifying title. The wing thickness
distribution is input on the following cards.

Card(s) 14AB (use only with Option B)

1-10 ALPHAT1 Wing thickness slopes. For the purpose
11-20 ALPHAT2 of these cards, wing thickness is the
21-30 ALPHAT3 distance from the airfoil camber line to

. . either airfoil surface. A leading-edge

. . thickness slope (less than the tangent of

. . the Mach angle) is given for the inboard
61-70 ALPHAT7 wing-panel column and followed by thick-

ness slopes for each panel in that column
of the wing panels. This is repeated for
each wing-panel column. The total
number of input wing-thickness slopes
equals the number of wing panels plus
the number of panel columns.
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(

Column

Card(s) 15A 1-10

Card(s) 16A 1-72

Code
DADEG

(blank)

Explanation

If drag polar is requested (POLAR = 1. on
Card 5A), incremental angles of attack
(in degrees) are specified on Card(s) 15A.
A ferminating blank card is used. Omit
this card set if Polar option is not
selected (POLAR = 0.)(one per card).

(This is a blank card.) To conduct an
additional aerodynamic analysis, begin
the new set of aerodynamic data with
Card 4A. To terminate the data of the
last analysis or to call the flow visualiza-
tion section, place two Card(s) 16A after
the terminating polar card.

If flow visualization of the last angle of attack of the last analysis
is desired, place Card 1F of the Flow Visualization section in

this position.

following card.

Card 17A 1-11

If no visualization is desired, terminate with the

END OF DATA
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FLOW VISUALIZATION CARD SET

All flow visualization data, except title cards and literal statements, are
punched in seven-field, ten-digit format. A decimal point is required in each
data field. This card-set instruction applies to any type of configuration and
any type of aerodynamic analysis. Only the last angle of attack of the last

aerodynamic analysis is visualized.

Column Code Explanation
Card 1F 1-8 FLOW VIZ Columns 1-8 contain the word FLOW VIZ.

This card calls the Flow Visualization
section of the program.

Card 2F 1-10 CPCALC =0, The linear Cp equation is used to
calculate field pressure points.

= 1. The nonlinear Cp equation is used.

= 2. The "exact" isentropic equation is
used.

The C,, equations are defined for Card 5A
of the aerodynamic set.

11-20 CAMN = 0. Influence of all singularities included
in calculation of velocity components.

= 1. Influence of wing and body constant
pressure panels not included in calculation !
of velocity components, If lifting and
interference effects are not of interest,
selecting this option saves much

computer time,

21-30 POP = 0. Perturbation velocity components
are not printed.

=1, Perturbation velocity components
are printed.

NOTE: This printout option does not
apply to any STREAMLINES case.

NOTE: The three modes of flow visualization (grids, streamlines,
and points) may be called in any order and any number of
times by inputting the appropriate literal card.

Card 3F 1-5 GRIDS Columns 1-5 contain the word GRIDS.

This card calls the grid mode of flow
visualization.
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Card 3FA

Card 3FB

Card 3FC

Column

1-10

1-10
11-20
21-30

31-40
41-50
51-60

61

1-10
11-20
21-30

31-40
41-50
51-60

61-70

Code

XNG

X0
YO
YA

YA
ZA

LIT

DX
DY
DZ

XN
YN
ZN

AMD

_Explanation

The number of two-dimensional or three-
dimensional grid structures (an integer);
any number may be requested.

The rectangular coordinates
of the origin of the grid
structure.

The rectangular coordinates of a
point which, together with the origin
(above), defines an axis of a skew

grid; the positive direction is from
the origin to point A. (Sce figure 30.)

Enter values only if a skew grid is
called; AMD (Card 3FC) = 4.

Select and input the letter of the
coordinate axis which is used to-
gether with the skew axis defined
above to define the two-dimensional
skew grid.

T
N =M

Enter a letter only if AMD =4,

Values of increments which position
points on the grid. If a two-dimen-
sional grid is desired, set one of
the increments to zero and the
corresponding increment count
(next three fields) to 1.,

The respective number of incre-
ments which position points on the
grid (each an integer).

If AMD = 1., YN X ZN ¢ 500.

If AMD = 2., XN x ZN ¢ 500.

I¥f AMD = 3,, XN x ZN ¢ 500,

This code controls the format in which
the data is output.

= 1. Data is output for all the (Y, Z)
points at a given X-value; then the data
for the next X-value, etc. Always
select this code value when DX = 0,

= 2, Data is output for all the (X, Z)
points at a given Y-value; then the data
for the next Y-value, etc. Always
select this code value when DY = 0.



Card 4F

Card 4FA

Column

NOTES: 1.

1-11

1-10

11-20

21-30

2.

Code Explanation

= 3. Data is output for all the (X, Y)
points at a given Z-value; then the data
for the next Z-value, etc. Always
gelect this code value when DZ = 0.

= 4, A skew grid has been specified for
the plane defined by LIT-axis and the

line from the origin through point A. The
following notes apply.

Increments and the number of increments determining
points on a skew grid are input in the following way:
The axis specified by LIT is input as if for a rec-
tangular array. One of the other two axes is input
with zero (0.) increment size and number. The
remaining axis is input as if for a rectangular

array also, but its graduations apply to the skew
axis; planes are established normal to the remaining
axis through each of its graduations. Where these
planes intersect the skew axis, a skew-axis gradua-
tion is established. (See figure 30.)

Repeat Card 3FB and Card 3FC for each grid called.
That is, there must be XNG sets of Cards 3FB-3FC.

STREAMLINES This word appears in columns 1-11 and

calls the streamlines option.

DXMAX The maximum permissible step size for

the streamline's integrator. A value of
10. X XDELT is recommended.

DXMIN The minimum permissible step size for

the streamline's integrator. DXMIN
> 0., always. A value of 0.1 Xx XDELT
is recommended.

PRINT The result is a series of points in rec-

tangular coordinates (X,Y,Z) from XMIN
through point S to XMAX., The values
of X are determined by this code. (See
Card 4FC.)

= 0, Points are printed out in even
increments of XDELT.

= 1, Points are generated by the inte-
grator and are printed out directly.
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Column Code Explanation

NOTE: If printout with PRINT = 1. shows that DXMIN is reached
as an actual interval in printing out the results, the
streamline may not be accurate. To ensure accuracy,
reduce DXMIN and XDELT and repeat the calculation.

Card 4FB 1-10 XNS The number of streamlines to be
specified (an integer); any number may
be requested.

11-20 YS The streamline begins on the XMIN
21-30 ZS plane, proceeds downstream, passes
through point S, and continues to
the XMAX plane.

Card(s) 4FC 1-10 XS } The streamlines' starting point, S.

31-40 XMIN The farthest point upstream and

41-50 XMAX } downstream to which the streamline
will be calculated. The relationship
XMIN £ XS ~ XMAX must be observed.

51-60 XDELT The initial step size for the streamline's
integration. For configurations that
include a wing, a value of 0.1 X (mean
chord length) is recommended. For
body-alone analyses, a value of 0.1 X

(body length) is recommended. For
streamlines passing very near the
configuration, a smaller value should
be used. DXMAX > XDELT > DXMIN,
always.

There must be exactly XNS number of
Card(s) 4FC.

Card 5F 1-6 POINTS Columns 1-6 contain the word POINTS.
This card calls the points mode of the
flow visualization.

Card 5FA 1-10 XP The number of points requested (an

integer); any number may be requested.

11-20 YF there must be XP number of

Card(s) 5FB 1-10 XF } Rectangular coordinates of point;
21-30 ZF Card(s) 5FB.
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Column Code Explanation

Card 6F 1-8 VIZEND Columns 1-6 contain the word VIZEND.
This card terminates the Flow Visualiza-
tion section. The flow visualization
calculations may be continued after the
above data has been calculated and this
card has been entered, by inputting Card
1F again and continuing the data.

Terminal 1-11 END OF DATA  If no further analysis is required, the

Card run is terminated by an END OF DATA
CARD.
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5.4 Sample Input Formats

Program card input formats for three types of geometric configurations with

successive aerodynamic cases are presented on the following pages:

Body alone; page 180
Wing alone; pages 182-185
Wing-body combination; pages 188-191

Body alone. — A parabolic body of revolution with a fineness ratio of 11 is
defined by 21 body stations. Ten equally spaced meridian lines are constructed.
Because each body station is circular, only one radius per station is given and
code 2, (on cards 6D, column 31) is used. On card 2P, 50 equally-spaced
source control stations are requested. Although no body paneling is required,
two panel cards (1P and 2P) are necessary to define the number of source sta-
tions and the method by which the equivalent body radii at the source stations are
interpolated.

The two aerodynamic cases specified for the parabolic body are for CASE =
2. (card 4A), that is, calculations of pressure distribution over the given configu-
ration. Both linear and exact Cp calculations are requested for two angles of
attack (@ = 0 degrees, is given automatically, & a = 5 degrees is specified).

Body camber is zero as given by the geometry description.
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SEVEN FIELD, TEN DIGIT CRD FORMAT

1 w [ ® |n ® | & o s wlo e[ 1 | [ oent )
DEFINE [ 1D
BODY i 12D
PARABOLIC BADY L/D=11. , IREE
1. 10. o o. , 001 . 4D
0. 20. 40, 100. 5D
120, 140. 180. 5D
0. 0. 0, 6D
05 0. 0, B 6D
.10 0, . 6D
.15 0. 0. 6D
.20 0, 0, 6D
,28 0, 0. D
30 0. 0. 6D
.35 0, 0, D
L40 0, 0, _ 6D
L’L' 0, 0 6D
x50 0, 0, B 6D
.65 0. o, Bl 6D
80 0 R 6D
E . ) sp
10 0. 0. 1 e
.15 0. 0. 6D
WBO 0. &D
.85 0. 0, 6D
.90 o, 0. D
.85 0. 0. 2 6D
1, 0, 0, 2. 0, _ 1 . D
[ DEFEND B L D s 1A
PANEL N B N Y _pr
[ w0 ,001 2. ) T 2r
AFRODYNARIIC B T T R
[ SAVE TAVE 7 [ T T 11 = ]
ez 1. . B 1% aa 7
" pARAROLIQ BODY ONLY LINEAR CP ' 11 1 @
2. 0. 1. 0. ). BA
0. ’ 1. 0. - ) 1T 1T e R
0. "_ ' I ED
GIVEN noDY RADI RS »_— - 4_—— TTI1U T ¥ ea ]
SIVEN BODY CAMBER 1B - 7 B y 14 9A ]
5. | B 15A
- ——— 4- 4 - ‘M e
pAA BOLI] BODY ONLY EfACT CF' o 11 e
2. 1= 1. 0. 1. B | | sA
", 1. 0. 8A
0 v || ]
HIlE R ED
GIVEN BODY RADII 7 8A
GIVEN ROD} CAMBER 7 B 9A
5. , e ol s
) | o L 184
BLANK
— T e
END OF DATA - b I ‘ |l B
PARAROLIC RODY ALONE L luua san st 1 e 1
oo

an #PvE M
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Wing alone, — The input for a cambered and twisted arrow wing with thick-
ness is shown on the following pages. The wing planform is defined by four
points, two on the leading edge and two on the trailing edge (cards 14D, and 15D).
Two points are coincident at the tip. Two control chords are given on cards
16D through 17D. The eleven constant-percent chord lines that form span-
wise panel edges are specified on cards 18D. Wing buttock lines
forming the ten streamwise panel edges are specified on cards 10P
and 11P. A total of 100 wing panels are formed as shown in figure 35 (page 196).
The remaining cards in the paneling set are airfoil ordinate tables, one table for
each of the ten streamwise columns of panels. Each table specifies the thickness,
camber, and twist by giving upper and lower airfoil ordinates along wing buttock
lines through the spanwise centroid of each streamwise column of panels. Ex-
amples of three aerodynamic cases are given for this configuration. The first
example illustrates the input card set for CASE =1, (card 4A), calculation of
wing twist and camber for constant pressure distribution, Cy, = .1. An additional
angle of attack of 5.73 degrees (0.1 radian) is also specified. The second exam-

ple shows the input card set for CASE = 2., calculation of pressure distribution

over a given configuration. Pressure distributions are determined at o = 0

degrees, -2 degrees, 2 degrees, 6 degrees. The last example shows the input
card set for CASE = 3., wing optimization. A constraint of C1,= .1 is specified;
pressures and wing shape are determined for & = 0 degrees and 5.73 degrees

(0.1 radian). All the above aerodynamic cases specify linear Cp calculations.
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W b due

1

JRTE "]

s bl

ik

SEVEN FIELD, TEN DIGIT CRD FORMAT

t win »|n »n -l ”» % ®» |8 il n [n ot L]
DEFINE iD
WING 10D
CARLBON WING 2. 11D
2. 2. 2. 11. 1. 0. 12D
1. e 0, 13D
0. 0. 30. 10,919 14D
10.5 [N 30, 10,919 -
3. 0. 0, 0. 2. 16D
0, 0. 1. 0. 17D
3 Q. 10,818 10.919 2. | 16D
0, 0. 0. 0, 17D
0, . 5 15 __125. 35, 45, JENY)°]
55. 85, 75. 85. 100, 18D
F i 22D
|RANEL 1P
0, 9, 0, 0, 0, 2P
85 9, 1 3P
WING PANEL 8P
i1. 1, 10, 9P
0. .546 1.638 2.73 3.822 4.914 10P
l6, 005 7,097 8,189 9,281 ~ 1] 1 ]l 1op
0, 30, 10,019 30. 10,919 11P
13, 12P
0. 814 L4753 817 9506 814 ) Ll 4 Al zp
1.9013 .80 3.8025 .75 5.7038 .655 s 12P
7.605 .532 9.5063 ,388 11.4075 212 | 12P
13,3088 0. | 15.21 ]-.zzz 17.1113 -.485 12P
19,013 -,162 . 12p
13, 13P
0. .814 ,4753 .764 . 9506 .708 13P
1.9013 . 802 3.8025 .82 5.7038 175 13P
7.605 -, 0015 9. 5083 -.183 11.4075 -.338 18P
13.3088 -.475 15.21 -.593 17.1118 -,688 13p
19.013 -.762 13P
13. 12P
0. .367 .4388 . 4047 L8715 .4329 12P
1.755 L4683 3,51 .465 5.265 .4298 12P
7.02 ,3562 8,775 ,2539 10,53 125 12p
112,285 -,0019 14.04 -.175 15.795 -.355 12P
17.55 -.5512 12P
13, 13P
"o, .376 .4388 .3574 . 8775 .3319 13p
1,755 .213 3.51 .127 5.265 -.012 13P
7.02 -.15 8.775 -.2731 10.53 -.381 13P
12,285 -, 461 14.04 -.513 15,795 -, 5454 ] 13P
17.55 -.5512 13P
13. 12P
0. .132 .39 .1617 .78 ,1938 12P
1.56 ,2333 3.12 .2652 4.68 .2513 12P
16,24 .1668 7.8 | .2244 9.36 . 0829 12P
10.92 -, 0211 12.48 -.1476 14,04 . -.2899 ) 12P
15.6 -.444 1 12P
13, ] 13P
o, 132 ' .39 T 6T |78 1038 P
’Lm.z CAMBERED ARROW WING 4}:0”[ | DATE mace 1 or 4

apsTTE WM
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SEVEN FIELD, TEN DIGIT CRD FORMAT

1 w n »n » |3 » i 0 |5 CAK1 il l IRAE s ) DENT »
1.56 . 0843 3.12 -.0348 4.68 -1317 13P
6.24 -,2245 7.8 -.3012 9.38 -.3861 13P
10.92 -. 4141 12.48 -. 4476 14,04 -, 4689 13P
15.6 -. 4476 14.04 13P
13. 12P |
0. . 0408 .41 . 0731 .6825 .1006 12p
1.365 L1481 2.73 .1863 4,085 1984 12P
5.46 .1869 6.825 152 8.19 . 0825 12p
9,55 . 0160 10,92 -. 081 12.285 -.1935 12P
13,96 -.334 “izp
13. 13P
0. . 0408 .341 . 0341 . 6825 . 0226 13P
m -, 0039 2.73 -.076 086 - 146 13P
5.46 -.2081 8.825 -.3808 8.19 -.3285 13P
9,5 -,3525 10,92 ~,343 12.285 -,3585 13P
13,65 -.924 18P
N 12P
o L0544 2925 J081 |.585 . 1065 B 12P
Vi A8 2.4 .2018 1.5 2255 12P
4.68 .2235 5.85 2107 7.02 .1683 12P
8,19 21327 9.38 . 053 10,53 -.0397 1. _li12p
11.7 - 144 12P
18. 13P
0, L0544 .2825 . 047 .585 .038 13P
Ad7 | L0818 | 3,34 -, 0237 3,51 -, 0695 11 13P
4.68 -.1088 5.85 -.1403 7.02 -.158 13P
8.19 -.1723 9.38 -.178 10.58 -.1867 18P
11.7 - 144 ] 13P
13. _ 12p
0, L0672 2438 . 0908 A5 112 12P
975 21485 1,95 L2091 2,825 231 12P
3.9 ,2365 4,875 .2265 5.85 .2003 12P
l6.825 .158 7.8 .1081 8.775 . 0333 12P
9,75 -, 0512 12P
13, 13p
0. . 0672 .2438 . 0628 (4875 . 056 13p
975 . 043 1.95 L0161 2.85 -.015 13P
3.9 -, 0445 4,875 ~,066 15.85 +.0805 13p ]
6,825 -.087 7.8 -.0839 8.715 -.0m17 13P
9,75 -.0512 13p
13, i 2P |
0. L0784 .195 .099 .39 .1235 12p
.78 L1513 1.56 .1998 2.34 .2276 12P
312 .2373 3.9 231 4.68 .22z | Al 12p
is.«s ,1876 6,24 151 7.02 L1049 12p
7.8 L0432 12P ]
hs. 13p |
0. L0784 .195 .017 .39 .068 13P
.78 . 0663 1.56 . 0498 2.34 L0316 ] 13P
:3.12 L0123 3.9 0. 4,68 -.0021 | 13p
5.46 -.0084 6.24 ,001 7,02 .014 13P
7.8 20432 144 13P
13. . I 12P
0, | .0912 .1463 .1093 12925 L1242 N e o
Lnme CAMBERED ARROW WING T | oaTE racr 2 or 4

LRIV ET
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SEVEN FIELD, TEN DIGIT CRD FORMAT

) 10 e » |n »in LIG '3 0 ie wen] |7 oo L
.585 L1515 1.17 192 1.755 .2175 i [ Tzp
2.34 .2328 ] .2.%:5 .236 3.51 .228 sz | 12P
4.095 .2103 4.68 .1856 5.265 L1515 | | e
5.85 1088 12p
13, ) i 13P
0, . 0912 . 1463 ,0923 .2925 . 0902 13P
1,585 ,0885 1.17 .08 1,155 L0705 ] 13P
2,34 . 0648 2,925 . 060 3.51 . 060 13P
4,095 . 0883 4.68 . 0736 5,265 . 0885 1 13P
5.85 .1088 B Thap
13, [ 12P
0. 104 0975 .1199 .195 .1278 1 [aep
.39 149 .18 L1781 1,17 .2026 12p
1.56 .216 1.95 .2217 2.34 .2208 12p
2.73 2138 3.12 .2007 3.51 .181 12P
3.9 .1568 12P
13, _ | 13P
0. .104 L0975 1.1089 .195 .1058 13P
.39 107 .78 L1041 1.17 10468 13P
1.56 .104 1.95 . 1047 2,34 .1088 13P
2,73 .1158 3.12 L1257 3,51 .139 13P
‘3.9 .1568 13p
:13_- B B 12P
0, 115 [ ", o488 .1218 . 0975 1271 12P
.195 .1385 .39 .1561 .585 ~_].1708 12P
.18 .1832 975 .18903 1.17 .1936 12P
‘1,365 -1948 1.56 .1929 1,755 1.1873 A 12P
S S N IS 1. S AU NV S —— I - i e
| PANEND | - o B o Ao _14p
| AFRODYNANIC i _ L I § 1A ~
| SAVE TAPEL oy s U 2\__7"
2.05 1. L o 3 o I B O O
i CARLSON WING 2 CONSTANT Cf. __T- 4A i
:HL-_ "ol i. 1 B RE B ] 1. ‘ A —
BE 0. LS I i 6A
CONSTANT fL 10A
R ) B R T ) —_, - B A_— 10AA
0, - ] oA
GIVEN WIN THICKNFSS | 1 B 111 14A
. e ) Rl 157
4. B . ] 15A
2, | I I | 18A ]
. _ 16A
CARLSON WING 2 8 N R
2. 0. 1. 1. L 0 0
a. 0. 0. __ _ 1] fA
n. _ N O BRL)
GIVEN WIN({ CAMBER _ . L oea ]
| _CIVEN WING THICKNESS ) o N DR B B B A L%
2. 1. ] 1HA
4 L —— [ 0 I T 0 .
L . S P . 11 N S N 1. S
| CARUSON | WING2 | MINDRAG | 4 - L. S
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Wing-body combination. — The card input format for a Boeing wing-body

configuration is shown on the following pages. The configuration has a constant-
chord swept wing, mounted below the axis of a cambered body of circular cross
section. Section 6.4 describes the configuration and paneling scheme.

Along the X-axis, 24 body stations are specified. No body camber is speci-
fied in the definition card set. Eight meridian lines are requested. The 6 array
is specified so that a meridian line (6 = 102,19 degrees) coincides with the wing
plane. The wing planform is defined by four points and four control chords.
Cards 16D and 17D contain the four chords which locate the wing 0.25
inch below the X-Y plane. Eleven equally spaced constant percent chord lines
are specified on the wing, Card 3P locates the panel control points at 0.95 of the
local streamwise panel chords through the panel centroids. Four transverse
body panel edges aft of the wing trailing edge are located at body stations 25,7 27,
29,5, and 32.415. There are no body panels aft of station 32.415.

The wing is divided into 100 panels. Wing buttock lines defining streamwise
panel edges outboard of the wing-body intersection are specified on cards 10P.
The nonstreamwise wing tip edge is specified on card 11P. Only
* one airfoil ordinate table is given since the wing has no twist or change in camber.

The input formats for two computer runs are shown. In the first run the
save tape option is exercised on Card 2A. Two aerodynamic cases are speci-
fied. The first case shows the input card set required to calculate the non-
linear pressure coefficients over the wing and body at a =0, 2, 3, 4, and 5
degrees. Body camber is specified on cards 6A at each of 50 source control
stations. The x-locations of the source control stations are determined by
first running the geometry definition and paneling sections of the program.

(To do this, the PANEND card is immediately followed by the END OF DATA
card, and all aerodynamic cards are omitted.) All force and moment co-
efficients are based on the half-wing area of 89.375 in. 2, as specified on card 6A.

The second case considered shows the input card set required to optimize the
wing for minimum drag at a wing Cp, of 0.1 degrees and Mach 1.8. Body camber
is again specified. The END OF DATA card terminates the input. Discussion of
results obtained for the Boeing wing-body configuration from a similar set of in-

put cards is contained in section 6.4.
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The second computer run, which uses the previously saved 'save tape, ' con-
sists of an analysis of the wing-body model with zero wing camber and at 6-
degree angle of attack. A flow visualization of that case follows. All three
flow visualization options are exercised.

A series of points defining a ring under the wing is specified in the POINTS

option (Cards 5F-5FB). Velocity components are calculated at these points.

TFour grids are defined in the GRIDS option (Cards 3F-3FC). One three-
dimensional grid is positioned behind and under the wing near the body. Three
one-dimensional line grids are positioned at a radius of one body length at
various angles (6= 0, 90, and 180 degrees). Velocity components, perturbation
velocity components (POP = 1., Card 2F), and pressure coefficients are

caleculated at the points defined by these grids.

In the STREAMLINE option (Cards 4F-4TFC), three streamlines are called
for. Velocity components and pressure coefficients are also calculated along
each streamline. The linear-pressure-coefficient formula is specified on
Card 2F for all flow visualization options. The flow visualization is terminated
by the VIZEND card, and the run is terminated by an END OF DATA card.
Section 4.8 is a discussion of the results obtained for flow visualization around

the Boeing wing-body configuration.
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6. EXPERIMENTAL VERIFICATION

Four comparisons of experimental data with computed data are presented
and discussed here. The first comparison, in section 6.1, is for a parabolic
body. Section 6.2 discusses two arrow wings, one with camber and thickness
and one with thickness only. Pressure distributions at three angles of attack
are compared for each wing. Finally, two constant-chord wing-body configura-
tions are considered in sections 6.3 and 6.4. One configuration has an unswept
wing, and the second has wing leading edges swept behind the Mach cone. Body
and wing pressure distributions are compared for both configurations.

6.1 Body Alone

Wind-tunnel pressure data for a body of revolution with a parabolic profile
are published in reference 19. The fineness ratio of the body is 11. The
pressure coefficients measured on the body at Mach 1.93 for zero incidence
are shown in the lower half of figure 34, and are compared with pressure
coefficients calculated by the three pressure-coefficient formulas in the
program. The longitudinal pressure distributions for zero angle of attack
calculated by the exact and nonlinear formulas agree closely with the wind-
tunnel data.

The circumferential pressure distributions predicted by the exact formula
for the lifting case ( @ = 5 degrees) closely match the experimental data. There
is some discrepancy near the top of the body ( § = 0), part of which is probably
due to boundary-layer growth and separation. The pressure distributions
predicted by the linear and nonlinear formulas do not closely match the

experimental data, but they show similar trends and Cp levels.
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FIGURE 34" COMPARISON OF THEORETICAL AND EXPERIMENTAL PRESSURE DISTRIBUTIONS ON A PARABOLIC
BODY OF REVOLUTION AT M=1.93. FINENESS RATIO=11.
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6.2 Wing Alone

Two arrow wings of identical planform were analyzed. A complete tabula-
tion of the experimental data for both wings is presented in reference 18. Both
wings have a 3-percent biconvex symmetrical thickness distribution. Wing 1
(ligure 36) has no camber or twist. Wing 2 (figure 37) is cambered and twisted

to give theoretical minimum drag at a design C. of 0.08 for a given leading

edge pressure constraint. Comparison of expe%imental and theoretical data

is made at Mach 2.05 and presented at five spanwise stations for three angles
of attack. Tigure 34 shows the planform and the 100-panel layout for both
wings. The paneling was chosen so that the spanwise locations of the calculated
pressures corresponded to the pressure taps on the test wings.

Agreement between the theoretical data and experimental data is good,
except near the tip, for both wings at low and moderate angles of attack., At
higher angles of attack the experimental pressure distributions show a distinct
change in pattern and no longer agree with linear theory predictions. This is
probably associated with an overexpansion of the flow on the upper surface,

followed by the formation of a shock wave and vortex.

Satisfactory prediction of lift curves and drag polar shapes is illustrated hy

the Wing 2 comparison shown helow:

048 ¢

O WIND TUNNEL
040t o PRESSURE DATA

.032 — THEORY

D .02 o
O WIND TUNNEL DATA -

— THEORY
Q
o8tk ©

-08 0 .08 .16 .24 .32 -08 0 .08 .16 .24 .32

The pressure distributions predicted by the program also agree well with

the linear theory calculations presented in reference 18.
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6.3 Nielsen Wing-Body

A classical experiment in wing-body interference was reported by Nielsen
in reference 15. The configuration tested was a circular body of revolution with
an ogival nose and an unswept, constant-chord wing with a 10-percent thick
wedge-shaped airfoil. Model dimensions and configuration paneling are shown
in figure 38. The model was equipped with apparatus to permit changing the
wing incidence relative to the body axis. Data comparisons are made for the
wing at incidence to the body, and for the wing and body at the same angle of
attack. Only the incremental pressure coefficients above the values obtained for
the wing and body at zero incidence are shown.

For this analysis, the wing is assumed to have no thickness. The half-wing
planform is divided into one hundred equal-area panels as shown in figure 38.
The half-body region aft of the wing leading edge is represented by six equal
longitudinal strips of fourteen panels each. The calculated pressure distributions
at Mach 1.48 are presented in figures 39 through 42 at five spanwise wing sta-
tions and for three body meridians. In figure 39, the calculated pressure distri-
butions are compared with Nielsen's theoretical predictions and the experimental
data for @yyjng = 1.92 degrees; the body incidence is zero for this example.

Both theoretical results for wing pressures agree well, except in the region en-
closed by the Mach cone from the tip, y/r = 3,92, where the present theory tends
to smooth out the pressure discontinuity. However, the program data docs show
acceptable agreement with the experimental data. The present theory for body
pressures does not agree closely with Nielsen's predictions but does show excel-
lent agreement with the wind-tunnel data.

Figures 41 and 42 show pressure data comparisons for the wing and body at
the same angle of attack. The Mach number is 1.48 and the experimental data is
for o \ing = ¥ pody = 2 degrees. Both theories again show agreement, except
on the body, where the pressures calculated by the program show closer correla-
tion to the experimental data.

The wind-tunnel test Reynolds number for both cases above is 1.5 million.
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FIGURE 38 NIELSEN'S WING-BODY CONFIGURATION AND PANELING SCHEME
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6.4 Boeing Wing-Body

The wind-tunnel test model is a constant-chord, swept-wing configuration
with a cambered cylindrical body (figure 43). Model dimensions and pressure
tap locations are given in figure 44. The body has a drooped nose and a small
amount of boat-tailing. Four streamwise rows of pressure taps are located on
the upper and lower wing surfaces. The wing chord plane intersects the body
side 0. 25 inch below the body axis and has no incidence relative to the body.

Five longitudinal rows of pressure taps are located on the body. The wing, with
a 12-percent-thick airfoil oriented normal to the leading edge, is pretwisted

to give a flat shape when aerodynamically loaded to a design CL of 0,15 at

Mach 1.8. Photographs in figure 45 show that the wing did achieve an untwisted
shape at a 4-degree angle of attack. It is this untwisted wing with camber that
is analyzed by the program.

The wing half-planform is represented by 100 panels spaced as shown in
figure 46 on page 210 to obtain pressure coefficients at spanwise stations corres-
ponding to wing pressure tap locations. The body aft of the wing leading edge is
represented by 98 panels, 14 in each of 7 longitudinal strips.

Comparisons of wind tunnel and calculated wing and body pressure data are
shown in figures 46 and 47. The Mach number is 1.8 and the comparison is for
o = 4 degrees. Wing pressure predictions are good for the inboard stations.
The experimental pressure distributions indicate the formation of a shock wave
on the upper wing surface near the root trailing edge, which extends outboard and
rearward across the span. Photographs of oil flow patterns taken during the wind-
tunnel test verify the formation and location of the shock wave. The rapid recom-
pression aft of the shock and subsequent flow separation are not well represented
by the linear theory calculations,

Pressures calculated on the surface of the body, shown in figure 47, exhibit
good agreement with wind-tunnel data. The body pressures due to thickness are
calculated by the nonlinear pressure coefficient formula, equation (124). The
wing pressures and pressures on the body due to the wing are predicted by the

linear pressure coefficient formula, equation (125). The total body pressure
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distribution shown includes body thickness and wing interference effects. The
interference pressures due to the wing are added to the isolated body thickness
pressures in the region influenced by the wing.

The program input format for this wing-body configuration, paneled as
shown in figuré 46, for nonlinear pressure calculations on wing and body, is
presented on pages 188 through 191 of section 5.4. This same wing-body con-
figuration, but with a different wing paneling scheme, was optimized for mini-
mum drag at a wing Cy, of 0.159. Discussion of the optimization follows in
section 7.0. The program input format for this latter case is contained in

Appendix C.
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FRONT VIEW OF PRESHAPED WING

FIGURE 43 PHOTOS OF BOEING MODEL USED TO OBTAIN EXPERIMENTAL DATA
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FIGURE 45 COMPARISON OF WNG SHAPE WITH AND WITHOUT AIRLOAD
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210




(MNVYTI8 Zi2)

11e

10 4

=-10"

2'8 /
O -
— _/D =

-
e

WIND TUNNEL
DATA

®)
A

0

FIGURE 47 BODY PRESSURE DISTRIBUTION FOR BOEING WING-BODY MODEL

36

O  BODY STATION (X)

THEQRY
TOP MERIDIAN
——————- = 45°
~——— ———BOTTOM MERIDIAN






7. THEORETICAL OPTIMIZATION

The wing camber surface of the Boeing wing-body configuration, as described
in the previous section, was optimized for minimum drag with constrained lift.
Some graphical comparisons with the untwisted case are shown in figure 48, and
a complete input-output tabulation is presented in Appendix C. The paneling
chosen for this case was uniformly spaced both spanwise and chordwise on the
wing. This paneling scheme differed slightly from that used in the example pre-
sented in section 6.4; in which the panels were chosen to coincide with the
pressure tap locations. Both paneling schemes are illustrated on figure 49, page
216. Uniform panel spacing tends to minimize any undesirable oscillations in the
wing geometry or pressure distributions, in wing optimization calculations.

At the wind-tunnel model design angle of attack of 4 degrees and Mach 1.8,
the wing lift coefficient (based on the exposed wing) was 0.159. The optimized
wing lift coefficient was constrained to the same value, and the body was kept at
the same angle of attack. No constraint was placed on the center of pressure.
The optimized wing camber surface reduced the wing drag by 19 percent (from
0.00936 to 0,00761) and the total configuration drag by 23 percent (from 0.01101
to 0.00849), A greater load was carried by the wing root, improving the span-
wise lift distribution. The additional body load increased the total lift and
reduced the negative pitching moment.

The additional load on the body due to the wing is shown by the top and bottom
meridian pressure distributions in figure 48. Changes in the body interference
pressures are larger toward the wing-body junction leading edge, where the
major change occurred in the wing root pressure distribution. The chordwise
pressure distributions on the wing show the effect of the optimized camber sur-
face., Wing thickness effects are unchanged. In general the maximum camber
location was moved more toward the trailing edge. Viscous limitations on the
pressure gradients at the trailing edge would probably make some of the camber

revision impractical.
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Although the details of the optimized wing geometry are not shown in figure
48, the tabular panel slope data are given in Appendix C. The optimization shows an
increase in wing incidence at the root and a decrease in the incidence of the next-
to-last spanwise station near the highly loaded wing tip. Additional fine paneling

in each of these areas could give more detail of the optimum geometry.
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ORIGINAL PANEL WITH UNEVEN WIDTH PANELS; UNSATISFACTORY OPTIMIZATION
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8. CONCLUSIONS

A digital computer program for calculating wing-body interference problems
in supersonic flow has been developed. The program is based on the method of
aerodynamic influence coefficients. A special effort has been made to reduce
the number of geometric description inputs, and has significantly increased the
practical value of the program.

A wide variety of acrodynamic problems involving wings, bodies, or wing-
body combinations can be solved. The program may be used to determine the
pressures, forces, and moments on given configurations; or to determine the
wing camber surface corresponding to a given acrodynamic loading., In particu-
lar, the wing camber surface required to minimize the drag under given con-
straints of lift, or lift and pitching moment, may be calculated. The program
may also be used to determine pressure-distributions, {low directions, and
streamlines in the field around given configurations. The results of the program

have been compared with other theories and experiments, and show good agree-

ment in all cases.

The Boeing Company
Commercial Airplane Division
Renton, Washington
August 25, 1967
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9. APPENDIXES

~
(

9.1 Appendix A - Preliminary Results of Integration

In the solution of certain problems concerning the linearized theory of super-
sonic aerodynamics, several integrals of standard form occur repeatedly; their
evaluation can be carried out by clementary methods. Here is given a brief out-

line of the integration procedure and a summary of the results.

d v
J]. V/ )
(V2 + ez) Va2 vZ + 2bv + ¢

(A1)

J - vdyv
2 2 1 02y Val v2 4
(v +e“yVa“ v + Zbv + ¢

Let the following substitution he made:

-2, (A2)

I - 2a f (u2 -I)du
1 . . .
Va 2 -ac)u2+ )2 -2bVb2 ~acut - 1)+ b2u2 -1)2+e2 a2@?2 - 1)2

\/_a 1 -1 ‘v/bz—ac -b+ aei
= = tan u

el N/a2e2+2ab ei -ac V}Jz—ac+13 -aei

- ﬁ 1 tan L Y% -ac - b - aei u (A3)
el \/azez—Zab ei~ac Vb2 -ac+ b +aei

The above results can be simplified by the following consideration:

’\/z—ac—b+aei
u

b
\/bz ~-ac + h -aei

let tan~—1 ca+ i B, (A4)
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s

kil

and Nae2+ 90 ei —c=y +1b (A5)
then .},2 - 62 = ae2 -cand ¥y 6 =be,and ¥ satisfies the equation:

74—(ae2—c))’2-b232=0. (A6)
Furthermore,

3 _\/E a+if _E a -if
Pelyipeis e -1

b ¥y ' 1 y 3
- oq + -~ ———— 28 . (A7)
yt+p2e? ey2+b2e2 B

Vb2 - -
b ac -b+ael » there follows

bz-ac + b -aeil

On the other hand, since tan (& + i B) =

tan 20/ +itanh 28 Nav2+2bv+ec (¥ +id) (A8)
1-1itan 20 tanh 28  bv+c-i(p+avie )

Equating the real and the imaginary parts of the above equation, we get

(G v+c)tan 2 + (b + av)etanh 28 _NavZ+2v+ec(y+ btan 20 tanh 28)

(b v+c)tanh 28 - (b +av)etan 2 —avi+2bv+e (b-7 tan 20 tanh 26) (A9)

which gives the following solution for & and B:

1. .1 Y%-bv 1, 1yNay?ebvre

7'\/;/2+2bv+c bv =Y

2
%tanh_l vy + eb : 8 = %tanh"l e\/;vy++2bexg+c (A10)
e\/;V2+2bv+c M

™
Il

The above results for ¢ and B can now be substituted for the expression

for Jq, and, omitting the integration constant, we have

2

f dv by o1 bv-Y¥
w2 +etVavZ+2bvc y4+bPe? yav2+2bv+e
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3

2
e + 2 +
Y tanh -1 \/a v bv+c

1
+ey4+b2e2 vy+e?d

2
or _ by tan_l‘)/\/av +2bv+e

74+b282 yz_bv

3
1 _
e 4y2 2tanh1
Y +b%e e\/av2+2bv+c

vy + e

(A11)

where ¥ is a non-zero root of the equation: yd - (a e? - c) y2 -p2e2 = 0 and

Y &8 =be., For e = 0 then taking ¥ =V -c we obtain

J. dv b -1 bv+c \/;V2+2bv+c
= tan -
Y

VZ\/av2+2bv+c cN -¢ av2+2bv+c cv

b ELn_l\/—c::*./a,szr2bv+c _\/av2+2bv+c (A12)

or = - t
- v+ e cv
cN -c ® )

In a like manner, the integral for J, can be evaluated:

f vdyv _ ‘)’3 -1 bv-)’2

tan
(v2+e2)\/avz+2bv+c y4+b2e2 )/\/av2+2bv+c

! \/ 2+2 +
be ¥ tanh‘le av bv+c

74+b262 vy +ebd
‘)’3 _1)/\[31V2+2bv+c
or =————2-—Etan 9
74+be Y -bv

_ bezztanh—l vy +ebd

(A13)
y4+b2e e\/av2+2bv+c

where ¥ and & are defined as before.
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9.2 Appendix B - Velocity Functions

Equations (74) and (75) in the text give expressions for the three velocity
components, u', v', w', at a point ', y', z'), induced by a surface distribution
of singularities located in the plane z' = ax', and bounded by the x', y' plane
and the plane y' = mx'. The primed coordinate system has its origin at the apex
of this triangular region, with the x' axis parallel to the free stream.

Three velocity functions, P, S, and D, are defined by equation (75) in terms

of the variables a', b', £', y', and z', where

a'=fB8 a =8 tan &

,_ 1 _tan A
BB m T B
£ = x'/B

and x', y', and z' are given in equation (73).
At points for which &' > y'2 + z'2 , the functions P, S, and D may in turn
be expressed most simply in terms of seven auxiliary functions, F1 through F7,

as given in equation (40), These functions are rewritten below in terms of the

primed variables.

AT AN ) _ y; (b'y‘ _ E') — a‘(a’b'y' —_ Zl) + bl(zl —a' gc)z
- 1
F1 —lzl_a,g,lcos >
;\/le_a!€1) +(1—a'2)y‘2”(b'y'—&')2+b'2(z'-a'€')2—(a'b'y'—z')Z]
(B1)
For z'=a'§!'
Fl=1 for 0<y' <§&/M
-n/2 for y'=0, &/
=0 for y'<o0, y' >§&/h
F2 - L — biél -y - abz (B2)
'\/];YZ(l_aIZ) -1 "@Y"g')z + b|2(zv_av€v)2 - (albvyl_zt)z

for Db'> 1AL ~ a2
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JE 2 - g2 - 02
£ -y

1 -1

CcOs

V1 -b2(1 - ard

bt = 1/V1 - a'?

7b|€l - yl - aiblzl

'\/(b'y' _ 61)2 + b'z(z’ -a' gr)z _ (a'b'y’ _ ZV)

b' < 1/V1 - a'2 |

2

F3 - Z'—arb'x' Cos_l - gu(y| + a'b'z_‘) T bl(ylz + 212) (B3)

IZ'_a'b'y’l ’\/ 72 72 'y, 1 12 '2 1 t 72 LA ETAl 12

(y'“+2'%) b'y'-€)%+b'>(z' -a'")* - (a'b'y' -z")

For z' = a'b'y’
F3 =7 for 0 <y' <&

=m/2 for y' =0, y'= &/

=0 for y' <0, y'>§&/M

For z'=y'=0

Tt
F3 = F1 = - cos™! —%
v1+ a'" b’

Fi=TF3 - (1+a2p?r1 for y'<o0 (B4)

= -a2p2 F3 for y'=0

=F3 - (1+a?b?) (F1+2m  for y'> o0,

and a'bly' <z' <a'§
= -(1+a?b?) (F1+m for y' >0,
and a'b'y' = z' < a'é'
1
F5 = cosh™!l —5—r (B5)
V2 s o0
r Y !
F6 =1 - a? cosh-l £ - el (B6)
(Z' - a' gv)z + (1 - avz) yv2

F7 = F5 - (1 + a2 b'2) Fg (B7)
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For surface distributions of vorticity (constant pressure surfaces), the veloc-
ity functions may now be expressed in terms of these seven auxiliary functions,

as follows, provided §' > \/y'2 +22% and a' > 0

F1
SR (B8)
S = a'b'[b'z(l -a'z) - 1] F2 + b' F3 + F1/a’
T(l+ ar2 b'2)
D= - [b'z(l -a?) - IJ F2 - b' F5 + F4/a'

r@ + a2 b

If a' = 0, the same expressions apply, except

!

!
F7/a'——;'2—z;7§ \/5'2 - w2+ 2P

If a' <0, the v'elocity functions are the same as for a' >0, except that a' is
replaced by -a', z' is replaced by -z', and D by -D. In addition, P = -P if
z =a'g', for a' < 0.

For &' S\/y'z + z'2 , the functions P, S, and D are zero except within
the envelope of the Mach cones from the leading edge for the supersonic leading-
edge case (that is, b' < 1/41 - a2y, '

bty + ab'z’) + lz' - aby'l V1 -pPa - a?)

In this case, for &' =

1+ a2p?
P=x1/2 (B9)
b’ ( ) )
§ =2 —2—— (1+a'V1-b (1-a')> for 4
2(1+a'2b'?) yr 225 lizarfi-p2(1-a?)

T 1+a™bp’

Il

D — 1l Q: a'b'+ Jf-b'z(l - a‘z)) or
) .

2(1+a'2b'2 yt < £'/b!

. b' t 2 2
P=8S=D=0 for y‘<1+a' " 1*a'«/1i-b'(1—a')
or y'>§'/b’
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and

il

S:

D:

The geometry of this case is illustrated in the sketch on the following page.

For &> Rt ablzh) 4 2 - ably! Vi-p3 -a?)
1+ at2pr2
b' ' 9 2
tRT > ot > ' ~ 141 -t
£'/h' >y U IRE (1=Fa V1-p (L-a ))
1 for z' > a' g’

for z' < a' ¢!

+ a

l+r1|2bf

___-b'
1+ a'2pr2

1+ a2 p2

_aVb'

1 + alz })lz

1+ a,’2 b'2

5 (amr+ W1 - b2 - ard

<1 sarl - pe2( -

<— abt + \/1 —b'2(1 - a'2)>

\/

)

V1 -12(1 - a?)

V1 -b2a -

2)
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] [}
MACH. CONE y = —1“:%3(1_:1' v 1-n2(1-a12) )
' VY, S B 2
§=v vy N7 RNt
// ~ ““\\\
/ ] Wd \\ =
// 2'=a' § \ Z
/ ) 4
] 1\’3\“\‘ \ ///
,f L .
| I e R
\\ [' // V‘zg/b’
\ / //
\
\ "
\\ G/ b gt
L A
\\\ /// y= 1+a|2b‘2 (l+a‘ 1“b'2(l"3|2))

|- -

ENVELOPE OF MACH CONES FROM LEADING EDGE:

g' ) b (y! +d blzl)+lzt_albly|| / 1-bV21-2a'2)

1 +a'2p!2

For constant surface distributions of sources, the velocity components are

Then, for §' > Vy'z + 712

requiredonly for the case a' = 0.
F2
P=-=-
B m :
1 (B11)
= — (b’ -
S B (b' F2 - F5)
F1
D= B

For §' < Vy'z + z'2 , the functions are all zero except within the envelope

of the Mach cones from the leading edge of the supersonic leading-edge case,

b' < 1.
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In this case, for £'=Db'y' + ' 2’ V1 - b'2

-1
P-——"-—"7-——
28V1 - b'2
- y'Z b'fl
§- — B (B12)
28V1 - b'? y'e &bt
_y 3
D=« 28

P=S=D=0 for y'<b' £' ory'> £'/b
. ;7
For &' >b'y'+ z' V1-pr2
and E'/b! >y L bé!

P= —1

8V1 - b2
b’

S = ——
[3\',_1—b'2

(B13)

D==zx1/8

where the upper sign corresponds to z =~ 0.
For linearly varying distributions of sources, the velocity components

are given for a' = 0.
For .f'f—\/:v‘é + ;'-_2
P :-[(5' -b'y")F2 +y' F5 - z'Fl] /¢ (B14)
s= [ -by)EF2-F5) v 2o r2e 212)
-b' z Fl] /7T e
D= i{( £'-Db'y)F1+z' [(b'2-1) F2-D' F5]}/w c

where c¢ is the panel chord through the control point.
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For ¢ 'S\/y'2 + Z '2, the functions are all zero except within the envelope
of the Mach cones from a supersonic leading edge (b'<1). In this region,

For £'=b'y' +] z'|v/1- b

Po- GevTihe (B15)

P
_ b'(&'- bllg') y' 2
S = 2¢V1-Db' yvé &'/p!
b s (£ =Dy

2c

For £'> by'+|z'V1-b"
and «f'/b'>y'>b'§'

r !
p=- Sl (B16)

S = b!(é"_bll
= P P—jl— T
D=i é'__:_b_‘l'
(¢4
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9.3 Appendix C - Sample Wing-Body Case Printout

A sample printout is given here for the wing optimization of the Boeing
wind-tunnel model described in section 6.4. A comparison between the planar
and optimized wing cases is presented in section 7.0,

The uniform panel layout used for this example is shown in the upper sketch

on figure 49,
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PROGRAM FOR ANALYSIS AMD DESIGN OF SUPERSOMIC WING-80DY COMBINATIONS

DATA CARDS ARE LISYED BELOW

DEF INE
80DY
TR-80%/EQUIVALENT/BODY
24, 8.
0. 2s. $0. 5. 102.19 130,
155, 180,
O. 0. . Oe 2. o.
1.5 0. 0. 2. 270
3. 0. 0. 2. YY)
4.5 0. 0. 2. « 5943
6. 0. 0. 2. .T234
1.5 0. 0. 2. 837

T e, 0. 0. 2. <9364
10.5 0. 0. 2. 1.0223
12. 0. 0. 2. 1.0936
13.5 0. 0. 2. 1.1479
15. 0. 0. 2. 1.184
1%.1 0. 0. 0.
17.5 0. 0. 0.
20. 0. 0. 0.
22.5% 0. 0. 0.
2s. 0. 0. 0.
27.5% 0. 0. O.
29.9 0. 0. 0.
3. 0. 0. 2. 1.178
32. O. 0. 2« 1154
33, 0. 0. 2. 1.12¢
34, 0. 0. 2. 1.084
38, 0. 0. 2. 1.034
be 0. 0. 2. 1.
WING
TR=A05 WING(TWPe-,25)
2. 3. 4, il. 1.
1. 1. 0.
10.67 0. 40.27 10.774
19.88 0. 43,518 8.603 40.27 10.774
3. 0. 0. 0. 2.
0. -a25 S.21 2%
1. 0. s, 0. 0.
. 8.602 8.603 2.
o. -.2% €, 2) - 2%
3. 10. 774 10,774 2.
0. ~e25 0. -.25
0. 10. 20. 30, 40, 50.
80, 70. 80, 0. 100,
wax
’. « 0001
DEFEND
SANEL
0. 0. 1. 1. . 001
. 9% 0.
800Y PANEL
., 1. .02 ot
2s. 27, 29.% 32.415
1. 2. 3. 4. s. 6.

naAY 20,

180
180
190
200
220
ir
zr
e
4P
14
[ 1
™

1967




1€¢

7. 8. Q.
WING PANEL

10. 1. 1.
1.984¢€ 2.8119 A.6292
6.9406 T.7757 2.603
0. 40.27 10.7T4
185,

0. 0. «02%
o -N2155 1%

«2 «03215 ol

s «02112 7

.9 .01084 « QS
15.

0. 0. «02S%
.1 ~.0Nn628 18

-3 -.00701 b

b ~.006€9 .7

.9 0. «95
PANEND

AERDDYNAMIC

SAVE TAPE

1.8 Te

TF 80% MIN DRAG CLBAR=,]S9
3. a, 0.

a9, a7s 0. a,

GIVEN BCDY ®ADIT
TP-ROS BODY CAMBFR

0. .N25 0642
« 009 . 108 <1165
« 156 162 «167
I I 4] L1779 «1TER
21713 .1702 <149
B .1635 1624
1569 -1%59 «1547
<1492

0. .159

GIVEN WING THICKNESS

END OF DATA

10.

«05
4. k665

40.270

0100
«02548
0347
«02%99
«00¢16

~+00257
~+ 0051
-.00735
-.00239
0.

. 05¢
125
172
«1757
+148
«1613
<1536

11.

5.2928
10.774

068
134
«175
1746
«1¢79
«1602
1525

A TOTAL OF a4  NATA CAFDS WEPE READ

6.1211

«01556
.02832
.03285
«01915
0.

-.00325
-.00581
~.0065
~-00068
0.

« 070
o162
«178
»1735
« 1668
«1591
«151%

-089
148
+ 180
«1724
«1657
-158
«1503

had
.14
14

11P
129
12p
12p
12¢
12¢
12¢
13¢
13p
13p
13p
13pF
13¢
14P
1A

24
4A
SA

6A



(444

MAY 20, 1967

800Y RADIUS AND 7-COORDIMATE OF A0DY CENTROID VERSUS X-~PRIME

SODY PANEL

X=-PRIME
0.0000
0. 7262
1.4485
2.1728
2.8970
3.6213
4. 3458
5. 0690
5. 7941
6.5184
Te2426
T. 9669
8, 6911
9,4154

10.1397

10.8639

11.58n82

12. 2124

13,0367

13. 7610

14,5022

15,2436

15,9849

1€.7262

17.4675

18,2088

18,9501

19,6914

20,4327

21.1740

21.91%)

22,6566

23,3979

24,1392

24, 8805

25,6218

2643631

27,1064

27,8457

28.5870

29,3282

30,0696

30,8109

31.5522

32.293%

33.0348

33,7761
34.5174

35,2587

36. 0000

RADIUS
0.0000
0.1304
0.2607
0.349]
0.6343
0.5077
0.5791
0. 6433
0.7057
0.7627
0.817S
0.8679
0.9159
0.9602
1.0017
1.0396
1.0740
1.1049
1.1311
1.1542
1.1720
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1625
1.1757
1.1630
1.1452
1.1226
1.6920
1.0581
1.0252
1.0000

I-PRIME
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0. 0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
a.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000

4F
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800y PANEL ROUTINE

THERE ARE 15 TRANSVERSE VERTICAL PLANES THAT INTERSECT THE 8OOV
TO DEFINE DANEL LEADING AND TRAILING EDGES

X~INTEPCEPTYS

13.76097
14.75289
15.609159
16.61262
17.53366
18,.45469
19.37572
20.29676
21.21779
22.12R92
22.05986
25.00n00
27.00000
29.50000
32.41%00
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BODY PANEL CORNFR SOINT COORDINATES
1 AND 2 INDICATE B0ODY.PANEL LEADING-EDGE POINTS,

PANEL

NO

0O®~NP RSP WN -

PARTYS

- St et Bt d b G st P e b o vt P gt P bt et b At el Gt Dt puf St et o P pad i bt s ot et S et S bt S et et et DS b g bt et et b et

X
1

13.761

14,753
15,692
16.513
17.524
18,455
19,276
20,297
21.218
22.129
23.0¢0
25,000
27.000
29.500
13.761

14,753
15.692
16,613
17.534
18,455
19,376
20,297
21.218
22.139
23,060
25.000
27.000
29.500
13,761

14,753
15.692
16.612
17.534
18,455
19.276
20,267
21.2)8
22.139
23,060
25.000
27.000
29.%00
13.7¢1

14,7%)
15.692
1€.613
17.534
18.45%%
19.276
20.297
21.218
22.139
23.0¢0
2%5.000

Y
1

8,000
0,000
0.000
0. 000
0.000
0.000
0.000
0. 000
0. 000
0. 000
0.000
0. 000
0.000
0.009
G.AR8
0.498
0.500
0.500
0.500
0.500
0.500
0.500
0.500
0,500
0.500
0.500
0.500
0.508
0.8P4&
0.902
0.907
0. 907
0.907
0. 907
0.907
0.907
0.907
0.907
0.907
0.907
0.907
0.911
1.115
l.138
1.164
o104
l.164
1144
Tolb4
lelsa
lalss
1144
1a144
1.144

z
1

1.154
1.178
1.184
1.184
1.184
1.184
1.184
1.184
1.1846
1.184
1.184
1.184
1.184
1.182
1.046
1.068
1.073
1.073
1.073
1.073
1.073
1.073
1.073
1.073
1.073
1.073
1.073
1.067
0.742
0.757
0.761

0.761

0.761

0.761

0.761
0.741
0.751
0.761

0.761
0.7561
0.761
0,752
0,299
0.205
0.306
0.206
0.206
0.206
0.306
0.306
0,206
0.306
0.206
0.30¢6

X
2

12,761
14,753
15.692
16.613
17.534
18,455
19.376
20.297
21.218
22,139
23.060
25.000
27.000
29.500
12,761
14,753
15.692
16,611
17.534
18,455
10,274
20.297
21.218
22.139
23.060
25.000
27.000
29.500
13.761
14,753
15,692
16.613
17.534
18,455
19.376
20.297
21.218
22.139
23.060
25,000
27.000
29.500
13,751
14.753
15.692
16,613
17.536
10,455
19.376
20.297
21.218
22.139
22,080
25.000

A4
2

0.488
0.498
0.500
0.500
0.500
0.500
0.500
0.500
0.500
0.500
0.500
0.500
0.500
0.491
0.884
0.902
0.907
0.907
0.907
0.907
0.907
0.907
0,907
0.907
0.907
0.907
0.307
0.900
1.115
1.138
lalb6
1.144
l.144
lol44
l.144
l.144
1164
laloé
1alés
l.lb6
1l.144
1.139
1.125%
1.151
1.157
1.157
1.157
1.157
1.157
1.157
1.157
1.157
1.157
1.157

3 AND & INDICATE TRAILING-EDGE POINTS

4
2

1.046
1.068
1.073
1.073
1,072
1.073
1.073
1.073
1.073
1.073
1.073
1.073
1.073
1.075
0.742
0.757
0.751
0.T61
0.761
0.761
0.761
0.761
0.761
0.761
0.761
0.761
0.761
0.767
0.299
0,305
0.306
0.306
0.306
0.306
0.306
0,306
0.306
0.206
0.206
0.206
0.306
0.315%
-0.250
-0.250
~0.250
-0.250
-0.250
-0.250
-0.250
~0.250
-0.250
-0.250
-0.250
-0.250

X
3

14,753
15,692
16613
17.534
18.455
19,376
20.297
21.218
22.139
23,060
25.000
27.000
29.500
32,615

16,753

15.692
16.613
17.534
18,455
19.376
20,297
21.218
22.139
23.060
25.000
27.000
29.500
32.415
14,753
15.¢692
16.613
17.534
18.45%
19.376
20,297
21.21%
22.139
23.0¢0
25.000
27.000
29.500
32,415
14,753
15.692
16.613
17.534
18,455
19.376
20,297
21.218
22.139
23.060
25.000
27.000

Y
3

0.00%
0.001

0.000
0.000
0.000
0.000
0.000
0.000
0.000
0.000
0.000
0.000
0.000
0.000
0.502
0.501
0.500
0.500
0.500
0.500
0,500
0.500
0,500
0,500
0.500
0.500
0.500
0.482
0.905
0.908
0.907
0.907
0.5907
0,907
0.907
0.907
0,907
0.907
0.907
0.907
0.907
0.874
1.138
1.144
1.144
l.144
l.1%4
1.144
1.1464
1a1464
l.144
lalés
1al44
1144

4
3

1.177
1.184
1.184
.18
1.184
lel84
1.184
1.184
1.184
1.184
1.184
1.184
1.184
1.142
1.065
1.072
1.073
1.073
1.073
1.073
1.073
1.073
1.073
1.073
1.073
1.073
1.073
1.035
0,753
0.760
0. 761
0,761
0,761
0.761
0.761
0.761
0.761
0. 761
0. 761
0.761
0.761
0.734%
0.299
0.30%
0.306
0.306
0.306
0.306
0.306
0,306
0.306
0,206
0.39%6
0.306

x
L3

164.753
15.692
16,613
17.534
18,455
19.376
20.297
21,218
22.139
23,060
25.000
27,000
29.500
32.415
14,753
15.692
16,613
17.534
18,455
19.37¢
20.297
21.218
22.139
23,060
25.000
27.000
29.500
32.415
14.753
15.692
16.613
17.53%
18.455
19.376
204297
21.218
22.139
22,060
25.000
27.000
29.500
32.415
14,753
15.692
164613
17.534&
18,455
19.376
20,297
21.218
22.129
23.060
25.000
27.000

0. 493
0.499
0. 500
0.500
0.500
0.500
0.500
0.500
0.500
0.500
0.500
0.500
0.500
0. 482
0.898
0. 906
0.907
0.907
0.907
0.907
0.907
0. 907
0. 907
0.907
0.907
0.907
0. 907
0.874
1.136
1.143
1.144
l.144a
lal4e
lalbé
l.l64
lelés
l.144
l.144
1.144
1.1 44
l.144
1.103
1.151
1.157
1.157
1.157
1.157
1.157
1.157
1.157
1.157
1.157
1.157
1.157

4
4

1.069%9
1.073
1.073
1.073
1.073
1.073
1.073
1.073
1.073
1.073
1.073
1.073
1.073
1.03%
0.760
0.762
0.761
0.761
0.7T6l
0.T6l
0.761
0.761
0.761
0.T61
0.761
0.7T61
0.761
0.T734
0.309
0,308
0.306
0.306
0.306
0.306
0.306
0.30&
0.306
0.306
0.306
0.306
0.306
0.295
~0.250
-0.250
-0.2%0
-0.250
-0.250
-0.2%0
-0.250
-0.250
-0.2%0
-0.250
-0.25%0
-0.250
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5%
56
57
s5a
59
60
&1
¢2
63
64
[
66
67
68
(3]
T0
T1
T2
73
74
78
Te
17
TR
15
ao
a1
e2
aa
a4
et
8¢
&7
ag
3]
o0
o}

o1
o4
9t
96
o7
an

27.000
29.500
13.7¢)
164,753
15,602
16,413
17.52«
18,455
19.27¢
20.297
21.218
22.129
23.060
25.000
27.000
29.500
12.7¢1
14.752
15,692
16.6112
17.52¢
18,455
19.376
20.297
21.218
22.139
23.060
2%.000
27.000
29.500
12,761
14,752
15.692
1€.613
17.524
18,455
19.37¢
20,297
21.218
22.120
23.060
?2%. 000
27.000
29,500

lol6s
1,146
1.12%
1.15}
1.157
1.1%7
1.157
l.157
1.157
1.157
1.157
1.157
1.1°7
1.157
1.157
l.1F3
N.8F4
0.002
0.907
0.907
0.907
0.907
0.907
0.907
0.907
0. 907
0.907
0. 907
0. 207
0.900
0,480
0.408
0.500
0.500
0.500
0.%00
0.500
0,500
0.500
0.500
0.500
0.500
0.500
0.4°1

0.306

0.296
-0.250
-0.250
~0.250
~0.250
-0.250
=-0.250
-0.250
-0.250
-0.250
-0.250
=0.25%0
-0.250
=0.250
-0.2%9
=0.742
~0.757
~0.761
-0.741
-0.761
~0.761
-0.7861
-0.T€1
-0.761
=0.761}
-0.761
-0.761
~0.761
=~0.767
~1.046
-1.068
-1.073
-1.073
-1.073
~1.073
-1.073
~1.073
-1.073
-1.072
~1.072
-1.073
-1.073
~1.075%

27.000
29.500
12.761

14,753
15.692
16.6113
17.53%
1R.455
19.376
20,297
21.218
22.139
23.060
25.000
27.000
29,500
13.761

14,753
15.692
16.612
17.534
18.455
19.37¢
20.297
21.218
22.139
23.060
2%.000
27,000
29,500
13.761

14,753
15,602
16,613
17.53¢
18,455
19,275
20,297
21,218
224139
23.06Nn
25,000
27.000
29.500

1.157
1.157
0.88¢
0.902
0.907
0.907
0.907
0.907
0.907
0.907
0.907
0.907
0.907
0.907
0.907
0.911
0.488
0,498
0.500
0.500
0.500
0.500
0.500
0.500
0.500
0.500
0.500
0.500
Q, 500
0.508
0.N00
0.000
0.000
0.000
0.000
0.000
0.000
0.000
0.000
0.700
0.000
0.000
0.000
0.009

~0,250
~0.240
-0.742
-0,757
~0.761
-0.761
=0.761
-0.T61
-0.761
=0.761
-0.7¢1
=0.761
~0,761
~0.761
-0.761
-0.752
-1.046
-1.068
-1.073
-1,073
~1.073
-1.073
-1.072
-1.073
-1.073
-1.072
~1.073
-1.073
-1.073
~1.067
~1.154
-1.178
=1l.184
~1.184
~l.184
-1.184
-1.184
-1.184
~l.184
~l.184
~le184
-1.184
~1.18¢
~1.182

29.500
32.41%
14,753
15.692
16.5612
17.534
18,455
19,376
20.297
21.218
22.139
23.060
25.000
27.000
29.500
32.415
14,753
15.692
16.613
17.534
18,455
19.3%76
20.297
21.218
22.12¢
23.060
25,000
27.000
29.500
32,415
14,753
15.692
16.613
17.534
18,455
19.376
204297
21.218
22.13%
23,060
25,000
27.000
29.500
32.41%

1.144
1.103
l.146
1.156
1.157
1.157
1.157
1.157
1.157
1.157
1.157
1.157
1.157
l.157
1.157
1.116
0.898
0.906
0.907
0.907
0.907
0.907
0.507
0.907
0.907
0.907
0.907
0,907
0.907
0.874
0.493
0,492
0.500
0.500
0.500
0.500
0.500
0.500
0.500
0.500
0.500
0.500
0.500
0.482

0.306

0.235
=0.260
-0.253
~0.250
-0.250
«0.250
-0.250
-0.250
-0.250
-0.250
-0.250
~0.250
=0.250
~0.250
=0.261
~0.760
-0, 762
~0.761
~0,761
=0.761
=0.751
-0, 761
~0.761
~0.761
-0, 761
~0.761
~0.761
~0.761
=0.734
~1.069
-1.073
-1.,073
~1.073
~1.,073
-1.073
~1.073
-1.073
-1.073
-1.073
~1.073
-1.073
-1.073
-1.035

29.500
32.415
14,753
15.692
16.613
17.53%
18.455
19.376
20.297
21.218
22.139
23.060
25,000
271.000
29.500
32.415
14.753
15,692
16.613
17.534
18,455
19.374
20,297
21.218
22.13¢
23,060
25,000
27.000
29,500
32.418
14,753
15.692
16,612
17.534
18,455
19.37¢
20,297
21.218
22.139
23,060
2%.000
27.000
29,500
32.415

1,157
l.116
0.905
0,908
0.907
0.907
0.907
0.907
0. 907
0. 907
0.907
0.907
0.907
0.907
0.907
0.87¢
0.502
0.501
0.500
0.500
0.500
0.500
0.500
0.500
0.500
0.500
0.500
0.500
0.500
0.482
0.00%
0.001
0.000
0.000
0.000
0,000
0,000
0. 000
0.000
0,000
0.000
0.000
0,000
0.000

~0,2%50
~0,261
~0.752
-0,760
-0.761
~0.761
-0. 761
-0.1261
~0.761
-0.761
~0.761
~0.761
~0.761
~0.761
~0.761
~0.734
-1.065%
~1.072
-1.073
~1.073
-1.073
-1.073
-1.073
~-1,073
-1.073
~1.073
-1.073
-1.073
-1.073
-1.03%
-1.177
~l.184
~l.184
~l.184
~1.184
~l.104
-1.184
-1.184
=1.184
~lel186
~l.18¢
~1.184
~1.184
-1.142
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BODY PANEL CENTRNID AND CONTROL POINT COORDINAYES

C

14.259
15.222
1€.152
17.073
17.99
18,915
19.836
20,757
21.678
22,599
24.030
26.000
28.250
30.949
14.259
15.223
16.1%2
17.073
17.99%
18,915
19.836
20.757
21.670
22.599
24.030
2¢.000
78.25%0
30,949
14.259
15.222
16.152
17.073
17.99
18,9156
19.836
20,757
21.478
22.%99
24,020
26.000
28,250
10,949
14.25%
12.222
16,152
17.073
17.996
18.9185
19, %35
20.757
21.678
22.59¢9
24.030
26,000
28,250

Y
C

0.246
0.250
0.250
0.250
0.250
0.250
0.250
0.250
0.250
0.250
0.250
0.250
0.250
0.246
0.693
0.702
0.704
0.704
0.704
0.704
0.704
0.704
0.704
0.704
0.T06
0.704
0. 704
0.£91
1.010
1.022
1.025
1.025
1.025
1.025
1.02%
1.025
1.02%
1.025
1.025
1.075
1.02%
1.007
1.132
1.167
1.150
1.150
1.150
1.150
1.150
1.150
1.150
1.150
1.150
1.150
1.150

z
[«

1.112
1.126
1.129
1.129
1.129
1.129
1.129
1.129
1.129
1.129
1.129
1.129
1.12¢9
1.108
0.90?
0.91%
0.917
0.917
0.917
0.917
0.917
0.917
0.917
0.917
0.917
0.917
0.917
0,901
0.526
0,532
0.534
0.524
0,534
0.53¢
0.5%
0,524
0.534
0. 534
0.5%4
0.534
0.534&
0.524
0.026
0.028
0.028
0.028
0.026
0.028
0.028
0.02¢
0.028
0.028
0,028
0.028
0.028

X
ce

14.703
15.645
16.567
17,478
18.409
19.330
20.251
21.172
22.093
23.014
24,903
26.900
29.37%
32,269
164.703
15.645
16.567
17.488
18,409
19.330
20,251
21.172
22,092
23.014
244903
26.900
29.375
32.269
14,703
15.645
16,567
17.48¢
18,409
19,330
20.2%1
21,172
22,093
23.014
24.903
264900
29,375
32.269
14,703
15.645
16.567
17.488
18.4009
19.330
20.251
21.172
22.093
23.014
24,903
26.900
29,375

Y
ce

0.249
0.250
0.250
0.250
0.250
0.250
0.250
0.250
0.250
0.250
0.250
0.250
0.250
0.242
0.£99
0,704
0.704
0.T04
0.704
0.704

'0.T04

0.704
0.704
0.704
0.704
0.T704
0.T04
0.680
1.019
1.025
1,025
1.025
1.025
1.02%
1.025%
1.025
1.025
1.02%
1.02%
1.02%
1.025
0.990
1.142
1.150
1.150
1.150
1.150
1.150
1.150
1.1%0
1.150
1.150
1.150
1.150
1.15%0

3
ce

1.122
1.128
1.129
1.129
1.129
1.129
1.120
1.129
1.129
1.129
1.129
1.129
1.129
1.090
0.912
0,917
0.917
0.917
0.917
0.917
0.917
0.917
0.917
0.917
0.917
0.917
0.917
0.884
0.531
0.534
0,534
0.53
0.534
0.5346
0.534
0.534
0.53%
0.534
0.5346
0.534
0.534
0.%516
0.026&
0.028
0.028
0.028
0,028
0,028
0.028
0,028&
0,028
0.028
0.028
0.028
0.028

vl i

AREA

0.501
0.480
0.472
0,472
0.472
0.472
0.472
0.472
0.472
0,472
0.994
1.025
1.281
1,667
0.501
0.480
0.472
0.472
0.472
0.472
0.472
0.472
0.4T2
0.472
0.994
1.025%
1.28)
1.467
0.501
0.480
0.412
0.472
0.472
0.472
0.472
0.472
0.472
0.672
0.994
1.025
1.281
1.467
0.548
0.522
0.513
0.513
0.513
0.513
0.512
0.512
0.513
0.513
1.080
1.112
1.392

THETA-~
INCLIN

~0.21817
-0.21817
~-0.21817
~0.21817

~0.21817’

-0.21817
-0,21817
-0.21817
-0.21817
-0.21817
-0.21817
-0.21817
~0.21817
-0.21817
-0, 65450
~0. 65450
~0. 65450
~0.65450
~0.65450
—0. 65450
-0.65450
-0, 565450
~0. 65450
=04 565450
-0.65450
-0. 65450
~0,65450
-0.65450
-1.09083
-1,09083
~1.09083
~1.09083
-1.09083
~1.,09082
-1.09082
-1.09083
-1.09082
-1.09083
~1.09083
-1.,09082
-1.09083%
-1.0908%
-1.54979
-1.54686
~1. 54628
-1.54628
=1.54628
~1.564628
-1.54628
-1.54628
~1.56628
-1.54628
~1.54628
~1.56627
~1.54627

ALPHA-
INC1D

0.02349
0.00619
0.00000
0.00000
0.00000
0.00000
0.00000
0.00000
0.00000
0.00000
0.00000
0.00000
0.00000
-0.01422
0.02349
0.00619
0.00000
0. 00000
0.00000
0. 00000
0. 00000
0.00000
0. 00000
0., 00000
0,00000
0.00000
0. 00000
-0,01422
0.02349
0.00619
0.00000
0,00000
0.00000
0.00000
0.00000
0.00000
0,00000
0.00000
0.00000
0.00000
0.00000
-0.01422
0.02338
0.00616
0.00000
0.00000
0.00000
0. 00000
0. 00000
0.00000
0.00000
0.00000
0.00000
0.00000
0.00000
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56
7
L
s5a
50
61
&2
61
64
65
66
67
68
40
70
n

T2
72
T4
7=
16
17
78
To
20
e}

82
81
fq
g‘

8¢
a7
L1
29
on
ql
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LT3
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WING BANFL

30.949
14,259
15,222
16.152
17.073
17.994
18,915
19,834
20. 757
?1.678
22.599
26.020
26 .000
28.250
20,949
14.259
16,223
16.1€2
17.073
17,994
1B.91S
19.83%
20,757
21.678
22.599
24,030
26.000
28.250
30.940
4,250
15.223
16.152
17.07?
17.004
18.915
19.836
20,757
21.678
22.5°9
24.030
25,000
2e,.250
20, 4

1.1230
1.0156
1.029
1.03?
1.0%22
1.032
1.032
1.072
1.0%2
1.n32
1.032
1.032
1.022
1.032
1.014
0,693
0.702
0.704
0.704
0.70
0.706
0. TD4
0.704
0. 704
0. T04
0.704
0.704
0. T04
0.¢9
D.246
0.25%1
0.250
0.250
0.252
0.250
0.2%0
0.250
0.250
0.2%0
0.250
0.259
0.250
0266

0.028
-0.500
~0.50%
~0.506
-0.50¢
-0.50¢
-0.506
-0.506
-0.50¢
~0.50¢
~0.506
~0.506
-0.50¢
~0.5006
~0.497
~0.903
-0.915
-0.917
~0.917
-0,917
-0.917
~0.917
-0.917
~0.917
-0.917
~0.917
-0.917
~0.917
~0.201
~1.112
~1.126
~1.129
-l.12¢
-1.129
-1.129
-1.129
-l.129
-1l.129
-1.120
-1.129
=lel29
-l.129
-1.108

32,269
14,703
15.645
16.567
17.488
18.4009
19.330
20.251
21.172
22.0913
23.014
264,902
26.900
29.175
32.269
14,702
15.645
16.567
17.488
18,409
19,330
20.25)
21.172
22.093
22,014
26,903
264900
2%9.375
32.269
14.703
15. 645
16.567
17.488
18.409
19.320
20.251
21.172
22.093
23.01«
24.907
26.900
20,275
32.269

l1.111
1.025
1.032
1.032
1.022
1.032
1,022
1.032
1.032
1.032
1.032
1.032
1.032
1,032
0.997
0.699
0.704
0.704
0.7064
0.704
0.704
0.704
0.704
0.706
0.T04
0. 704
0.704
0.704
0.480
0.249
0.250
0.250
0.250
0,250
0.250
0.250
0.250
0.250
0,250
0.250
0.250
0.250
0.242

0.027
-0.504
~-0.506
-0.5n6
-0.506
-0.506
-0.506
-0.506
-0.50¢
~0.50¢
=0.50¢
-0.506
=0.506
-0.506
-0.488
-0.°12

-0.917

=0.917
-0.917
~0.917
-0.917
-0.917
~0.917
-0.917
~0.917
-0.°17
-0.917
-0.917
-0.98¢
-1.122
-1.128
~1.129
-l.129
-1.129
-1.129
-1.129
~l.129
-1.129
~1l.129
-1.129
-l.12¢
-1.129
~1.090

1.59%
0.552
0.532
0.524
0.5%524
0.524
0,524
0.526
0.524
0.52¢
0.524
1.104
1l.128
1.422
l1.629
04501
0., 480
0,472
0.472
0472
0.472
0.472
0.472
0.472
0.472
0.994
1.02%
1.20]
1.467
0.501
0.4800
0.472
0.4T72
0.472
0.472
0,472
0.472
0.472
0.472
0.994
1.025
1.221
le4t7

ap

~1,544627 -9,.01415%
~2.02624 0.02326
-2.02624 92,0061%
-2.,02624 0.00000
~2.02624 0.00000
-2,02624 0,00000
-2.02624 0.00000
-2.02624 0.00000
-2.02624 0,00000
-2.02624 0.00000
-2.02624 0.00000
=2.02624 0.00000
~2.02624 0.00000
-2.02624 0.00000
-2.02624 ~2.01413
=2.4B8709 0.02349
~2.48709 0.00619
~2.48T709% 0,00000
~2,40709 0.00000
~2.43709 9,00000
~2.48709 0.00000
~2.48709 0.,00000
~2.4870° 0.00000
-2.43709 N,.00000
~2.48709 0.00000
~2.48709 0.00000
~2.4870°2 0.,00000
-2.48709 0.00000
~2,4870° -D.01422
~2.92343 0.02349
~2,92343 03.0061%
~2.92343 0.00000
=2.92343 0.00000
-2.92343 0.00000
~2.92343 0.00000
~2.92343 0.00000
~2.92343 0,00000
=2.92342 0.00000
=2.92342 0.00200
-2.92343 0.00000
=2.92343 0,00000
~2.92342 0.00000
~2.92363 ~0.01422



WING PANEL ROUTINF
THERE ARE 10 VERTICAL PLANES THMAT INTERSECT THE WING TO DEFINE PANEL SIOE EDGES

LEADING-EDGE
Y=-INTERCEPT

1.98460
2,81150
-3,63020
4. 46650
5.29380
6.12110
4,94840
T.77570
8.60300

DUTBCOARD CUTTING PLANE
LEADING-EDGE
X=INTERCEPT Y-INTERCEPY SLOPE
40.27000 10.77400 0.00000
ZERQ-SLOPF INDICATES STREAMNISE CUTTING PLANE
UNDRFLOW AT 25422 IN M0
UNDRFLOW AT 25622 IN ™Q

UNDRELOW AT 25422 TN MQ

8€2

AIRFOIL COORDINATES ARE USED DIRECTLY BY PROGRANM
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WING PANEL COPNFR POINT COCRDINATES
L AND 2 INDICATE WING PANEL LEADING~EDGE POINTS,

PANEL
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1
1
1
!
1
]
1
!
1
1
1
1
1
)
1
1
1
1
1
1
1
1
1
1
1
1
1
1
1
1
1
1
1
1
)
1
1
1
1
t
1
1
1
1
1
1
1
1
]
1
1
1
1
1

X
1

12,822
164.7T7Y
15.492
1645613
17.534
18,485
19.376
20,297
21,218
22.139
16.122
17.042
17.96%
18,886
19,807
20,728
21.649
22.570
23,49)
24,412
19,308
19.316
20,237
21.159
22,980
23.001
23,922
26,043
25.T64
26.68%
20.668
21.5R9
72510
23,421
24,253
2%5.2T4
26.195
27.11¢
23,027
28.7%8
22,941
23.R¢2
264,783
2%.T04
264526
27.547
L FET Y. ]
29,189
20.310
31.2}
25.214
26.135
27.056
2T.977

v
1

1.151
1.157
1.157
1.1%7
1.157
1.157
1.157
1.1¢7
1.157
1.157
1,985
1.985
1.985%
1.968%
1.9805
1.98%
1.98%
1.98%
1.9R%
1.985
2.812
2.A12
2.812
7. 812
2.912
2,912
2.8)2
2.812
2.812
2.812
2,629
3,629
3. 62@
3,620
31,629
3.429
1. 4629
3,620
3.629
2,630
4,460
LI 1Y}
b bbb
Loute
L6668
h. 4606
L PR Y]]
L X3
LYY
L 1Y
S.2%%
$.294
5.294
5.294

-

1

~0.250
-0.250
-0.250
-0.250
=0.250
-0.250
-0.250
~0.250
=0.250
-0.250
~0.250
-0,250
~0.250
-0.250
=0.250
=0.250
-0.250
+0.250
-0.250
-0.25%0
-0.250
=0.250
-0.250
-0.250
-0.250
~0.250
-0.250
~0.250
=0.250
=0.250
~0.250
~0.250
~0.2%0
=0.250
~0.250
-0.250
=0.250
-0.250
=0.250
=-0.250
~0,250
-0.25¢0
=0.250
-0.250
-0.2%0
~0.250
-0.,25%50
~0.250
-0.250
-0.,250
~0.250
~0,2%0
-0.250
=0,250

X
2

16.122
17.043
17.96%
18,286
19.807
20.728
21.649
22.570
22,491
26.412
18.395
19.316
20.23>
21.1%°2
22.080
23,001
23,922
24.843
25,764
26.685
20.668
21.589
22.510
23.471
24,251
25,274
26,195
27.116
28,027
28,958
22,941
23.862
24,783
25.704
26,626
27.547
2R, 468
29.389
30.310
31,231
25.214
26,135
27.056
27.077
28.899
29.820
20,741
31,662
32,583
32,504
27.487
28.408
20,329
30.250

A

hd

1.98%
1.98%
1.985
1.98%
1.988
1.988
1.989%
1.985
1.98%
1.985
2,812
2.812
2.812
2.912
2.812
2.812
2.812
2.812
2.812
2.9%12
2.639
3.639
3.639
3.639
3.5439
3.630
3.629
3.639
3.636
3.630
4,466
4. 4056
4,466
L.bbE

 he 466

4.46¢
LI X1
bbbt
&.66¢€
Lohb6
5.294
5.294
5.294
£.294
5.294
5.296
5.2%94
5.294
54294
5.294
64121
6.121
€.121
6.121

3 AND & INDICATE TRAILING-EDGE POINTS

z
2

=0.250
-0.250
-0.250
~0.250
-0.250
-0.250
-0.250
=0.2%0
-0.250
=0.250
-0.250
~0.250
~0,259
-0.2%0
-0,250
-0.250
-0.250
~0.250
=0.250
-0.250
~0.250
~0.25%0
~0.250
-0.250
~0.250
~0,250
~“0.250
-0.250
~0.2%0
-0.250
=04250
=0.250
-0.250
-0.250
-0.250
-0.250
-0.250
~0.250
=0.250
=0.250
-0.250
-0.250
~0.250
=0.250
-0.250
~0.250
=0.250
=0.250
-0.250
-0.250
~0.250
=0.250
~0.25%0
~0.250

X
3

14,753
15,692
16.613
17,534
18,455
19.376
20.297
21,218
22,139
23,060
17.043
1T7.9¢%
l18.886
19.807
20.728
21.649
22.570
23.491
24.412
25,3323
19.316
20,237
21.159
22.080
23.001
23.922
24,043
25.764
26.685
27.60¢
21.56€9
22.5)10
23.43)
24,353
25.274
264198
27.116
2%,037
28,958
29.87¢
23,862
24.783
25.704
26.626
2T.547
28.468
29,389
30.310
31.231
32.152
26.135
27.05¢
27.977
2%8.899

Y
3

1.151
1.157
1.157
1.157
1.157
1.157
1.157
1.157
1.157
1.157
1.985
1.98%
1.985
1.985
1.98%
1.98%
1.988
1.98%
1.98%
1.985
2.812
2.812
2.812
2.812
2,812
2.812
2.812
2.812
2.812
2.812
3.639
3.639
2.639
3.639
3.639
3.639
Je.€39
3.639
3.639
3.639
4. 406
by 866
LYY 113
& 406
Lo b 66
Lo 466
&hob66
4,466
[P Y'Y
4,460
5.294
5.294
5¢29
5.294

I
3

-0.250
-0.250
~0.250
-0.2%0
-0.25%0
~0.250
-0.250
-0, 250
~0.250
=0.250
-0.250
-0.250
-0.250
~0.250
-0.250
~0.250
-0.250
-0.250
~0.250
-0.250
~0.250
-0.250
~0.250
-0.250
=0.250
-0.250
~0.250
-0.250
-0.250
-0.250
=0.250
~0.250
=0.250
-0.250
=0.250
-0.250
~0.250
-0.250
~0.250
=0.250
-0.250
-0.250
«0.250
=0.250
=0.250
=0.250
~0. 250
-0.250
-0.250
=0.250
~0.250
<0.250
-0.250
-0.250

X
4

17.042

17.965
18,886
19.807
20.728
21.649
22.570
23,491

24.412
25.233
19.316
20.237
21.159
22.080
23,001

23.922
26,843
25.764
26,685
27.€06
21.509
22,510
23.43)

24.3%)
25.274
26,195
27.116
28.037
28.958
29.8719
23.862
24.783
25.704
26.626
2T.547
28.468
29.389
30.310
31.23)

32.152
26,128
27.056
21.977
28.899
29.820
20.741

31.6¢€2
32.583
33,504
34,425
28.408
29,329
30.250
31.172

1.98%
1.98%
1.98%
1.99%
1.98%
1.96%
1.98%
1.985%
1. 985
1.985%
2.812
2.812
2,812
2.812
2.812
2.812
2.812
2.812
2.812
2.812
3.639
3.639
3.639
3.639
3.639
3.639
3.639
3.639
3.639
3. 639
L 466
4,466
. 866
LIN-Y
4. 666
4,466
4. 456
4,466
4. 466
4,456
5.294
5.294
5294
54294
5.294
5.294
5.294
S.29%
5.294
5.294¢
6.121
6.121
6.121
€,121

z
L]

-0.2%0
-0.250
-0.250
-0.25%0
-0.250
-0.2%0
-0.250
-0.250
-0.250
-0.2%0
-0.250
-0.2%0
~0.2%50
~0.250
-0.2%50
-0.2%0
-0.250
-0.25%0
-0,25%0
-0,2%0
0,250
-0.2%0
~0.2%0
-0.250
-0.250
-0.250
-0.250
-0.2%50
~0.250
-0.250
-0.250
~0.250,
-0.250
-0.250
-0.250
~0.250
-0.250
-0.2%0
~0.250
-0.250
-0.250
-0.2%0
-0.250
~0.250"
-0.250
-0.250
-0.250
~0.2%0
-0.250
-0.250
-0.2%0
-0.250
-0.250
-0.250
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28.899
29.820
30,741
31.662
32.5P3
33,504
27.487
28,408
29.329
30.2%0
31.172
32.093
23.014
33,935
34.856
35.7T77
29.T60
30.681
31.602
32.523
33,445
4. 26€
35.287
36.208
27.129
28,051
32.032
32,954
33.875
34,796
35. M8
36.639
37.5¢0
318,401
39.402
40. 224
14,205
3%5.227
I6.148
37.0¢9
17.990
28,912
39,822
40.7%6
41.47%
42,597

5.29&
S .29
5.294
5.29¢
54204
54204
6.121
6.121
6,121
6.121
6,121
62121
6.121
6,121
&.12]
6.121
6,948
6. 960
6.8
6.948
6,048
6.948
6. 948
6,948
6,948
6.948
T.T76
T.T76
T.776
T.T76
T.77¢&
T.T76
T.T76
T.776
T.776
T.T76
8.603
8.603
A. 603
.4603
8.603
8. 603
8.603
8.603
8.6
4,603

-0.250
-0.250
-0.250
-0.250
-0.250
~0.250
-0.250
~0.250
~0.250
~0.250
~0.2%0
-0.250
-0.2%0
~0.259
-0.25%0
-0.250
~0.250
~0.2%0
~0.250
-0.250
-0.250
~0.250
-0,2%0
«0.250
~0.250
~0.250
~0.2%0
-0.250
«~0.250
~0.250
=0.250
-0.250
~0.250
=0.250
~0.250
~0.250
-0.250
-0.250
-0.250
~0.250
~0.250
~-0.250
~-0.250
-0.250
-0.250
=0.25%0

21.172
32.093
33.014
33.925
34,858
35.717
29.760
*0.681
31.602
32.522
33,445
34.266
*5.287

36.208 .

27.129
38,051
32.0%3
22,954
31.87%
24,796
35.718
36.6%9
37.%560
38.481
39.402
40.324
34.30%
35.227
26148
37.069
37.990
38.912
29,832
40,754
41,675
42.597

40.270

40.270
40,270
40.270
40.270
40.270
4«0.270
40,270
40.270
40.270

64121
6.121
6.121
6212}
6.121
6,121
€,948
6,968
6.948
6,948
65.948
6948
6,948
[ 9%-11 .1
6,948
6.948
T.7T76
T.776
T.776
T.7T6
T.T76
T.7TT6
T.77¢
T.TT6
T.TT6
T.176
8.602
8.602
8.603
8,602
8.603
8.603
8.603
8,503
8.603
B.602
10.774
10.774
10,774
10.774
10.774
10.774
10.774
10.774
10.774
10.774

~0.250
~0.250
-0.250
~0.250
-0.250
~0.250
~0.250
-0,250
~0.250
~0.250
-0.,250
-0.250
-0.250
~0,250
~0.250
-0.250
-0,250
-0.250
-0.250
~-0.250
-0.250
~0.250
~0.,250
~0.250
~0.250
~0.250
-0.250
-0.250
-0.250
~0.250
-0.250
-0.250
-0,.250
~0,250
~0.250
-0.250
~0.250
-0.250
-0.2%0
-0,250
-0.250
~0.2%0
-0.2%0
-0.250
-0.250
-0.250

29.820
30.741
31.662
32.583
33.504
34,425
28.408
29.329
30.250
31.172
32.093
33.014
33.93%
34.856
35.777
36.699
30.681
31.602
32.523
33,445
34.366
35.287
36.200
37.129
368.051
38.972
22.9%4
23,875
34.79¢
35.718
36.639
37.5¢60
38,481
39.402
40,324
41,245
3%.227
36,148
37.069
37.990
38,912
39,832
40.754
41,675
€2.597
43.518

5.294
5.29%
5.294
54296
5.29%
5.296
6.121
6.121
6.121
6.121
6.121
6.121
6.121
6.121
6.121
6.121
6.948
6,948
6.948
6.948
6.948
6.948
6.948
6.948
6.948
6.948
T.T76
1776
T.776
T.TT6
T.776
T.T76
T.776
T-776
T.776
T.776
8.603
8.603
8.602
8.5603
9,603
8.603
8.603
8.603
8.603
8,603

-0.250
-0.250
~0.250
-0.250
~0.250
-0.250
-0.250
-0.250
-0, 250
-0.250
—0.250
~0.250
-0.250
«~0.250
-0.250
~0.250
-0.250
~0.250
~0.25%0
-0.250
-0.250
-~0.250
=0.250
~0.250
~0.250
-0.250
-0..250
-0.250
-0.250
-0.250
~-0.250
=-0.250
~0.250
-0.250
-0.250
-0.250
~0.250
-0,250
~0.250
=0.250
-0,250
~0,250
-0.250
-0.250
04250
-0.250

32.093
33,014
33.935
34,856
35,777
26.699
20.68]
31.602
32.523
33,445
34,366
35,287
36.208
37.129
38.051
28.972
32.954
33,875
34,796
35,718
36.639
37.560
38.481
39.402
40,224
41.245
35.227
36.148
37,069
37.990
38.912
39.832
40,754
41.675
42.597
43.518
40.270
40.270
40.2T0
40.270
40,270
40.270
40.270
40.270
40,270
40,270

6121
6.121
6.121
6.121
6.121
60121
6. 948
6. 948
6.948
6,948
6.948
6.948
6.948
6948
6. 948
6. 940
T.776
T.776
T.776
T.776
T 176
T.T76
T.T76
T-T76
T TT6
T.776
8,603
8,603
8.603
8.603
8.603
8.603
8.603
8,603
8. 603
8.603
10.774
10.774
10. 774
10.774
10. 774
10.T7s
10.774
10. 774
10.774
10.774

-0.250"
-0.250
-0.250
-0.250
-0.2%0
~0.250
-0.250
-0.250
-0.250
-0.2%0
-0.250
-0.250
-0.250
-0.250
-0.250
-0.250
-0.250
-0.250
-0.250
-0.230
-0.250
-0.250
-0.250
~0.250
-0.250
-0.256
-0.250
-0.250
-0.250
-0.250
-0.250
-0.250
-0.250
-0.250
-0.250
~0.250
-0.250
-0.250
-0.250
-0.250
-0.250
-0.2%0
-0.250
~0.250
-0.250
-0.250

-

.
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PANEL
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WING PANEL CENTROIO AND CONTROL:  POINT COORDINATES

X
c

15.411
164362
17.289
18.210
1e.13
20,052
20.972
21.99¢
22.915%
23.736
17.71¢
18.640
19,562
20.483
21 .406
22,2328
23,2456
26,167
25.083
249.009
10,9¢2
20.913
2Y.924
22.7%6
23.477
264,598
25.519
26.440
27.3¢61
28,282
22.265
23.186
264,107
25,029
25.9%0
244,871
27.792
28.713
29.5%
30,558
264,538
25.459
26.3R0D
27.302
28,222
2%.144
30,065
30. 906
3t.907
22,828
2h.A11
27,772
28,6571
29,574
30,408

Y
C

1.56)
1.569
1.571
1.571
1.57
1.57
1.571
1.571
1.57M
1.571
2.398
2.398
2.398
2.798
24308
2.299
24398
2.308
2.398
2.399
2.226
3.225
3.226
3.22¢
3.226
3.226
3.226
3.224
3.226
2,224
4,083
4.053
4,03
4,053
4.053
4,053
4.0%3
&, 062
4,053
4.053
4.290
6. FA0
4,090
4,.P80
4,020
4,880
4, 8R0
4,030
4.PAQ
4. R8O
5.7Nn7
5.707
S.707
S.707
S.707

14
C

-0.250
~0.250
-0.25%0
-0.25%0
-0.25%0
-0.250
-0.250
-0.250
-0.2%0
-0.2%0
-0.250
-0.250
-0.250
-0.2%0
-0.250
-0.25%0
-0.250
~0.250
~0.250
-0,250
~0.2%0
-0.250
~0.2%0
-0.2%0
~0.250
-0.2%0
-0.2%0
~0.250
~0.250
~0.2%0
~0.259
-0.2%0
-0.250
-0.250
-0.250
-0.250
-0.2%0
-0.250
-0.25%0
~0.2%0
-0.250
-0.250
-0.2%0
~0.250
=0.250
-0.250
-0.250
-0.250
-0.25%9
-0.2%0
-0.2%0
-0.250
-0.250
-0.2%0
-0.2%50

X
ce

15.834
16.778
17.703
18.624
19,545
20. 466
21.387
22.308
23,2209
24.150
13.134
10,055
19.976
20.807
21.818
22.73¢
23.660
24.%81
25,502
26.423
20.407
21,328
22 .2649
23,170
24 ,.N01
25.012
25.933
26.9854
27.776
28,4697
22.480
23.60)
24,522
25,4413
26.164
27.249%
28.206
29,128
10, 049
304970
24,953
25,874
26,795
27.11¢
28,637
2e.558
20.470
31.401
32.322
33,243
27.22¢
28,147
29,069
29.98¢
30.210

A\
cp

1.5¢1
1.569
1.571
1.571
1.571
1.571
1.571
1.571
1.571
1.5
2,399
2.398
2.298
2.398
2.398
2.398
2.398
2.358
2,308
2.399
3.226
3,226
3,226
3.226
3,226
3,.22¢
2,226
3.226
3.226
2,226
4,083
4,052
4,053
4,052
4.053
4,053
4.053
4.053
4,057
4.052
4.880
4,880
4.880
4. 8RO
4.880
4.R80
4.880
4,880
.80
4.880
5.707
5.707
5.707
5,707
5.707

cP

-0.250
-0.250
~0.250
-0.250
-0.250
~0.250
-0.250
~0.?50
-0.250
-0.250
~0.250
-0.250
~0.250
~0.250
=0.250
-0.250
-0,250
-0.250
-0.250
=0.250
=0.250
-0.25%0
~0.250
“0.250
-0.250
=0.250
-0.250
-0.250
~0.250
~0.250
~0.250
-0,250
=0.250
~0.250
-0.250
=0.250
~0.2%0
-0.250
-0.250
-0.250
-0.250
-0.250
~0.250
-0.250
-0.250
~C.250
-0.250
~0,250
=0.250
~0.250
-0.250
-0.?50
-0.250
-0.250
-0.250

AREA

0.780
0.7¢5
0.762
0.T62
0.762
0.762
0.762
0.7¢2
0.762
0.762
0.762
0.7¢2
0.762
0.T62
0.762
0.762
0.762
0.762
0.T762
0.7¢2
0.762
0.7¢2
0.762
0.762
0.762
0.762
0.762
0.7¢2
N.762
0.T62
0.762
2.7¢2
0.762
0,762
0.T¢2
0.762
0.762
0.7€2
0.7¢2
0,762
0.762
0.762
0.762
0.7¢2
0.T€2
0.7€2
0.T62
0.Te2
0.762
0.762
0.T762
0,762
0.762
0.T62
0,762

4
THICK

~0.1310¢
~0.09283
-0.06967
-0.05866
=0.06419
-0.08510
-0.11931
~0.15869
-0.20009
~0. 25001
-0.13105
—0.09283
-0.06966
-0.05866
-0.06418
-0.,08509
-0.1193]
~0.158¢88
- 0. 20009
-0.2500!
-0.13105
~0.09282
=0,06°66
-0.05865%
-0.06418
-0.08509
=-0,1193}
~0.15868
=0.20009
-0.25001
-0.1310%
-0.09282
~0.06965
-0.05865
=0.06417
-0.08508
=0.11930
-0.15868
-0.20008
-0.25001
-0.13104
-0.09282
-0.06965
-0.05864
-0.06417
-0.08508
-0.11930
~0.15868
-0.20008
~0. 25001
~0.13104
~0.02281
=0.06964
~0.05864
~0.06416

ALPHA-
THICK

0.06738
0.03510
0.01624
0.00011
-0.01523
-0.02923
-0.03690
-0.04413
-0.05137
-0.05876
0.06738
0.03510
0.01634
0.00011
-0.01523
-0.02923
-0.03690
-0.04613
-0.05127
-0.05876
0.06738
7.03510
0.01634
0.00011
-0.01523
-0.02923
-0.03690
~0.04412
-0.05137
-0, 0587¢
0.06738
3.03510
0.01634
0.00011
-0.01523
-0.02923
~0.03690
~0.04413
~0.05127
-0.05876
0.06728
0.03510
0.01634
0.00011
-0.01523
-0.02923
~0.03€90
-0.04413
-0.05137
-0.05876
0.06738
0.03510
0.01¢€34
0.060011
-0.01523

4
CAMBER

-0.17193
~0.14713
~0.12461

~0.12665
-0.12404
-0.12792
-0.14048
-0.16352
-0.19806
~0.264¢87
~0.17102
~0.14713
~0.13461
-0.12665
=0.12402
-0.127192
-0s1404¢
-0.16351

-0.19806
-0.24687
-0.17192

~0.14713
=0.13460
~0.12664
~0.12403
~-0.12792
=0.1404¢
-0.16351

-0.19806
~0.24687
-0.17192
-0.14712
-0.13460
<0.12664
-0.12403
-0.12791

~0.14045
~0.1635)
-0.19805
~0.24687
-0.17192
~0.14712
-0.13460
~0.12664
~0.12402
~0.12791
-0.146045
-0.16351

~0.1980%
~0.264687
~0.17192
-0.14712
=0.13459
~0.12662
-0.12402

ALPHA~
CAMBER

0.04620
0.01662
0.01069
0.00483

'-0.,00126

-0.00781
-0.01879
~0.02996
~0.04320
~0.06070
0.04620
0.01662
0.01069
0. 00483
-0.00126
~0.00781
-0,01879
-0.02996
-0.04320
-0.06070
0.04620
0.01662
0.01069
0.00483
~0.00126
-0.00781
~-0.01879
-0.0299¢
~0.04320
-0.06070
0.04620
0.01662
0.01069
0.00483
~0.00126
-0.00781
-0.01879
=0,02996
=0.04320
~0.0¢0T0
0.04620
0.01662
0.01069
0.00483
-0.0012¢
-0.00781
-0.01879
-0.02996
~0.04320
~0.06070
0,04620
0.01662
0,01069
0.00483
=0.0012¢

N

\
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e

56
=7
58
59
€0
el
62
63
(.2
85
66
61
«8
€9
70
71
72
T2,
74
75
76
7
T8
79
(1)
81
82
a3
8
as
8é
a7
an
89
50
o1
92
q'l
o8
95
96
97
98
9a

100

SANEND

Pl oo

31.417
32.338
33.2%°
34.180
35.101
29.0084
30.00%
30,926
31.847
32.769
33.690
34,611
35.522
35.453
37.278
31.357
32.278
33.199
34.120
35,042
35.963
36,884
37.80%
38.726
39.648
33,630
34,551
35.472
36.393
27,318
18226
39.157
40.078
41.000
61.921
36. 6M
ar.21%
a7.829
3R 442
39,057
39,672
40.286
40.900
41.514
42.128

$.707
5.707
S.7T07
5.7T07
5.707
6,525
6.535
6.535
6,535
6.53%
6.525
6.535
6.53%
6.53%
6.535
Te262
T.362
Ta282
T.3562
Te262
T.362
T.362
T.262
T.262
T.262
8.189
8.1%
s.109
8.189
8.1%9
8,179
8.189

8,109

8.189
8.109
9.327
°.327
9.327
9.327
9.327
9.327
9.327
0,227
9.327
9.227

L

L bl

-0.25%0
-0.250
-0.250
~0.250
-0.250
-0.250
-0.250
-0.250
-0.250
-0.250
~0.250
~0.250
-0.250
-0.250
~-0.250
~0.250
-0.250
-0.250
-0.250
-0.250
-0.250
-0.250
-0.250
-0.250
-0.250
-0.250
-0.250
-0.250
-0.250
-0.250
-0.250
-0.250
~0.250
~0,250
-0.250
~0.250
-0.2%0
-0,250
-0,250
-0.250
~0.250
-0.250
-0.250
-04250
-0.250

31,9831
32,752
32,674
346,595
35,516
29.498
30.420
31.341
32.262
33,182
34.104
15,026
35.947
26,868
37.789
31.7711
32.693
33.614
34,535
35.456
26.377
17.299
38,220
39,141
40,062
34,044
34,965
25,087
36.008
37.729
38,650
39,572
40.493
fl. 414
42.335
36.877
3T.491
38.105
38.720
39.334
39,948
40,562
41.176
41,790
£2.405

$.T07
S.707
$.T0T
S.707
5.707
6.535
6.535
6,535
6.535
6,525
6,535
5.533%
6.535
6.535
6,535
T 2
T.362
T.362
Te362
T.362
T.362
Te362
Ta362
T.362
T.362
8.189
¢.189
8.189
8,189
85,189
8.189
a.189
8.189
8.189
s.189
@,327
9.327
9.327
9.327
9.327
9.327
9.327
9.327
9.327
9.327

-0.2%0
-0.250
-0.250
-0.250
-0.250
-0.250
-0.2%0
~0.250
~0.250
-0.250
~0.250
-0.250
«0.250
~0,250
-0.250
-0.250
-0.250
-0.250
-0.250
-0.250
-0.25%0
-0.250
~0.250
-0.250
~0.250
-0.250
-0.250
-0.250
-0.2%0
-0.2%0
-0.250
-0.25%0
-0.250
-0.2%0
-0.250
-0.250
-0.250
-0.250
~0.250
~0,250
-0.250
-0.250
-0.250
-0.250
-0.250

0.762
0.762
0.762
0,762
0.762
0.762
0.762
0.T62
0.762
0.T62
0.762
0.T62
0.T62
0.762
0.762
0.T62
0.T62
0.762
0.762
0.7¢2
0,762
0,762
0.T762
0.Ts2
0.T62
0.762
0,762
0.762
0.T62
0.762
0.762
0.762
0,762
0.762
0.T¢2
1.000
1.000
1.000
1.000
1.000
1.000
1.000
1.000
1.000
1.000

14P

-0.08507
-0.,11930
~0.15868
~0. 20008
- 0. 25001
-0.13104
-0.,09281
-0.06964
-0, 05863
~-0.06416
-0,08507
~0.11929
-0.15867
-0. 20008
-0.25001
-0.13103
-0.09280
-0.06964
-0.05863
~0. 06415
-0,08507
-0.11929
-0.15867
-0, 20008
-0.25001
-0.13103
~0.09280
-0, 06963
-0.05862
~0.,0641%
-0.08506
-0.11929
-0.15867
-0.20008
~0, 25001
-0.17069
-0.14520
-0.12976
-0.12242
~0.12610
-0414004
-0.16286
~0.16911
-0.21672
~0.2%001

-0.02923
-0,03690
-0.06413
~0.05137,
~0.05876
0.06738
0,03510
0.01634
6.00011
-0.01523
-0.02923
-0,03690
-0.04413
~0.05137
-0.05876
0.06738
0.03510
0.01634
0.00011
~0.01523
-0.02923
-0,03490
~0.04413
-0.05137
-0.05876
9.06738
0.03510
0.0163
0. 00011
-0.01523
-0.02923
-0.03690
-0.04413
-0.05137
-0.05876
0.06738
0.03510
0.01€34
0.00011
-0.01523
-0.02923
-0.03690
-0.04413
-0.05137
-0.05876

~0.,12791
-0.14045
~0a16351
-0.19805
-0,26687
-0,17191
-0, 14712
-0 13459
-0.126¢&2
-0.12402
-0.12790
~0.16045
-0.146350
-~0.1980%
-0.24687
-0.17191
-0.14711
~0s13459
-0a12663
~0.12401
-0.12790
-0.14044
~0.16350
-0.19805
~0.24686
-~0.17191
=-0.14711
-0.13458
-0.12662
-0.12401
-0.12790
-0.14064
-0.16350
-0.1980%
~0.24686
-0.19794
-0.18141
-0.,17306
-0.,186775
~0.16601
-0.16860
-0.17696
-0.,192%3
-0.21537
-0.24791

~-0.00781
-0.01879
-0.02996
-0.04320
-0.06070
0.04620
0.01662
0.01069
0.00483
-0.00126
-0,00781
-0.010879
~0.02996
~0.,04320
-0.06070
0.04620
0.01662
0.01069
0.00483
~-0.00126
-0.007681
-0.01879
-0.02996
-0.04320
-0.06070
0.04620
0.01662
0.01069
0.00483
-0.00126
-0.00781
-0.01879
~0.02996
~0.04320
~0.06070
0.04620
0.01662
0.01069
0.00403
-0.00126
~-0.00781
~-0.01879
-0.02996
-0.04320
-0.06070
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AFRODYNAMIC
14 TIME 01.599 052067

SAVF TAPE

TR A0S MIN DRAG CLBAR=,159 JUN 15, 1967

DESCRIPYION OF CASE REQUESTED

SYMMETRICAL CONFIGURATION ~ PANFLS LOCATED ON BOTH SIDES OF X-Z PLANE(SYM = 1.)

CASE = 3, DPTIMIZE WING SHAPE
CPCALC = D, L INEAR CP
PNLAR = O, POLARS NOT REQUESTED
THICK = 1. WING THICKNESS PRESSURES TO BE ADDED
VOUuT = 1. VELOCITY COMPONENTS TO BE PRINTED
MACH NUMAFR = 1.8000
POINT ABOUT WHICH THE MOMENYS ARE TN BE COMPUTED
X~CONRDINATE = 0.0000
I-CONRDINATE = 0.0000
REFERENCE CHORD L ENGTH = 1.0000

WING REFERENCE AREA = 89,3750

WING SEMI-SPAN = 1.00170

GIVEN BCDY 2ADI1T

TR-ROS RNDY CAMBER 6A
HEIGHT OF WING PLANE ABOVE RODY AXIS = -0.2500

INCLINATINN DF ADOY AXIS WITH RESPECTY YO DEFINING AXIS = 0.0000 DEG.
ANGLE OF ATTACK WITH RESPECT TO 800Y AXIS = -0.0000 DEG.

4ING OPTIMIZED FOR CL RAR = 0.1590

GIVEN WING THICKNESS



¥ve

BODY GEOMETRY
X-STAT ION

0.0000
0.T7243
1.4485
2.1728
2.8970
3.6213
4.3456
$.0698
S.T941
6.5104
T. 2426
T %669
8.6911
9.4154
10,1397
10.8639%
11.5882
12.3124
13.0367
13.7610
14.5023
15,2436
15.9849
16.7262
17.467%
18.2088
18.9501
19.6914
20,4327
21.1740
21.9153
22.6566
23.3979
24.1392
24.8805
25.6218
26.3631
27.10644
2T.8457
28.5870
29.3283
30.0696
30.8109
31.5522
32.2935
33.0348
33.7761
34.517¢
35.2587

CAMBER

0.0000
0.0250
0.0430
0.0560
0.0680
0.07%0
0.0890
0.0990
0.1080
0.1165
0.1250
0.1340
0. 1420
0.1480
0.1560
O.t620
0.1670
0.1720
0.1750
0.1780
0.1800
0.1790
C.1779
0.1768
0.1757
0.1746
0.1735
0.1724
0.1713
0.1702
0.1691
0.1680
0.1679
0.1668
0.1657
0.1646
0.1635
0.1624
0.1613
0.1602
0.1591
0.1580
0.1569
0.1558
0.1547
0.1536
0.152%
0.1514
0.1503

RADIUS

0. 0000
0.1304
0.2607
0.3491
0.4343
0.5077
0.5791
0.6433
0. TOST
0.7627
0.8175
0.867%9
0. 9159
0.9602
1.0017
1.0396
1.0740
1.1049
1.1311
1.1542
1.1720
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1. 1840
1.1840
1.1840
1.182%
1.1757
1.1630
1.1452
1.1226
1.0930
1.05a1
1.0252

FIRST
DERIVATIVE

0.1800
0.l1872
0.1512
0.1162
0.1110
0.0987
0.0941
0.0869
0.0826
0.076%9
0.0728
0.0678
0.0638
0.0591
0:0550
0.0498
0.0454
0.0392
0.0342
0.0281
0.0213
0.0073
~0.0019
0.0005
-0.0001
0.0000
-0.0000
0.0000
-0.0000
0.0000
-~0.0000
0.0000
-0.0000
0.0000
-0.0000
0.0000
-0.0000
0.0000
~0.0000
0.0001
-0.0003
~0.0050
~0.0133
~-0.0208
-0.0269
-0.0350
~0.0446
-=0.0475
~0.0398

SECOND
DERIVATIVE

~0.0199
0.0398
=J.1393
0.0372
~0.0461
0.0121
=0.0247
0.0048
~0.0168
0.0013
=-0.0126
-0.0019%
-0.0094
~0.0037
-0.007S
-0.0067
~0.0056
-0.0113
-D.0027
~0.0142
-0.0039
-0.0340
0.0091
~0.0024
0.0007
~0.0002
0.0000
-0.0000
0.0000
-0.0000
0.0000
-0.0000
-0.0000
0.0000
~0.0000
0.0000
~0.0000
0.0000
-0.0001
0.0004
~0.0016
-0.0109
~0.0113
-0.0090
-3.0073
~0.0146
-0.0114
0.0038
0.0170
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VELOCITY COMPONENTS ON BODY DUE TOD BODY LINE SOURCES AND DOUBLETS

AXTAL (U]

THETA(DEG.)
X
0.0000
0.7243
1.4485
2.1728
2.8970
3.6212
4, 3456
5.0698
5.794Y
6. 5184
T.2426
7.9669
8.6911
9.4156
10.1297
10.8639°
11.5882
12.3124
12,0367
13.7610
14.5023
15. 2436
15.9849
16,7262
17. 4675
18.20838
18.9501
19.691 4.
20,4327
21.1740
21.9153
22.6566
23.3979
24.1392
24.8805
25.6218
26.383]
27. 1044
27.8457
28.5%870
29.13283
20.0696
30.8109
31.5%22
32.2935
313,038
33,7761
34,5174
35.2587

RADIAL(VR)

0.0000

-0.07284
-0.07564
<0.0%419
~0.02967
~0.03196
-0.02449
~0.02323
-0.01996
~0.01791
~0.01520
-0.01399
-0.01228
=0.01002
-0.00657
~0.00721
-0.00330
-0.00122
0.00101
0.00416
0.00593
0.0089s
0.01780
0.01979
0.01434
0.01213
0.00978
0.00%14
0.00680
0.00577
0. 00495
0.00431
0.00380
0.00255
0.00326
0.00292
0.00266
0.00242
0.00220
0.00204
0.00180
0.00193
0.00463
0.00907
0.01222
0.01385
0.01649
0.01944
0.01724
0.00899

22.5000

-0.07207
-0.0T487T
-0.05374
-0.02951
~0.03175
-0.02432
-0.02309
-0.01980
-0.01780
-0.01511
-0.01389
-0.01214
-0,00995
-0.00661
-0.00710
~0.00332
-0.00127
0.00098
0.00402
0.00584
0.00882
0.01753
0.019548
0.01420
0.01203
0.00973
0.00811
0.00679
0.00577
0.00496
0.00432
0.00331
0.00263
0.00326
0.00292
0.00266
0.N0242
0.00220
0.00204
0.00180
0.00193
0.00463
0.00907
0.01222
0.01385
0.01650
0.01944
0.0172%
0.00900

45.0000

=0.06985
~0.07265
-0.05248
~0.02903
<0.03116
-0.02385
~0.02270
-0.01936
~0.01751
~0.0148%
-0.01358
-0.01173
-0.00974
-0.0067T3
-0.00676
-0.00337
~0.00143
0.00090
0.00363
0.00558
0.00845
0.01674
0.01899
0.01379
0.01177
0.00957
0,00804
0.00677
0.00579
0.00500
0.N0437
0.00386
0.00286
0.00325
0.00291
0.00265
0.00241
0.00220
0.00204
0.00180
0.00193
0.00463
0.00907
0.01223
0.01386
0.016%2
0.01947
0.01728
0.00904

67.5000

-0.06654
-0.06934
-0.05059
-0.02832
-0.03028
~0.02314
~0.02211
-0.01869
-0.01706
-0.01448
-0.01313
-0.01113
-0.00943
~0.00691
~0.00627
=0.00345
~0.00167
0.00077
0.00305
0.00518
0.007%0
0.01556
0.01811
0.01317
0.01137
00092
0.00793
0.00675
0.00582
0.00506
0.00444
0.00393
0.00319
0.00324
0.00291
0.00265
0.00241
0.00220
0.00203
0.00180
0.00193
0.00464
0.00%08
0.01224
0.01383
0.01655
0.01951
0.01732
0.0090%

90.0000

—0.06263
=0.06543
-0.04836
-0.02749
-0.02925
—-0.02230
~0.02142
-0.01790
-0.01653
-0.01400
~0.01260
-0.01042
-0.00906
-0.00T12
~0.00568
-0.00355
~0.00196
0.00063
0.00236
0.00472
0.00726
0.01417
0.01707
0.01244
0.01091
0.00907
0.00780
0.00672
0.0058%
0.00512
0.00452
0.00402
0.00359
0.00322
0.00291
0.00264
0.00240
0.00219
0.00203
0.00180
0.00194
0.00464
0.00909
0.01226
0.01390
0.01658
0.01955
0.01738
0.00915

112.5000

-0.05473
-J3.26153
~0.04613
=2.02665
-0.02821
~0.02147
-0.02073
-0.01711
-0.01601
-0.01354
~-0.01207
-0.00970
-0.00869
<0.00732
-0.00509
~0.00364
-0.00224
0.00048
0.00168
0.00426
0.00661
0.01278
0.01603
0.01172
0.01044
0.00880
0.00768
0.00669
0.00588

- 0.00519

0.00462
0.00410
0.00398
0.00321
0.00291
0.00263
0.00240
0.00219
0.00203
0.00180
0.00194
0.00464
0.00909
0.01227
0.01393
0.01661
0.01959
0.01743
0.00921

135.0000

—0.05541
-0.05822
-0.04424
-0.0259¢
-0.02723
-0.02076
=-0.02014
-0.01644
~0.01556
-0.01315
-0.01161
=0.00910
~0.00838
-0.00750
-0.00460
-0.00372
~0.00248
0.000135
0.00109
0.00386
0.00606
0.01160
0.0151%
0.01110
0.0100%
0.00857
0.00757
0.00666
0.00590
0.00524
0.00467
0.00417
0.00432
0.00320
3.002%0
0.00262
0.00239
0.00219
0.00203
0.00180
0.00194
0.00464
0.00910
0.01228
0.01395
0.01664
0.01963
0.01748
0.00926

157.5000

-0.05320
-0.05600
~0.04297
-0.02547
-0.02674
-0.02029
-0.01975
-0.01600
-0.01527
~0.01290
-0.01131
~-0.00870
-0.00817
~0.00762
-0.00426
-0.00378
-0.00264
0.00027
0.00071
0.00360
0.00%69
0.0108}
0.01456
0.01069
0.00978
0.00842
0.00750
0.00664
0.00592
0.00528
0.00472
0.00422
0.00454
0.00319
0.00290
0.00262
0.00239
0.00218
0.00203
0.00180
0.00194
0.00465S
0.00911
0.01229
0.01396
0.01666
0.01965
0.01751
0.00929

180.0000

' =0.05242

-0.05522
-0.04253
-0.02530
~0.02654
-0.02012
~0.01961
-0.01584
-0.01516
-0.01280
-0.01121
-0.00855
~0.00810
-0.00766
-0.00415
-0.00379
-0.00269
0.00024
0.00057
0.00351
0.00557
0.01053
0.01435
0.01054
0.00969
0.00837
0.00747
0.00664
0.00593
0.00529
0.00473
0.00424
0.00462
0.00318
0.00290
0.00261
0.00239
0.00218
0.00203
0.00180
0.00194
0.00465
0.00911
0.01229
0.01396
0.01666
0.01966
0.01752
0.00931



9%¢

THETA(DEG.)
X
0.0000
0.7243
1. 4485
2.1728
2,8970
3.6213
43456
5.06%98
5. 7941
6.5184
T.2426
T.9669
8,6911
9.4154
10.1397
10.8639
11.5882
12.3124
13,0367
13.7610
14. 5023
15.2436
15.9849
16.7262
17.4675
18,2088
18.9%01
19.6914
20, 4727
21.1740
21.9153
22.6566
23.3979
24,1392
24. KR0S
25.6218
26,3631
27. 1044
2T .A&S5T
28.5R70
29,3283
30.04696
30,8109
31,5522
32,2935
33,0348
33.7761}
M. 5174
35.2%87

TANGENTIAL(VT)

THETA(DEG.)
X
0.0000
0.7243

0.0000

0.20133
0.20756
0.16784
0.12875
0.12399
0.11143
0.10573
0.09900
0.09353
0.08751
0.08356
0.07935
0.0T423
0.06697
0.06565%
0.0579¢6
0.05221
0.04619
0.03848
0.03238
0.02422
0.00605
~0.00347
-0.00095
~0.00163
~0.0014%
-0.00149
~0.00148
-0.00148
-0.00148
~0.001468
-0.00148
~-0.00013
~0.00148
~0.00] 48
-0.00148
~0.00149
-0.N0148
-0.00151
-0.00139
-0.00182
~0.00648
~0.N14R8
~0.0225%9
-0.02872
~0.03704
~0.04698
~0.04975
-0.04159

0.0000

9.00000
0. 00000

22. 5000

0.19885
0.20508
0. 16601
0.12740
0.12275
0.11029
0. 10469
0.09797
0.09259
0.08663
0.08268
0.07841
0.07339
0.06634
0.06482
0.05733
0.05168
0.04566
0.03816
0.03206
0.02401
0.00615
-0.00336
-0.00084
-0.00151
-0.00133
-H.00138
-0.00137
-0.00137
-0.00137
-0.00137
-0.00137
-0.00012
~0.00137
-0.00137
-0.00137
-0.00137
-0.00136
-0.00140
-0.00128
-0.00171
~0.00637
-0.01677
~0,02247
~-0.02861
-0.03693
-0.04687
-0.04964
~0.06148

22. 5000

0.00923
0.00923

45.0000

0.19178
0.15801
0.16082
0.12357
0.11922
0.10704
0.10173
0.09501
0.08992
0.08410
0.08016
0.07575
0.07101
0.0645%3
0.06244
0.05553
0.05018
0.046416
0.03725
0.03116
0.02342
0.00644
-0.00304
-0.00052
-0.00119
-0.00101
-0.00106
-0.00105
-0.00105
~0.00105
-0.00105
-0.0010%
-0.00010
-0.00105
~-0.00105
-0.00105%
-0.00105
-0.00104
-0.00107
~-0.00098
~D.00139
-0.00605
~0.01445
-0.02215
~0.02829
-0.03661
~D.0465%
-0.04932
-0.04116

45.0000

0.01705
0.0170%

67.5000

0.18120
0.18743
0.15304
0.11783
0.11394
0.10219
0.09731
0.09059
0.08593
0.08032
0.07638
0.07176
0.06T45
0.06183
0.05889
0.05284
0.04793
0.04192
0.03588
0.02980
0.02253
0.00687
-0.00255
~0.00004
-0.0007
-0.00053
-0.00058
-0.00057
-0.00057
-0.00057
-0.0Q057
-0.00057
-0.00005
-0.00057
-0.00057
-0.00057
-0.00057
~0.00056
-0.00059
~0.00048
-0.00091
-0.00557
-0.01396
-0.02167
~-0.02781
-0.03613
-0.04607
~0.048084
-0.04064

67.5000

0.02228
0.02228

[T

90.0000

0.16873
0.17496
0.14387
0.11105
0.10772
0.09646
0.09209
0.08538
0.08122
0.07587
0.07193
0.0670%
0.06326
0.05865
0.05469
0.04966
0.04527
0.03927
0.03427
0.02820
0.02149
0.00T38
-0.00198%
0.00053
-0.00014
0.00004
-0.00001
0.00000
~0.00000
0.00000
~-0.00000
-0.00000
~-0.00000
-0.00000
-0.00000
0.00000
-0.00000
0.00001
-0.00002
0.0000%
-0.00034%
-0.00500
-0.01340
-0.02119
~0.02724
-0.03556
-0.04550
~0.064828
~0.04012

30,0000

0.02412
0.02412

112.5000

0.15625
0.16248
0.13469
0.10428
0.10149
0.09073
0.08687
0.08016
0.07651
0.0T141
0.06748
0.06234
0.05904
0.05547
0.05050
0.04649
0.04262
0.03662
0.03266
0.02660
0.02044
0.00788
-0.00141
0.00110
0.00043
0.00061
0.00056
0.00057
0.00057
0.00057
0.00057
0.00057
0.00005
0.00057
0.00057
0.00057
0.00057
0.00057
0.00054
0.30066
0.00023
-0.00443
-0.01283
-0.02053
-0.02667
-0.03499
-0.04493
~0.04771
-0.03955

112.5000

0.02228
0.02228

135.0000

0.14567
0.15190
0.12692
0.09854
0.09421
0.08587
0.08245
0.0757¢
0.07251
0.056T763
0.06370
0.05835
0.05648
0.05277
0.04694
0.04380
0.04037
0.03438
0.03130
0.02525
0.01955
0.00831
-0.00093
0.00158
0.00091
0.00109
0.00104
0.00105
0.00105
0.00105
0.00105
0.00105
0.00010
0.00105
0.0010%
0.00105
0.00105
0.00106
0.00102
0.00114
0.00071
-0.00395
-0.01235
-0.02005
~0.02619
-0.03451
-0.04445
-0.04723
-0.03907

135.0000

0.01705
0.01705

157.5000

0.13860
0.14483
0.12172
0.09470
0.09269
0.08262
0.07949
0.07278
0.06984
0.06511
0.06118
0.05569
0.05309
0.05097
0.04456
0.04200
0.03886
0.03288
0.03039
0.02434
0.01896
0.00860

~0.00061
0.00190
0.00123
0.00141
0.0013%6
0.00137
0.00137
0.00137
0.00137
0.00137
0.00012
0.00137
0.00137
0.00137
0.00137
0.00118
0.00135
0.00146
0.00103

~-0.00363

-0.01203

-0.01973

-0.02587

-0.03419

-0.04413

-0.04691

-0.0387%

157.5000

0.00923
0.00923

180.0000

0.13612
0.14235
0.11989
0.0933%
0.09145
0.08148
‘0.07845
0.07175
0.06891
0.06422
0.06030
0.05475
0.05226
0.05034
0.04373
0.04137
0.03834
0.0323S
0.03007
0.02403
0.01875
0.00870
-0.00049
0.00201
0.00134
0.00152
0.00147
0.001 49
0.00148
0.00148
0.00148
0.00148
0.00013
0.00148
0.00148
0.00148
0.00148
0.00149
0.00146
0.00157
0.00114
-0.00351
-0.01191
-0.01962
-~0.02576
-0.03400
~0.04402
~0.04680
-0.03864

180.0000

0.00000
0.00000



1.4485

2.1728

2.8970

3.6213

4, 3456

55,0698

5.7941

6.5184

T.2426

T.9669

8.6911

9. 4154
10,1397
10.8639
11.5%R82
12.3124
13.0367
13,7610
‘164.5%023
15.2436
15.9849
16.7262
17.4675
18, 208R
18.92501
19.6914
20. 4327
21.1740
21,9153
22,6566
23.3979
24.1392
24, RR05
25.6218
26.3431
2T.1044
2T .R457
28.58T0
?29.3283
30.0696
AN, R109
31.5522
32.2938
33,0348
33.7761
A.51T4
35.2%587

Lye

0.00000
0.00000
0.00000
0.00000
0.00000
0.00000
0.00000
0.00000
0.00000
0. 00000
0.00000
0.00000
0.00000
0. 00000
0.00000
0.00000
0. 00000
0.00000
0.00000
0.00000
0.00000
~0.00000
-0.00000
-0.00000
-0.00000
~0.00000
=-0.00000
-0.00000
-Q.00000
~0.00000
-0.00000
-0.n0000
-0.00000
-0.00000
~-0.00000
-0.00000
-0.00000
-0.00000
=-0.00000
-0.00000
~-0.00000
-0. 00000
-0.0n0000
-0.00000
-0.00000
-0.00000
~0.00000

0.0079)3
0.00698
0.00571
0.00547
0.00504
0.00484
0.00468
0.00443
0.00427
0.00427
0.00428
0.00397
0.00370
0.00373
0.00331
0.00301
0.00266
0.00216
0.00180
0.00116
0.00032
-0.00020
-0.00059
-0.00081
-0.00093
-0.00098
-0.00098
-0.00095%
-0.00090
-0,00085
-0.00072
-0.00054
-0,00060
-0.00058
-0.00059
-0.00059
-0.00060
-0.00060
-0.00060
-0.00060
-0.00060
-0.00061
-0.00061
-0.00062
-0.00062
-0.00063
-0.00063

0.01464
0.01291
0.01055
0.01011
0.00930
0.00894
0.00865
0.00818
0.00788
0.00788
0.00790
0.00734
0.00683
0.00689
0.00612
0. 00558
0.00492
0.00398
0.00333
0.00214
0.00059
-0.00038
-0.00108
-0.00150
-0.00173
-0.00181
-0.00181
-0.0M75
-0.00166
-0.00157
-0.00133
~0.00100
-0.00110
-0.00108
-0.00110
-0.00110
-0.00110
-0.00110
-0.00110
-0.00110
-0.00111
-0.00112
-0.00113
~0.00114
-0.00115%
-0.00116
-0.00116

0.0Y913
0.016856
0.01378
0.01321
0.01216
0.01167
0.01130
0.01068
0.01030
0.01030
0.01032
0.00959
0.00892
0.00900
0.00800
0.00727
0.00643
0.00%20
0.00434
0.00280
0.0007T
~0.00049
-0.00142
-0.00196
-0.00225
-0.00237
-0.00236
-0.00229
-0.00217
~-0.00205
-0.00173
-0.00131
—0.00144
~0.00149
~0.00143
~0.00143
—0.00] 44
-0.00144
—0.001 44
—0.00144
-0.00145
-0.00146
—0.00148
—0.00149
-0,00151
-0,0015%2
-0.00151

0.02071
0.01825
0.01492
0.01430
0.0131s
0.01264
0.01223
0.01156
0.01115
0.01115
0.01117
0.01039
0.00966
0.00974
0.00865
0.00786
0.00696
0.00563
0.00470
0.00303
0.00083
~-0.03053
-0.00153
-0.00212
~0.00244
-0.00256
-0.00258
~0.00247
-0.00235
~-0.00221
-0.0018%
-0.001462
-0.00156
-0.00152
-0.00155
-0.0015%
-0.0015%6
~0.00156
-0.00156
-0.0N156
-0.00157
-0.00158
-0.00160
-0.00161
~0.00163
-0.00164
~0.00163

0.01913
0.01686
0.01378
0.01321
0.01216
0.01167
0.01130
0.01068
0.01030
0.01030
0.01032
0.00959
0.00892
0.00900
0.00800,
0.00727
0.00643
0.00520
0.00434
0.00280
0.00077
-0.00049
-0.00142
-0.0019s
-0.00225
-0.00237
-0.00236
-0.00229
-0.00217
-0.00205
-0.00173
-0.00131
-0.00144
~0.00140
-0.00143
-0.00143
-0.00144
-3.20144
~0.00144
~0.00144
-0.00145
-0.00168
~0.00148
-0.00149
-0.00151
-0.00152
-0.00151

0.01464
0.01291
0.01055
0.01011
0.00930
0.008946
0.00865
0.00818
0.00788
0.00788
0.00790
0.00734
0.00683
0.00689
0.00612
0.00556
0.00492
0.00398
0.00333
0.00214
0.00059
-0.00038
-0.00108
-0.00150
-0.00173
-0.00181
-0.00181}
-0.00175
-0.00166
-0.00157
~0.00133
-0.00100
-0.00110
-0.00108
-0.00110
-0.00110
~0.00110
-0.00110
-0.00110
-0.00110
-0.00111
-0.00112
-7.00113
~0.00114
~0.00115
-0.00116
~0.00116

0.00793
0.00698
0.005T1
0.00547
0.00504
0.00484
0.00468
0.00441
0.00427
0.00427
0.00428
0.00397
0.00370
0.00373
0.00231
0.00301
0.00266
0.00216
0.00180
0.00116
0.00032
-0.00020
~0.00059
~0.00081
-0.00093
-0.00098
-0.00098
-0.00095
-0.00090
-0.00085%
~0.00072
~0.00054
-0.00060
-0.00058
-0.00059
-0.00059
-0.00060
~0.00060
~0.00060
-0.00060
—0.00060
-0.00061
-0.00061
-0.00062
-0.00062
-0.00063
~0.00063

0.00000
0.00000
0.00000
0.00000
0.00000
0.00000
0.00000
0.00000
0.00000
0.00000
0,00000
0.09000
0.00000
0.00000
0.00000
0.00000
0.00000
0.00000
0.00000
0.00000
0.00000
-0.00000
-0.00000
-0.00000
=0.00000
-0.00000
-0.00000
-0.00000
~0.00000
~0.00000
-0.00000
-0.00000
-0.00000
-0.00000
-0.00000
-0.00000
~0.00000
-0.00000
=0.00000
-0.00000
-0.00000
-0.00000
-0.00000
-0.00000
-0.00000
-0.00000
=0.00000
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VELOCITY COMPONENTS
AXTALEUY
SPANWISE STATION

CHORDMISE STATION

1

TRANSVERSE(V)
SPANWISE STATION

CHORDWISE STATION

VERTICALIW)
SPANW ISE STATION

CHOROWISE STATION

QR APTD P WV

o

DOWNT AP W

DOBNC VL AN~

DN WING PANELS DUE TO BODY PANEL PRESSURE SINGULARITIES

-0.00335
0.00075
0.00655
0.01005
0.00920
0.006T1
0.00491
0.00078
0.00064

~0.00430

0.00765

0.00278
-0.00810
~0.01660
-0.02048
-0.02172
=0.02346
-0.02108
«0.02309
-0.01680

0.012R5
0.03277
0.05562
0.08236
0.1067S
0.13428
0.15858
0.18105
0.20039
0.21165

-0.00025
0.00627
0.00760
0.00618
0.00307
0.00192

-0.00055

-0.00036

~0.00340

~0.00297

0.00141
-0.0092%
~0.01258
-0.01234
-0.00938
~0.00904
-0.00626
~0.00699
~0.00219
-0.00211

0.00765
0.01306
0.01792
0.02278
0.02908
0.N34652
0.03993
0.04502
0.04783
0.05183

0.00402
0.00114
0.00934
0.00139
0.00061
~0.,00100
~0.00078
~0.00299
~0.00012
0.00002

-0.00590
-0.00251
-0.01572
~0.00461
- 0. 00404
-0.00189
~0.00233
0.00130
~0.00256
-0.00217

0.00640
0.00817
0.01105
0.01382
0.01642
0.01928
0.02184
0.02331
0.02570
0.02698

0.00294
0.00135
0.00023
~0.00051
~0.00031
-0.00050
~0.00168
-0.00138
~0.00246
0.00048

-0.00498
-0.00316
-0.00192
-0.00113
-0.00151
-0.00123

0.00082

0.00063

0.00269
-0.00136

0.00514
0.00668
0.00852
0.01025
0.01216
0.01376
0.01471
0.01618
0.01699
0.01822

0.00184
-0.00008
-0.00105
~0.00164
-0.00402
-0.00153
~0.00133
-0.00214%
-0.00011
~0.00067

~0.00358
~0.00099
0.00030
0.00116
0.00475
0.00125
0.00114
0.00270
-0.00013
0.00079

0.00481
0.70602
0.00725
0.00862
0.00967
0.01040
0.01144
0.01206
0.012481
0.01282

0.00049
-0.00070
-0.00085
-0.00285
-0.00140
-0.00456
-0.00184
-0.00028
-0.00054

0.000%4

~0.00155
0.00013
0.00037
0.00342
0.00142
0.00629
0.00249
0.00028
0.00074
-0.00148

5

0.00455
0.00550
0.00648
0.00T712
0.00789
0.00851
0.00916
0.00967
0.00963
0.00991

-0.00049
~0.00036
-0.00198
-0.00140
-0.00321
-0.00163
-0.00036
-0.00048

0.00068

0.00023

0.0000%
-0.00013
0.00236
0.00162
0.00646
0.00229
0.00049
0.00071
-0.00103
-0.00037

0.00641
0.00519
0.00568
0.00629
0.0067)
0.00727
0.00765
0.00756
0.00775
0.00791

-0.00018
-0.00165
~0.00128
-0.00276
-0.00146
~0.00003
-0.00045

0.00042

0.00025

0.00003

~0.00024
0.0020
0.0015
0.00392
0.00212
0.00003
0.00069
-0.00062
-0.00038
-0.00007

0.00428
0.00466
0.00520
0.00552
0.00596
0.00622
0.00613
0.00629
0.00641
0.00627

-0.00179
-0.00127
-0.00270
~0.00132
~0.00014
-0.00054
0.00047
0.00026
0.00003
0.00002

0.00233
0.00165
0.00390
0.00196
0.00021
0.00084
~0.00069
-0.00039
-0, 00005
~0.00004

0.00394
0.00441
0.00465
0.00506
0.00516
0.00511
0.00527
0.00532
0.00518
0.00514

10

~0.00120
~0.00251
-0.00136
-0.00104
-0.0000%
~0.00036
0.00026
0.00047
0.00012
0.00014

10

0.00162
0.00365
0.00199
0.00158
0. 00008
0.00058
~0.00034
~0.00068
~0.00016
-0.00020

10

0.00362
0.00372
0.00394
0.00412
0.00417
0.00411
0.00421
0.00421
0.00422
0.00426
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VELOCITY COMPONENTS ON WING PANELS DUE TO 'BODY LINE SOURCES AND DOUSLETS

AXTAL(U)
SPANWISE STATION

CHORDMWISE STATION

OB N>R P NN

10
TRANSYERSEIV)
SPANWISF STATION

CHORDWISE STATION
1

OBNO NP N

10
VERTICAL (W)
SPANWISE STATION

CHORDWISE STAYION

QO W~NT AL N~

—

0.01165 0.01114 0.00675
0.01412 0.00779 0.00572
0.00948 0.00684 0.00492
0.00854 0.00575 0.00417
0.00696 0.00485 0.00362
0.00585 0.00418 0.001315
0.00501 0.00362 0.00277
0.00420 0.00317 0.00248
0.00373 0.00284 0.00217
0.00338 0.00244 0.00195

0.00726 -0.00376 -0.00212
-0.00005 -0.00035 -0.00143
0.00407 -0.00019 -0.00091
0.00344 0.00048 -0.00034
0.00428 0.00103 0.00004
0.00474 0.00140 0.00037
0.00506 0.00173 0.00063
0.00539 0.00200 0.00081
0.00568 0.00214 a.00107
0.00573 0.00248 0.00122

-0.00268 0.00073 0.0007}
0.00009 0.00075 0.00073
0.00020 0.00090 0.00068
0.00087 0.00087 0.00059
0.00094 0.000TT 0.00050
0.00088 0.00066 0.00041}
0.0007S 0.00054 0.00033
0.00058 0.000463 0.00017
0.000461 0.00021 0.00018
0.00008 0.0001 4 0.00014

0.00497
0.00432
0.00368
0.00320
0.00280
0.00248
0.00221
0.00198
0.00176
0.00160

-0.00201
~0.00153
-0.00097
-0.000%59
-0.00027
-0.00003
0.00018
0.00039
0.00054
0.00067

0.00058
0.03054
0.00047
0.00039
0.00032
0.00026
0.00014
0.00014
0.00012
0.00012

0.00346
0.00330
0.00288
0.00253
0.0022%
0.00200
0.00179
0.00161
0.00146
0.00134

-0.00182
~0.00130
~0.00092
~0.000862
=0.00039
-0.00018
0.00001
0.00015
0.00028
0.00038

0.00044
0.00037
0.00031
0.00025%
0.00021
0.00012
0.00012
0.00011
0.00010
0.00010

0.00300
0.00262
0.00231
0.00206
0.00183
0.00164
0.00149
0.00135
0.00124
0.001112

~0.00148
~0.00111
-0.00083
~0.00060
-0.00038
-0.00022
-0.00008

0.00003

0.00013

0.00026

0.00031
0.20026
0.00021
0.00017
0.00010
0.00010
0.00009
0.00009
0.90008
0.00007

0.00241
0.00213
0.00190
0.00169
0.00152
0.00138
0.00126
0.00116
0.00105
0.00166

~0.00122
-0.00095
=0.00072
~0.00052
-0.00037
~0.00024
-0.00012
~0.00004

0.00007
~0.00091

0.00021
0.00018
0.00014
0.00009
0.00009
0.00008
0.00008
0.00007
0.00007
0.00010

0.00197
0.00177
0.00157
0.00142
0.00129
0.00118
¢.00108
0.00101
0.00178
0.00396

-0.00t02
-0.00082
=0.00061
~0.00047
~0.00034
-0.00023
~0.00015
-0.00008
~0.00129
~0.006T1

0.00015
0.00011
0.00008
6.00008
0.00007
0.00007
0.00006
0.00006
0.00010
0.00021

0.00165
0.00147
0.00133
0.00121
0.00111
0.00102
0.00097
0.00190
0.00602
0.00540

-0.00087
-0.00067
-0.00053
~0.00041
~0.00031
-0.00022
=0.00019
-0.00165
~0.00497
-0.00728

0.00009
0.00007
0.00007
0.00006
0.00006
0.00006
0.00005
0.00010
0.00020
0.00026

10

0.00139
0.0012s8
0.00t18
0.00111
0.00105%
0.04Q100
0.00093
0.00090
0.00117
0.00219

10

-0.00071
~0.00063
~0.00054
~0.00047
~0.00040
-0.0003%
-0.00028
-0.00026
~0.00069
-0.00221

10

0.00008
0. 00006
0.00006
0.00005
0.00005%
0.0000%
0.00005%
0.0000%
0. 00006
0.00010
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VELOCITY COMPONENTS ON WING PANELS DUE TO WING PANEL PRESSURE SINGULARITIES
AXTALCU
SPANWISE STATION 1 2 3 L] b ] 7 8 9 10

CHOROMWISE STATION

1 0.04017 0.03533 0.02755 0.02639 0.02385 0.02389 0.02417 0.02442 0.01049 0.05446
? 0.05735% 0.04R72 0.0399% 0.03727 0.03711 0.03742 0.03792 0.03300 0.02205 0.08825
2 0.06279 0.05348 0.04706 0.04572 0.04619 0.04676 0.064728 0.04787 0.03257 0.09565
& 0.06200 0.05626 0.05158 0.05171 0.05275 0.0%333 0.05419 0.05361 0.03709 0.04971
s 0.05819 0.05351 0.05431 0.05592 0.05715 0.05776 0.05830 0.05280 0.04181 0.0467S
[ 0.05314 0.05187 0.05578 0.05821 0.05937 0.05970 0.05742 0.04854 0.064691 0.04245
7 0. 04690 0.04938 0.05556 0.05817 0.05905 0.05721 0.05260 0.04518 0.05031 0.0370)3
8 0.03916 0.04664 0.0527% 0.05519 0.05422 0.05069 0.04812 0.04168 0.05176 0.03151
9 0.03n24 0.03996 0.04609 0.04690 0.044136 0.04124 0.03727 0.03646 0.04844 0.0264S
10 0.01814 0.02773 0.0316l 0.03096 0.02880 0.02706 0.02408 0.02533 0.03748 0.02841
TRANSVFRSE(V)
SPANMISF STATION 1 2 3 4 5 3 7 ] 9 10

CHORDWISE STATION

-0.11036 -0.09707 -0.07569 -0.06702 =0.06552 -0.06564 -0.06642 -0.06710 -0.02881 -0.14961
~0.15755 -0.13386 -0.10976 -0.10239 -0.10194 -0.10281 -0.10419 -0.10440 -0.06059 -0.22812
20.17251 ~0.,14692 -0.12929 =-0.12561 -0.12689 ~0.12847 -0.12989 -0.13151 -0.08948 ~0.246217
~0.17033 =-0.14908 -0.14170 ~-0.14207 -0.16492 -0.l4652 ~0.14887 -0.16729 -0.10191 -0. 17444
—0.15987 -0.14701 =-0.14922 -0.15362 -0.15701 -0.15870 -0.16017 -0.14507 -0.11488 -0.17133
“0.14600 —-0.14278 =-0.15325 =-0.15992 -0.16311 ~0.16401 =-0.15776 -0.13336 -0.12889 -0.16864
—0.12985 ~0.13705 =0.15263 -0.15982 =0.16224 <-0.15T17 -0.14451 -0.12414 -0.13823 -0.16755
~0.10759 -0.12814 -0.14493 -0.15162 -0.14897 =-0.13925 -0.12672 -0.11452 -0.14221 ~0.16878
~0.0R306 =-0.10979 <-0.12663 -0.12886 -0.12187 ~-0.11330 =-0.10239 ~-0.10017 -0.13308 ~0.17335
~0.04993 ~0.07617 -0.08685 -0.08505 -0.07913 -0.07435 -0.06615 -0.06958 -0.10298 -0.16910

062
QOB NP NP NN

VERTICAL (W)
SPANWISE STATICN 1 2 3 L3 5 6 T 8 9 10

CHORIWISE STATION

1 ~0.04622 0.02481 0.05401 0.06246 0.06717 0.27296 0.07892 0.08441 0.11032 0.09366
~0.14086 =-0.02190 0.02533 0.03784 0.04412 0.05102 0.05727 0.06422 0.11525 =-0.00227
-0.22362 -0.06122 -0.00293 0.01271 0.02022 0.32803 0.03496 0.0352¢6 0.11436 -0.05927
«0.29209 -0.09424 ~0.03138 -0.01299 -0.004%4 0.00429 0.00946 ~0.00131 0.13023 ~-0.05149
~0.34751 -0,12311 -0.05935 -0.03964 =-0.03020 -0.02173 -0.02094 -0.03150 0.14428 -0.05910
~0.39268 -0.14914 =0.087T74 =-0.06727 -0.05767 -0.05192 -0.04923 <-0.05277 0.13260 -0.063T1
-0.42810 -0.17448 =0.11675 -0.09640 =0.08909 -0.081l1 -0.07405 -0.07277 0.10632 -0.06494
~0.45159 -0.20099 -~0.14695 -0.12937 -0.12065 =-0.10758 -0.10053 -0.09194 0.06586 -0.06525
~0.44501 =0.22607 -0.18086 =-0.16365 =-0.15046 -0.13502 -0.12841 -0.11428 0.01497 -0.06356
-0.66532 -0.25322 -0.21626 =~0,19679 -0.18048 -0.16686 =-02.15637 -0.13984 -0.05739 -~0.07525

DOXB® NI NE M

-
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VELOCITY COMPONENTS ON WING PANELS DUE TO WING SOURCES

AX 1AL tU)
SPANWISE STATION 1

CHORDWISE STATION
-0.01440
~0.0005%
0.00248
0.00111
0.00358
0.006R3
0.00794
0.00875
0.01198
0.00776

20 DNT AL NN~

-

TRANSVFRSE(V}
SPANMISE STATION 1

CHORDW ISF STATION
-0.009%0
~0.03844
~0.03705
-0.02826
-0.02383
~0.01972
~0.01147
~0.00613
-0.0022%
0.01124

DO BN NP W~

-

VERTICAL(W)
SPANWISE STATION 1

CHMORDWISE STATION

0.12128
0.05126
0.02572
0.0NR23
-0.00756
-0.02223
-0.03307
-0.04051
~0.0&775
-0.05507

DO D ~NTRAE AN

-

-0.00890
0.00571
0.00%25%
0.00890
0.01288
0.01516
0.01569
0.01734
0.01277

-0.00238

-N.0016S
-0.03647
~0.03405
-0.03662
-0.03892
-N.03T41
-0.03144
-0.02862
-0.01687

0.01859

0.12101
0.05124
0.02572
0.00823
-0.00756
-0.02223
-0.03307
-0.04051
~0.04775
-0.05507

-0.00478
0.00660
0.01117
0.01577
0.01916
0.02120
0.02170
0.01654
0.00819

-0.00373

-0.00346
~0.03468
-0.04107
~0.04681
-0.04981
-0.04929
~0.06452
-0.0323%
-0.01301

0.01863

0.12101
0.05124
0.02572
0.00823
-0.00756
-0.02223
~-0.03307
-0.04051
~0.06TT5
-0.05507

-0.00453
0.01170
0.01686
0.02102
0.02431
0.02638
0.02003
0.01377
0.00736

-0.00400

-0.00193
-0.04112
-0.04940
-0.05540
-0.05%06
-0.05935
~0.08472
-0.02989
-0.01300

0.01804

0.12101
0.05124
0.02572
0.00823%
-0.00756
-0.02223
-0.03307
~0.04051
-0.06T75
-0.05507

0.00006
0.01665
0.02145
0.02559
0.0289%
0.02410
0.01817
0.01324
0.00726
-0.00576

~0.00797
~0.048135
-0.05674
-0.06325
-0.06754
~0.05767
-0.0430)
-0.02994
-0.01356

0.02012

0.12101
0.051 24
0.02572
0.00823
-0.00756
-0.02223
-0.03307
-0.04051
-0.04775
-0.05507

0.00447
0.02079
9.02562
0.02983
0.02619
0.02278
0.01782
0.01324
0.00553
-0.00654

-0.01444
-0.05488
-0.06370
-0.07074
-0.06463
-0.05648
-0.04314
—0.03049
~0.01139

0.02100

0.12101
0.05124
0.02572
0.00823
-0.00756
-0.02223
-0.03307
~0.04051
-0.0477S
-0.05507

0.00827
0.02464
0.02955
0.02670
0.02523
0.02257
Q.01753
0.01153
%.00486
-0.00698

-0.02038
-0.06121
-0.07048
-0.06693
-0.06377
-0.05663
-~0.04314
-0.0282%
-0.01062

0.02147

0.12101
0.05124
0.02572
0.00823
-0.00756
~0.02222
-0.03307
-0.04051
~0.04775
-0.05507

0.01187
0.02833
0.02611
0.02599
0.02511
0.02200
0.01797
0.01510
0.00956
-0.00204

-0.02624
~0.0674b
-0.06598
~0.06631
-0.06398
-0.05614
-0.03854
-0.02017
-0.00006

0.03342

0.12101
0.05124
0.02572
0.00823
~0.00756
-0.02223
-0.03307
-0.04051
-0.04775
-0.05507

0.01396
0.02461
0.02751
0.03168
0.03137
0.02799
0.02221
0.01631
0.00830
-0.00606

-0.02998
-0.06239
-0.06220
-0.05424
-0.04508
-0.03320
-0.01699
-0.00217

0.01456

0.04341

0.12101
0.05124
0.02572
0.00823
~0.00756
-0.02223
-0.u3307
-0.04051
-0.04775
-0.05507

10

0.0211%
0.033246
0.03262
0.03260
0.03163
0.03005
0.02576
0.01904
0.01327
0.00818

10

-Q0.03721
-0.07989
-0.08938%
~0.09852
~0.10480
~0.10924
~0.11148
-0.11186
-0.11281
-0.11386

10

g.12101
0.0512¢4
0.025T2
0.00823
-0.00756
~0.02223
-0. 03307
~0.04051
-0.04775
-0.05507
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VELOCITY COMPONENTS OV BODY PANELS DUE

AXTALAY)
THEYA{DEG.)

RMW NO.

—
DOBNDIAP NN

-
&N -

TRANSVERSE(V)
THETAIDEG.)

ROW NG

OB JO RPNy -

10
11
12
13
14

VEPTICAL (W)
THFTALDEG. )

RfW NO.

OB NN E aN -~

12.5000

~0.00002
0.00009
Q00287
0.00502
0.00199
0.00292
0.00652
0.00995
0.01157
0.01255
0.01261
0.01349
0.008T1
0.00545

12.5000

0.00002

0.00040
-0.00055

0.00110
-0.00057
-0.00081

0.00118
-0.00058
=0.00011]
-0.00119
~0.00303
~0.00591
=0.0109%
~0.01471

12.5000

-0.00001
=0.00009
-0.00449
-0.00933
-0.00360

0.00003

0.00115

0.0C0183

0.00127
~0.00008
~0.00524
~0.02341
~0.03701
-0.05120

37.5000

-0.00008
0.00012
0.00175
0.00457
0.00802
0.00933
0.01109
0.01264
0.01343
0.01364
0.01229
0.01128
0.00752
0.00463

37.5000

0.00011

0.00062
~0.00261
~0.00547
~0.00482
~0.00589
~0.,00451
-0.00757
-0.01027
-0.01305
~0.02108
~0.0%286
-0.04490
-0.05463

37.5000

-0.00008
=0.00047
-0.00218
~0.00446
~0.00373
-0.00300
~0.00630

' -0,0077S

~0.01066
~0.01416
-0.02159
~0.01763
~0.04689
~0.057%66

T3 800Y PANEL PRESSURE SINGULARITIES

62.5000

-0.00030
0.00043
0.00277
0.01230
0.016a1
0.01910
0.01884
0.01792
0.01690
0.01572
0.01075
0.00605
0.00507
0.00285

62,5000

0.00029
-0.00176
=0.00090
~0.01152
-0.02255
~0.03246
-0.04416
-0.05407
-0.06876
~0.07932
~0.10317
~0.11557
~0.12745
~0.13763

42.5000

~0.00055
~0.00081
-0.00007
~0.00340
-0.00797
~0.01384
~0.01911
-0.02569
~-0.03018
~0.03734
-0.04651
-0.0552¢
-0.05826
-0,06570

88.7967

-0.00215
0.00712
0.01917
0.02942
0.03311
0.03213
0.02947
0.02545
0.02108
0.01676
0.00355

~0.00124
0.000%9
0.00029

88.7947

0.00399
~0.01845
-0.07051
-0.13950
-0.20772
~0.27099
-0.33027
-0.38302
-0.42748
-0.46355
~0.48277
-0.48225
-0.43413
~0.47353

88. 7947

~0.00118
~0.00515
=0.00933
~-0.01722
-0.02251
~0.03240
~0.03438
~0.04248
~0.04777
~0.0%5248
-0.05499
-0.05741
-0.05622
~0.1185%

116.0950

-0.00598
-0.0191)
-0.02314
-0.02040
~0.01960
~0.02088
~0.02117
-0.02130
«0.0203)
-0.0178%
-0.01462
-0.00833
-0.0037s
=0.00244

116.0950

0.01233
0.04618
0.08618
0.12455
0.16665
0.21123
0.25242
0.289%0
0.32154
0.347T1
0.358102
0.39618
0.40394
0.37638

116.0950

-0.00564
-0.02510
~0.05140
-0.07501
~0.10699
=-0.13270
-0.15780
~0.18088
-0.2027S
-0.21873
-0.23750
-0.264608
-0.25029
-0.3037s6

142.5000

~0.00064
~0.30142
~0.00925
-0.00686
-0.01202
-0.01630
~0.01896
~0.02091
-0,02147
-0.02119
-0.01820
~0.01136
~0.00724
-0.00422

142.5000

0.00103
0.00068
0.0037S
0.00151
0.00869
0.01943
. 0.03065
0.04098
0.05049
0.05987
0.07701
0.08521
0.09207
0.09989

142.5000

0.00079

0.00552
-0.00102
-0.00452
~0.015%28
~0.02630
-0.03832
-0.05156
~0.06498
-0.07719
-0.095%69
~0.10830
=0.11775
-0.13160

167.5000

~0.00019
~0.00042

0.00466
~0.00368
-0.01078
-0.0159%
~0.01934
-0.02038
~0.02167
-0.02176
~Q0.02048
-0.01255
~0.00924
~0.00502

167.5000

0.00022
0.00060
0.00052
-0.00329
-0.00076
-0.00035
0.00306
0.00546
0.00814
0.01061
0.01607
0.0190]
0.02170
0.02523

167.5000

0.00005
0.00011
0.01480
0.01366
¢.00830
-0.00076
—0.01138
~0.02345
-0.03579
—0.04787
-0.07120
-0.08085
-0.09202
-0.10675



€62

VELNCITY COMPONENTS ON BODY PANELS DUE TD WING PANEL PRESSURE SINGULARITIES

AxTaL (U]
THEYAIDFG.)

KW NTD.

O PN AP AN

10
11
1?
13
14

TRANSVERSEL(Y])
THETA(DEG.)

ROW NTO.

O D~ N F N~

VERTICAL (W)
THETA(DEG.)

RfW NO.

~
DO NG AP M-

-
PN -

12.5000

-0.00000
~0.00000
0.00209
0.00742
0.01201
0.01528
0.01696
0.01749
0.01740
0.01672
0.01269
0.00877
0.00643
0.00435

12.5000

0.00000
0. 00000
0.00197
0.0022
0.00497
0.006A3
0.00RS57
0.01035
0.01212
0.01358
0.01616
0.0180%
0.01918
0.01999

12.5000

0.00000
0.00000
~-0.00259
-0.00811
-0.01174
-0.01286
~0.011489
~0.0n843
~0.00439
0.00047
0.01210
0.02592
0.0374R
0.05114

37.59000

~0.00000
-0.00n00
0.00511
0.01035
0.01462
0.01721
0.01865
0.01874
0.01829
0.01719
0.01356
0.00833
0.00578
0.00379

37.5000

0.00000
0.00000
0.00502
0.01084
0.01730
0.02378
0.03016
0.03657
0.04267
0.04300
0.05691
0.06193
0.06508
0.06718

37.5000

0.00000
0.00000
-0.00750
-0.01449
-0.01912
-0.02067
-0.01975
-0.01711
-0.01317
-0.00822
0.00450
0.0202}
0.03%10
0.04R71

62.5000

-0. 00000
0.00641
0.01213
0.01670
0.01958
0.02092
0.02119
0.02065
0.01917
0.01723
0.01040
0.00678
0.00425
0.0C267

62.5000

0. 00000
0.00418
0.01452
0.02880
0. 04443
0.06031
0.07593
0.09091
0.10438
0.11632
0.13337
0.14199
0.14589
0.14850

62. 5000

0.00000
-0.01072
-0.02250
-0.03280
-0.03938
~0.04238
~0.04257
-0.04047
-0.03633
-0.03059
-0.01106

0.00668

0.02219

0.04408

88.7967

0.00991
0.01873
0.02380
0.02597
0.02618
0.02525
0.02352
0.02097
0.01777
0.01353
0.00458
0.00262
0.00160
0.00099

88.7967

0.00827
0.04383%
0.09704
0.15759
0.21858
0.2T6T4
0.33045
0.37827
0.418T77
0.45037
0.4T648
0.471 84
0.48376
0.4T342

88.7967

-0.01984
~0.04908
-0.07292
-0.089383
-0.09864
-0.10237
=0.10163
~0.09675
-0.08A825
-0.07523
-0.03691
-0.01237

0.00521

0.0AT37

116.0950

-0.00677
-0.01288%
-0.01650
-0.01829
-0.01863
-0.01809%9
~0.01697
-0.01525%
~0.013n2
-0.01007
-0.00379
-0.00230
~0.00143
~0.00084

116.0950

-0.01214
-0.04867
~0.09797
~0.15181
-0.29516
~0.25554
-0.301866
-0.34230
-0.37614
-0.40161
-0.41959
~0.42359
-0.42501
-0.39943

116.0950

-0.0089%
~0.01413
-0.00997
0.00180
0.01928
0.0399%
0.062137
0.08554
0.10842
0.13084
0.169%5
0.19272
0.20964
0.27843

142.5000

—0.00000
~0.00431
—0.00808
-0.01183
-0.01417
-0.01528
-0.01556
-0.01517
—-0.01416
-0.01277
-0.00792
-0.00511
~0.00344
-0.00215

142.5000

0.00000
-0.00611
-0.01720
-0.02964
-0.04290
-0.05585
-0.06815
-0.07968
-0.08982
-0.09832
-0.10819
-0.11278
-0.11478
-0.11365

142.5000

0.00000
-0.00495
-0.00791
-0.00794
~0.00397

0.00307

0.01205

0.02222

0.03310

0.04415

0.06752

0.08497

0.09973

0.12090

167.5000

-0.00000
-0.00000
-0.00463%
-0.00847
-0.01161
-0.01346
-0.01419
-0.01424
-0.01385
-0.01296
-0.00984
-0.00589
-0.00416
-0.00277

167.5000

0.00000

0.00000
-0.00365
-0.00703%
-0.0105¢4
-0.01392
-0.017T16
~0.02026
-0.02312
-0.02536
-0.02883
~0.02992
-0.03077
~-0.03078

167.5000

0.00000
0.00000
-0.00322
~3.00359
-0.00071
0.00507
0.01281
0.02156
0.03079
0.04027
0.05899
0.07519
0.08857
Q.10486



¥Se

VELOCITY COMPONENTS

AXTAL (U]
THETA{ DEG.)

RO NO.

OB AP NN

10
11
12
13
14

TRANSVERSE(V)

THETA{DEG.)

am NN,

QW T WA —-

n
11
12
13
14

VERTICALIN)
THETA(DEG. )

ROw NO.

DB AT AL AN -

ON BODY PANELS DUE TO WING SOURCES

12. 5000

-0.00000
-0.00000
-0.00625%
~0.01331
~0.01091
-0.00818
~0.00529
-0.00221
0.00093
0.0N364
0.0083%9
0.00375
0.00145
0.00066

12.5000

-0.00000
-0.00000
-0.00552
=0.00003
~0.00006
«0.00006
0.00004
0.00020
0.0003%6
0.00042
0.00080
-0.00007
0.00015
0.00013

12. 5000

-0.00000
~0.00000
0.0079%
0.01648
0.01438
0.01150
0.00817
0.00439
0.00038
-0.00326
=0.0099%
-~0.00519
~0.00233
~0.00114

37.5000

~0.00000
-0.,00000
-0.00872
~0.01218
-0.01024
-0.00731
-0.00424
-0.00106
0.00191
0.00460
0.00937
0.00358
0.00132
0.00060

37.5000

-0.00000
-0. 00000
-0.00751
-0.00175
-0.00082
-0.00063
-0.00016
0.00049
0.00104
0.001467
0.00288
0.00004
0.00056
0.00041

37.5000

-0.00000
~0.00000
0.01358
0.01816&
0.01391
0.01044
0.00650
0.00223
~0.00183
-0.005%9
-0.01261
~0.00492
~0.00212
~0.00100

62.3000

-0. 00000
-0.01181
-0.00064
-0.00975
—0.00846
-0.00524
-0.00194
0.00113
0.00385
0.00647
0.00517
0.00314
0.00109
0.00050

62.5000

-0.00000
-0.00686
~0.01104
-0.00658
=-0.00351
~0.00233
-0.00072
0.00107
0.00267
0.00409
0.00416
0.00089
0.00115
0.00072

62.5000

~0.00000
0.02006
0.01761
0.01563
0.01207
0.00718
0.00204
-0.00283
-0.00704¢
~0.01098
~0.000845
~0.00393
-0.00154
=0.00064

88,7967

~0.01746
-0.01010
~0.00561
-0.00643
-0.00500
-0.00167
0.00138
0.00388
0.00637
0.00§83
0.00283
0.00253
0.00088
0.00043

88.7967

~0.01254
~0.02478
~0.02496
-0.01576
-0.00800
~0.00239
0.00340
0.00848
0.01285
0.01681
0.00863
0.00215
0.00163
0.00086

88. 7967

0.03411
0.02711
0.01797
0.01123
0.00463
-0.00210
-0.00809
-0.0125%9
-0.01662
-0.02050
«0.003T1
-0.00118
-0.00017
0.00017

116.0950

~0.01483
~0.00962
-0.00578
-0.00803
-0.00560
-0.00228
0.00079
0.00338
0.00593
0.00845
0.0035%0
0.00244
0.00091
0.00044

116.0950

-0.01880
-0.02598
~0.02455
~-0.0128)3
-0.00639
-0.00071
0.00499
0.00980
0.01394
0.01778
0.00687
0.00175
0.00123
0.00058

116.0950

-0.02338
-0.01888
~0.0128)3
-0.00866
-0.00395
0.00081
0.00509
0.00836
0.01132
0.01416
0.00291
0.00096
0.00014
~0.00015

142.5000

-0.00000
~0.01002
-0.00773
~0.81140
—0.00845
-0.00529
~0.00206
0.00102
0.00380
0.00635
0.00597
0.00273
0.00108
0.00051

142.5000

~0.00000
-0.01151
-0.01352
~0.00401
-0.00269
~0.00114
0.00073
0.00254
0.00392
0.00526
0.00276
0.00082
0.00075
0.00044

142.5000

-0.00000
~0.01357
-0.01175
-0.01219
-0.00906
~0.00559
-0.00193
0.00159
0.00469
0.00757
0.00636
0.00280
0.00117
0.00049

167.5000

-0.00000
-0.00000
-0.01313
-0.01228
-0.00946
~0.00652
=0.00341
-0.00019
0.00280
0.00531
0.00996
0.00289
0.00119
0.00056

167.5000

-0.00000
-0 .00000
-0.00318
-0.00102
-0.00069
-0.00030
0.00020
4.00072
0.00103
0.00139
0.00228
0.00020
0.00023
0.00015

167.5000

-0 .00000
-0.00000
-0.01298
-0.01259
-0.01024
-0.00754
-0.00450
-0.00122
0.00190
0.00464
0.009¢8
0.00329
0.00149
0.00089



GG2

PRESSURFS, FNRCES,

CD = 0.00087

A0DY PRESSURE COEFFICIENTSICP)

THETA(DFG.)
X
0. 0000
0.T243
1. 4485
2.1728
2.8970
31.6213
4. 34656
5.0698
5.79%41
6.5184
T.2426
7.9669
R, 60911
9.4154
10.1297
10.843G
11.5882
12.3124
13.0367
13.7K10
14.5023
15. 2436
15.9849
16.7262
17,4675
1A, 2088
1A.9501
19.6914
20,4327
21.1740
21.215%3
22.6566
23.13979
24.11392
24 . R305
?%.6218
26,331
27 . 1044
2T .R457
?R.5870
29,3283
30.0496
0. 8109
31.5522
37,2335
13.0%A
3, 7761
LTS I 2%
35,2587

AND MOMENTS ON ISOLATED ANDY

L=

0.0000

0.14569
0.15129
0.10838
0.05934
0.06392
0.04R98
0.04646
0.03992
0.03582
0,02040
0.02794
0.07465%
0.02005
0.01314
0.014663
0.00660
0.00 244
-3.00203
~0.00R32
-0.01187
-0.01789
-0.02560
-3.03957
-0.02869
-0.02425
-0.019%6
-0.01627
-0.01359
-0.01153
-0.0M.990
-0.008AK2
~0.,00759
-0.00510
~0.0Nn682
~0.00583
~0.00532
~0.004846
-0.00441
-3.0N40B
-0.00360
~0.003R7
-0.00926
-0.01813
~0.02444
~0.02769
-0.03299
-u. 03987
—0.02%447
~0.01798

0.00007

22. 5000

O.14413
0.14974
0.10749
0.05901
0.0635]
0.04866
0.04618
0.03960
0.03561
0.03022
0.02777
0.02427
0.01990
0.01322
0.01419
0.00464
0.0025%5%
-0.00197
-0.00804
-0.01168
~-0.01763
~-0.013505
-0.03916
~0.02840
-0.02407
~0.01945
~0.01622
-0.01358
~0.011 5
-0,00993
~0.00R4S
-0.0NT62
~0.00526
-0.00652
-N.00583
~0.00532
-0.00484
-N.00441
-0.00408
-0.00360
-0.00397
-0.00926
-0.01814
<~0.02444
-0.02770
~-0.03300
—-0.MN3889
-0.0%449
~0.01801

45.0000

0.13671
0.14531
0.10496
0.05806
0.06233
0.04770
0.04540
0.03871
0.03501
0.02 970
0.02717
0.02346
0.01948
0.01346
0.01353
0.00675
0.00287
-0.00180
~0.00727
-0.01118
-0.01690
-0.03347
~0.03T7T9R
-0.02757
-0.02354
-0.0191%
-0.01608
-0.0135%
~0.01158
-0.01000
-0.00874
-N.00772
-0.00571
-0.00650
-0.00583
-0.00531
-0.00483
-0.00440
=0.00407
~0.00360
-0.00387
-0.00927
-0.01814
~0.02646
-0.027713
~0.03304
~0.0389
-0.03456
-0.01808

CM = —0.00612

67.5000

0.13308
0.13868
0.10118
0.05665
0.06057
0.04628
0.04423
0.03738
0.03412
0.02892
0.02626
0.02226
0.01886
0.01381
0.01263
0.00691
0.00335
-0.00155
-0.00610
-0.01037
-0.01580
-0.03112
~0.03622
-0.02634
~-0.02275
-0.01869
-0.0158%
~0.01349
~0.01163
-0.01011
~-0.00888
-0.00786
-0.00638
—0.00647
~0.00582
-0.00529
~0.00482
-0.00440
~0.00407
~0.00360
-0.00387
-0.00927
-0.01816
-0.02448
~0.02776
~0.033093
-0.03901
-0.03465
~-0.01818

90.0000

0.12527
0.13087
0.09672
0.05497
0.05A49
0.04461
0.06284
0.03580
0.03307
0.02800
0.02520
0.0205%3
0.01812
0.01423
0.01136
0.00709
0.00391
~0.00125%
~0.00473
~0.00944
-0.01451
-0.02833
-0.03414
~0.02488
-0.02182
-0.0181%
-0.01561
~0.01343
-0.01169
-0.01025
—0.00904
~-0.00803
-0.00718
~0.00645
~-0.00582
-0.00%528
-0.004R1
-0.00439
-0.004607
-0.00360
-0.00387
-0.00928
-0.01817
-0.02451
~-0.02741
-0.03315
~0.03910
-0.03476
-~0.01830

112.5000

0.11745
0.12306
0.09226
0.05330
0.05642
0.04294
0.04146
0.03422
0.03202
0.02709
0.02413
0.01941
0.01739
0.01455
0.01019
0.00728
0.00447
~-0.00095
~0.00335
-0.00851
~0.01322
~0.0255%
-0.03206
-0.02343
-0.02088
-0.01761
-0.01535
-0.01337
-0.0117s
-0.01038
-0.00921
-0.00820
~0.00797
-0.00642
~0.00581
-0.00526
-0.00480
-0.00438
-0.00406
-0.00360
-0.00387
-0.00928
-0.01819
~0.02454
~0.02785
-0.03322
-0.03919
~0.03487
~0.01842

135.0000

0.11082
0.11643
0.08847
0.05189
0.05466
0.04152
0.0402e
0.03289
0.03113
0.02631
0.02323
0.01820
0.01476
0.01500
0.00919
0.00T44
0.00495
-0.00070
-0.00219
-0.00773
-0.01212
-0.02319
-0.03030
-0.02220
~0.02009
~0.01715
-0.01514
-0.01322
~0.01181
-0.01049
~0.00934
~0.00834
~0.00864
-0.006139
-0.00581
~0.0052«
~0.00479
-0.00437
-0.00406
-0.00360
-0.00388
-0.00929
-0.01820
-0.02457
-0.02789
-0.03327
~0.03926
~0.0349¢6

-0.01852

157.5000

0.10640
0.11200
0.08595
0.05094
0.05348
0.04057
0.03950
0.03200
0.03053
0.02579
0.02263
0.01739
0.01635
0.01524
0.00853
0.0075%
0.00527
-0400053
-0.00141
~0.00720
-0.01139
-0.02162
-0.02912
-0.02137
=0.0195¢
-0.01684
-0.01499
-0.01329
-0.01184
-0.01056
-0.00944
~0.00844%
-0.00909
-0.00637
-0.00580
-0.00523
-0.00478
-0.00437
~0.00406
-0.00360
-0.00388
-0.00929
-0.01821
-0.02658
-0.02792
-0.03331
~0.03931
~0.03502

~0.01859

180.0000

0.10485
0.11045
0.08506
0.05061
0.05307
0.04024
0.03922
0.,03168
0.03032
0.02561
0.02241
0.01711
0.01620
0.01532
0.00829
0.00759
0.00538
~0.00047
-0.00114
-0.00702
-0.0t113
-0.02106
~-0.028T1
~-0.02108
-0.01938
~0.01674
~0.01494
-C.,01327
-0.01186
-0.01059
—0.00947
-0.00847
-0.0092%
-0.00637
-0.00580
-0.00523
-0.00478
-0.00436
-0.00406
-0.00360
-0.00388
-0.00929
-0.01821
-0.02459
-0.02793
-0.03332
-0.03933
-0.03504
-0.01861



INCREMENT AL PRESSURES, FORCES, AND MOMENTS ON BODY PANELS DUE TO WING

CD = 0.00005 L = 0.01760 CH = —0.39476

8ODY PANEL PRESSURE COEFFICIENTICP)

YHETA(DEG.) 12.5000 37.5000 62.5000 88.7967 116.0950 142.5000 167.5000
ROW NO.
1 0.00004 0.0001S 0. 00060 0.01939 0.05515 0.00128 0.00039
2 -0.00019 -0.00023 0.0095% ~0.03150 0.0832) 0.03150 0.00083
3 0.00259 0.00372 -0.012%2 -0.0T7472 0.09084 0.05012 0.02565
4 0.00174 -0.00550 -0.03849 -0,09792 0.09343 0.06017 0.04884
5 ~0.00618 -0.02480 -0.05586 -0.10858 0.08766 0.06929 0.06371
6 -0.02005 +-0.03847 -0.06955 -0.11143 0.08251 0.07375 0.07187
T -0.03639 ~0.05061 -0.07616 ~—0.10874 0.07469 0.07316 0.07388
a -0.05047 -=0.06064 <-0.07940 -0.10061 0.06634 0.07011 0.06962
9 ~0.05981 ~-0.06724 <-0.07985 <-0.09042 0.05485 0.06366 0.06545
10 ~0.06582 ~0.07087 -0.07884 -0.07835 0.03893 0.05521 0.050883
11 ~0.06940 <-0.07064 -0.05265 -0.02192 0.02982 0.04031 0.04071
12 -0.05202 ~0.04638 -0.03194 -0.00782 0.01637 0.02747 0.03110
13 ~0.03316 =-0.02924 -0.02081 ~0.00693 0.00857 0.01920 0.02443
14 -0.02091 <0.01803 <-0.01205 ~0.00341 0.00567 0.01172 0.01448

B00Y PANEL SLOPE(DR/DX)

Eﬁ THETA(DEG.) 12.5000 37.5000 62.5000 88.7967 116.0950 142.5000 167.5000

(=2}

ROW NO.

1 0.02348 0.02319 0.02266 0.02196 0.02122 0.02065 0.02036
2 0.00603 0.00629 0.00676 0.00738 0.00804 0.00854 0.00880
3 -0.00145 -0.00118 -0.00069 -0.00004 0.00065 0.00118 0.00145
L -0.0N145% -0.00118 -0.00069 -0.00004 0.00065 0.00118 0.00145
H -0.00145 -0,00118 -0.00069 -0.00004 0.0N0065 0.00118 0.00145
3 -0.00145 -0.,001L18 -0.00069 -0.00004 0.00065 0.00118 0.00145
7 -0.00145% -0.00118 =-0.00069 -0.00004 0.00065 0.00118 0.00145
8 -0.00145 -0.00118 -0.00069 -0.00004 0.00065 0.00118 0.00145
° -0.00)45 -0.00118 -0.00069 -0.00004 0.00065 0.00118 0.00145
10 -0.00081 -0,.00066 -0.00039 -0.00002 0.00037 0.00066 0.00061
1 -0.00145 -0.00118 -0.00069 -0.00004 0.00065 0.00118 0.00145
) 12 ~0.00145 -0.00118 -0.00069 -0.00004 0.00065 0.00118 0.00145
S —— 13 -0.00158 -0.0013}F -0.00082 -0,00017 0.00052 0.00105 0.00132

14 -0.02519 -0.02492 -0.02442 -0.02377 -0.02309 -0.02256 -0.,02229



PRESSURES, FORCES, AND MOMENTS ON WING PANELS IN PRESENCE OF 800Y

€D = 0.00T346 cL = 0.15900

SPANNISE CD DISTRIBUTIDON{8/2Q * DD/DY)
SPANWISE STYATION 1 2

0.00387 0.00172

SPANWISE CL DISTRIBUTION(8/2Q * DL/DY)
SPANWISE STATION 1 2

0.01934 0.01902

‘CH o —4.T4796

3

0.00112

3

0.01906

s

0.00092

&

0.N1915

UPPER SURFACE WING PANEL PRESSURE CNEFFICIENTSICP)

SPANWISE STATION 1 2

CHOROMISE STATION

~0.06814 -0.07465
~0.14334 ~0.137]19
-0.16260 -0.14634
-0.16337 -0.15016
~0.15585 -0.14%861
~0.14506 ~0.,14646
~0.12952 -0.13729
-0.10799 -0.13358
-0.09319 ~0.10434
~0.05003 ~-0.04964

DOEWMNTAF W

-

3

-0.06707
-0.106R3
~0.16498
-0.145R1
-0.15539
-0.15826
-0.15851
-0.13757
-0.11265
-0.059T1

~0.05555
-0.1092%
~-0.13298
-0.15085
-0.16543
~0.1731¢
~0.15745
~0413907
~0.10714
~0.05806

LOWER SURFACE WING PANEL PRESSURE CREFFICIENTSICP)

SPANWISE STATION 1 ?

CHORDMISE STATION

0.09254 0.06668
0.08605 0.05770
0.08856 0.0675R
0.08662 0.0668%
0.07690 0.06542
0.,06T51 0.06141
0.05809 0.06225
0.04866 0.05298
0.02775 0.05551
0.02268 0.06127

DOLBNFAE W

-

MING PANEL PRESSURE OIFFERENCE{ICL)

SPANMISE STATION 1 2

3

0.04312
0.05297
0.04326
0.06050
0.06187
0.06486
0.06372
0.07345
0.07172
0.06674

0.04202
0.03978
0.04990
0.05600
0.05824
0.05968
0.07523
0.08167
0.08048
0.06576

5

0.00075

5

0.01908

~-0.05922
-0.1139%6
-0.13895
~0.15846
~-0.16863
-0.16788
~0.15536
~0.13386
-0.10593
~0.064T42

0.03618
0.03447
0.04579
0.05254
0.05996
0.06960
0.08085
0.08303
0.07150
0.06780

[}

0.00054

&

0.01876

~0.06370
-0.12028
~D.14767
-0.16475
-0.16875
-0.15911
~-0.14936
-0.12998
-0.09494
-0.04514

0.03187
0.02941
0.03937
D.04858
0.06230
0.07967
0.07947
0.07276
0.07003
0.06312

7

0.00038

7

0.01811

-0.068T2
-0.12866
-0.15351
-0.16235
—0.16369
-0.15949
~0.14205
-0.11665
-0.08773
-0.03797

0.02797
0.02303
0.03560
0.05440
0.06951
0.07020
0.06834
0.06785
0.06135
0.05835

0.00036

0.01706

-0.0T616
-0.13289
-0.14854
-0.15652
-0.15549
~0.14337
-0.12757
~0.11640
-0.09611
-0.05455

0.02152
0.01912
0.04293
0.057913
0.05572
0.05079
0.05317
0.05033
0.04973
0.04675

9

~0.00143

9

0.01562

-0.04863
-0.09372
~0.11T742
-0.13733
~0.14830
~0.15077
~0.14792
-0.14049
~0.12158%
~0.07370

-0.00668
-0.00551
0.01286
0.01105
0.01896
0.03688
0.05333
0.06656
0.07217
0.07T624

10

0.00032

10

0.01371

10

-0.15152
-0. 264049
~-0.25620
-0.164T3
-0.150877
-0.14625%
-0.12796
~0.10384
-0.07802
-0.07785%

10

0.06631%
0.11252
0.12641
0. 03409
0.02823
0.02353
0.02017
0.02219
0.01978
0.03580

10
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CHORDWISE STATION

0.16067
0.22938
0.25117
0.24799
0.2327
0.21257
0.18761
0.1566%
0.12094
0.07270

QOB NPT NE NN~

(g

0.14133
0.19489
0.21391
0.2170%
0.21403
0.20787
0.19953
0.186%6
0.15985
0.11091

UPPER SURFACE WING PANEL SLOPE(DZ/0X)

SPANWISE STATION 1

CHORDMISE STATION

0.03132
~0.07290
-0.15116
~0.20874
=0.25505
~0.28676
~0.30566
-0.31408
-0.315548
-0.31235

DODNC N W~

—

2

0.10057

0.02702
~0.02606
~0.07047
-0.10849
~-0.14320
-0.17092
~0.19967
=0.22940
-0.26002

LOMER SURFACE WING PANEL SLOPE(D2/7DX)

SPANWISE STATION 1

CHORDWISE STATION

-0.10343
~0.141311
-0.18284
-0.20897
~0.22459
-0.22829
=-0.22187
-0.22583
-0.21282
=0.19482

DODNT NP W

WING CAMRER SLOPE(DZ/DX)
SPANWISE STATION 1

CHNROW]ISE STATION

~0.03405
~0.10m0])
-0.16750
~0.20RAS
~0.23982
=0.25752

L I SRV

2

~0.03418
~0.04318
-0.05873
~0.07070
-0.07803
~0.0R4T3
~0.09712
=0.1114)
-0.12665%
~0.14249

0.03320
-0.00808
~Q.04240
~0.07058
=-0.09326
-0.11396

0.11020
0.15980
0.18824
0.2063]
0.21726
0.22312
0.22222
0.21101
0. 18637
0412645

0.12849

0.06932

0.02515
-0.01685
~0.05765
~0.09728
~0.13147
~0.16759
~0.20636
-0.24791

=0.00626
-0.00088
~0.00753
~0.01708
-0.02719
-0.03881
~0.05768
-0.07934
-0.10361
~0.13038

0.06111
0.03422
0. 00881
~0.01697
=0.06262
~0.06804

0.09757
0.14907
0.18289
0.20685
0.22367
0.23283
0.23268
0.2207S5
0.18761
0.12383

0.13556

0.08016

0.03804
-0.00223
-0.04239
-0.08249
=0.11845
-0.15718
-0.19791
-0.23721

0.0008]
0.00995
0.0053%

-=0.00246

-0.01192
~0.02502
~0.06466
-0.06892
~0.09517
~0.11968

0.056818
0.04506
0.02170
-0.00213%
-0.02716
-0.05325

0.09540
0.14842
0.18474
0.2109%
0.22859
0.23748
0.23621
0.21689
0.17743
0.11522

G.13980
0.08561
0.04419
0.00653
-0.03556
~0.07640
—0,114642
~0.15261
-0.18892
~0.22633

0.03508
0.01541
0.01152
0.006430
-0.00510
-0.01793%
~0.04063
~0.04437
-0.08618
~0.10880

0.07242
0.05051
0.02785
0.00642
~0.02033
~0.04716

0.09556
0G.14969
0.18704
0.21333
0.23105
0.23878
0.22882
0.20274
0.16497
0.10826

0.14519
0.09188
0.05106
0.01169
-0.02897
~0.0T7258
~0.10875
~0.14195
-0.17667
~0.213865%

0.01044
0.02167
0.01832
0.31146
0.00149
~0.01407
~0.03496
-0.05369
~0.07393
-0.09612

0.07781
0.05678
0.03472
0.21157
=0.01374
~0.04330

0.096T0
0.15169
0.18911
0.21675
0.23320
0.22969
0.21039
0.18450
0.14908
0.09632

0.15092
0.09774
0.05712
0.01594
~0.0293S
-0.07111
-0.10322
-0.13703
-0.17197
-0.20713%

0.01617
0.02754
0.02445
0.01572
0.00111
~0.012064
-0.02943
-0.04877
~0.06922
-0.08960

0.08135S
0.06264
0.04078
0.015m2
~0.01412
-0.04188

0.09769
0.15201
0.19147
0.21445
0.21122
0.19416
0.18074
0.166713
0.14584
0.10131

0.15622
0.10409
0.05687
0.00440
-0.04070
-0.07572
-0.10347
-0.12972
~0.15914
-0.19213

0.02147
0.03389
0.02420
0.00418
-0.01024
-0.01725
-0.02968
~0.04147
-0.05639
~0.07460

0.08984
0.06899
0.040%3
0.00429
~0.02547
~0.04648

0.06194
0.08821
0.13028
Q.148%8
0.16726
0.18766
0.20125
0.20705
0.19375
0.14994

0.18173
0.15483
0.13541
0.13546
0.13426
0.10853
0.07475
0.02714
-0.03103
-0.1107«

0.04698
0.08462
0.10274
0.13524
0.16473
0.16700
0.14854
0.11540
0.07T172
0.00679

0.11436
0.11973
0.11907
0.13535
0.14949
0.13776

0.21783
0.35301
0.38261
0.19884
0.18701
0.16979
0.14813
0.12603
0.09780
0.11365

0.164T2

0.03661
-0.03893
-0.04721
-0.07011
~0.08878
-0.09757
-0.10%12
—-0.11069%
-0.1296%

Lo

0.02997
-0.03360
-0.07161
~0.0474)
-0.03964
-0.03031
-0.02378
~-0.01686
~0.00791
-0.01212

10

0.09734
0.00151
-0.05527
-0.04732
~0.05488
~0.0595%




652

—
D0 M~

-0.26R76
-0.2699
~0.26421}
-0.25359

WING CHMORD LENGYHSIC)

9.21046

~0.13402
~0.15554
-0.17802
~0.,20126

9.21070

~0.09457
-0.12346
-0.15499
-0.18915

9.21094

FORCES AND MOMENTS ON WING-BODY COMSINATION

CD = 0.00826
END OF DATA

END OF DATA

L =

0.17664

(4L}

~-0.08156
~-0.11305
~0.1465%
~0.17844

9.21118

-0.077%53
-0.1085)
-0.13755
-0.16756

9.21142

= -5.140684

-0.07185
-0.097A82
-0.12530
~0.15488

9.21166

~0.06632
-0.09290
-0.12059
~0.14837

9.21190

-0.06657
-0.08559
-0.10777
~0.13336

9.21215

0.11164
0.0T127
0.02034%
-0.05198

9.21239

TIME 20.821 061567

-0.06068
~0.06099
-0.05928
-0.07089

6.14167



9.4 Appendix D - Sample Flow Visualization Case Printout

A sample printout is given here for the flow-field visualization about the

Boeing wind-tunnel model described in section 6.4. A discussion of the
results is given on pages 113 to 119 of this report. The panel layout used for

this case is the same as used in the previous example, and is shown in the
upper sketch on figure 49, page 216. Only those portions of the printout that

"illustrate the format and type of data are shown.

260,




199

DATA CARDOS ARE LISTED RCoLCwW

AERMOYNAMIC

USE TAPE

1.8 1.

TR A0S WING BODY

2. Ve 0.
AG9.378 Q. 0.
6o

GIVEN 80DY RACIIL
GIVFN ADDY CAMBER

0. e
CONSTANT WING CAMBER
0.

GIVEN WING THICKNESS

FLCwW VIZ

0. . l.
PCINTS

9.

2a. 4. -1.
24. 4. -.5
24. 4.3€35% -~ 6465
24. 4.5 ~1l.
24, 4.3535 ~1.352%
24. 4. -1.5%
24. Y. thb65 -1.3529
24. 3.5 -1l.
24. 3. 6465 -.6465
GRIDS

4.

30. 1.2 -1.2
.5 1. .5

50. 0. 36.

2. 0. 0.

50. 36. .

2. Je 0.

50. 7. -36.
2. . 0.
STREAML INES

5. .01 1.

3.

29. S .25
28. Se -5
15.4 1.5 0.
VIZEND

ENC OF OATA

1C.

S1.

S51.

51.

4C.
4C.
3C.

2C.
2C.
0.

A TOTAL OF 4f DATA CARDS WERE READ

.1
.2
.1

AUG 08,
PRNGRAM FOR ANALYSIS AND CESIGN NF SUPERSONIC WING-BCOY CCMBINATIONS

5€8
5Fg
3F

IFA
afFe
3FC
3FR
3FC
38
3FC
IFe
36C

4F A
4FB
4FC
4FC
4FC
oF

TF



AERTOYNARIC 1A TI%E 23,733 080847

USE TAPE 2A

TR 805 WING BOOY ’ AUG 08, 1967

DESCRIPYION OF CASE REQUESTEC

SYMMETRICAL CONFIGURATION - PANELS LCCATED ON 80TH SIDES CF X-Z PLANE(SYM = 1.)

CASE = 2, CALCULATE CL, GIVEN SHAPE
CPCALC = 0. LINEAP CP
POLAR = 0. POLARS NOT REQLESTED
THICK = 1. WING THICKNESS PRESSURES TO BE ADDFD
vOouT = 1. VELOCITY COMPONENTS TO BE PRINTED
gg MACH NUMBER = 1.8000
& POINT ABIUT WHICH THE MOMENTS ARE TC BE COMPLTED
X~CCORDINATE = 0.0000
I-COORDINATE = 0.0000
REFERENCE CHCRD LENGTH = 1.00G0
WING REFERENCE AREA =  BS.2750
WING SEMI-SPAN = 1.00C0
e GIVEN BOOY RACHI _— s
SRS
"""""""""""" GIVEN BODY CAMBER aa
HEIGHT OF WING PLANE ABOVE BCDY AXIS = -0.2500

INCLINATION OF BO0Y AXIS WITHE RESPECY TO OEFINING AXIS = 0.0000 DEG.

ANGLE OF ATTACK MITH RESPECT TO 9COY AXIS = 6.0000 DEG.

CCNSTANT WING CAMBER 128

GIVEN WING THICKNESS 144



€92

ACOY GECMETRY
X~STATION

0.0000
0.T243
1.4485
2.1728
2.8970
2.6213
4.3456
5.0698
5.T941
6.5184
T.2426
T.9669
f.6911
9.4154
10,1397
10.R639
11.5882
12.3124
12.0367
13.7610
14,5023
15.2436
15.9849
16.7262
17,4675
14.2088
18.9501
19.6914
20.4327
21.1740
21.9153
22.65686
23.3979
24,1392
24.8805
25.6218
26.3%631
27 .1044
27.8457
28.5870
29.3283
30.0696
30.8109
31.5522
32.2935
33,0348
32,7761
34.5174
35.2587

CAMBER

0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0. 0000
0.0000
0. 0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0. 0ann
0. 0000
0. 0000
0.0000
0.0000
0.0000
0.0000
0. 0000
0.CC00
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
0.0000
€.0000
0.0000
0.0000
0.0000
0.00C00
0.0n00
0.0000
0.0000
C.0000

RADIUS

0.0000
0.1304
0.2607
0.349]
0.4343
0.5077
0.5791
0.6433
0.7T057
0.7627
0.8175
0.8679
0.9159
0.9602
1.0017
1.0396
1.0740
1.1069
1.1311
1.1542
1.1720
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1R840
1.1840
1.1840
1.1840
1.1840
1.1840
1.1940
1.1R40
1.1840
1.1R40
1.1840
1.1825
1.1757
1.1630
1.1452
1.1226
1.0930
1.0581
1.0252

FIRST
DERIVATIVE

0.1800
0.1872
0.1512
0.1142
0.1110
0.0987
0.0941
0.0869
0.0826
0.0769
0.0728
0.0678
0.0638
0.0591
0.0550
0.0498
0.0454
0.0392
0.0342
0.0281
0.0213
0.0073
-0.0019
0.0005
-0.0001
0.0000
-Q. 0000
0.0000
-0.0000
0.0000
-0.0000
0.0000
=0.00n00
06.0000
-0.0000
0.0000
-0.0000
0.0000
~0.0000
0.0001
-0.0003
-0.0050
-0.0133
-0.0208
-0.0269
-0.0350
—0.0446
-0.0475
-0.0398

SECOND
DERIVATIVE

-0.0199
0.0398
-0.1393
0.0372
“0.0461
0.0121
~0.0247
0.0048
-0.0168
0.0013
-0.0126
-0.0015
—0.0094
-0.0037
-0.0075
-0.0067
-0.0056
-0.0113
~-0.0027
—0.0142
-0.0039
~0.0340
0.0091
~0.0024
0.0007
-0.0002
0.0000
-0.0000
0.0000
-0.0000
0.0000
-0.0000
-0.0000
0.0000
—0.0000
n.0000
-0.0000
0.0000
-0.0001
0.0004
-0.0016
-0.0109
-0.0115
-0.0090
-0.0073
~0.0146
-0.0114
0.0038
0.0170



¥9%

VELOCITY COMPONENTS ON B0ODY DUE TO BODY LINE SOURCES ANO OOUBLETS

AXTAL (U

THETA{DEG.)
X
0.0000
0.7243
1.4485
2.1728
2.8970
3.6213
4.3456
5.0698
5.7941
6.5184
T.2426
T.9669
8.6911
9.4154
10.1397
10.8639
11.5882
12.3124
13.0367
13.7610
14.5023
15.2436
15.9849
16.7262
17.467S5
18. 2088
18.9501
19.691 4
20.4327
211740
21.9153
22.6566
23.3979
24.1392
24 .8R05
25.6218
26.13631
27. 1044
27.8457
28.5870
29.3283
30.069%6
30.8109
31.5522
32.2935
313.0348
33,7761
34.517s
35,2587

RACIALIVR]

0.0000

~0.03166
-0.03446
-0.0168¢
-0.00369
-0.00659
-0.00198
-0.00193
0.00027
0.00087
0.00239
0.00305
0.004624
0.00694
0.00606
0.00671
0.00800
0.00871
0.01038
0.01105
0.01238
0.01383
0.01910
0.01971
0.01345
0.01081
0.008320
0.00667
0.00544
0.00459
0.00356
0.00350
0.00316
0.00289
0.00267
0.00248
0.00231
0.00215
0.00201
0.00189
0.00169
0.00186
0.00441
0.00816
0.01013
0.01030
0.01130
0.01218
0.00788
-0.00142

22.5000

~0.03402
~0.03682
~0.01926
~0.00550
-0.00832
-0.00352
-0.00341
-0.00112
~0.00046
0.00114
0.00186
0.00322
0.00387
0.0050%
0.00576
0.00713
0.00790
0.00964
0.01039
0.01180
0.01315%
0.01872
0.01951
0.01337
0.01081
0.00836
0.00676
0.00554
0.00468
0.00405
0.00358
0.00322
0.00294
0.00271
0.00251
0.00233
0.00217
0.00202
0.00190
0.00170
0.00186
0.00442
0.00823
0.01029
0.01057
0.01170
0.01274
0.00861
-0.00062

45.0000

-0.04073
-0.04353
-0.02608
~0.01066
-0.01323
~0.00793
-0.00T64
~0.00505
-0.00423
-0.00241
~-0.00153
0. 00002
0.00084
0.00220
0.00308
0.00462
0.00559
0.00753
0.00851
0.01014
0.01177
0.01765
0.01894
0.01315
0.01084
0.00853
0.00700
0.00582
0.00495
0.00430
0. 00380
0.00341
0.00309
0.C0283
0.00260
0.C0240
0.00223
0.00208&
0.00193
0.00172
0.00188
0. 00447
0.00843
0.01075
0.01136
0.01285
0.01434
0.01067
0.00167

67.5000

~0.05078
~0.05358
~0.03630
-0.01838
-0.02058
-0.01453
~0.01396
~0.01095
~0.00987
-0.00773
~0.00661
~0.00477
-0.00370
-0.00208
-0.00094
0.00087
0.00213
0.00436
0.00569
0.00765
0.00970
0.01605
0.01808
0.01283
0.01087
0.00878
0.00737
0.00623
0.00536
0.00468
0.00413
0.00369
0.00332
0.00301
0.00274
0.00251
0.00231
0.00212
0.00198
0.00176
0.00190
0.00455
0.00873
0.01144
0.01253
0.01456
0.01673
0.01375
0.00510

90.0000

-0.06263
-0.06543
-0.04836
~0.02T49
-0.02925
-0.02230
-0.02142
~0.01790
-0.01653
~0.01400
-0.01260
-0.01042
-0.00906
-0.00712
-0.00568
-0.00355
-0.00196
0.00063
0.00236
0.00472
0.00726
0.01417
0.01707
0.01244
0.01091
0.00907
0.00780
0.00672
0.00585
0.00512
0.00452
0.00402
0.00359
0.00322
0.00291
0.00264
0.00240
0.00219
0.00203
0.00180
0.00194
0.00464
0.00909
0.01226
0.013%0
0.01658
0.01955
0.01738
0.00915

112.5000

—0.0T449
~0.07729
-0.06041
-0.03659
~0.03792
-0.03008
-0.02888
~0.02485
-0.02320
-0.02027
-0.01859
-0.01606
-0.01442
~0.01216
~0.01042
-0.00797
~0.00604
~0.00311
-0.00096
0.00179
0.00481
0.01228
0.01606
0.01206
0.01095
0.00937
0.00824
0.00720
0.00633
0.005857
0.00491
0.00434
0.00386
0.00344
0.00307
0.00276
0.002%50
0.00226
0.00209
0.00184
0.00197
0.00473
0.00944
0.01307
0.01528
0.01860
0.02237
0.02101
0.01320

135.0000

-0.08454
-0.08734
~-0.070¢3
~0.04431
-0.06527
~0.036¢8
~0.03520
-0.03075
-0.02884
-0.02559
~-0.023¢6
-0.02085
-0.01896
~0.01643
~0.01444
-0.01172
-0.00950
-0.00627
—0.00378
-0.00070
0.00275
0.01068
0.01520
0.01173
0.01048
0.00962
0.008¢1
0.00762
0.00674
0.0059%
0.00524
0.00462
0.00408
0.00362
0.00322
0.00287
0.00258
0.00232
0.00213
0.00187
0.00199
0.00480
0.00974
0.01376
0.01645
0.02031
0.02476
0.02409
0.01663

157.5000

=0.09125
-0.09405
-0.0774L
~0.04947
-0.0501¢8
-0.0410%
~0.03943
—0.03468
-0.03261
-0.02914¢
-0.02706
~0.02405
-0.02200
-0.0192¢
-0.01712
~0.01422
~0.01181
-0.0083S
~0.00566
-0.00236
0.00136
0.00961
0.01463
0.01151
0.01100
0.00979
0.00885
0.00789
0.00701
0.00620
0.00546
0.00481
0.00423
0.00374
0.00331
0.00294
0.00263
0.00236
0.00216
0.0019C
0.00201
0.00485
0.00994
0.01622
0.01724
0.02145
0.0263¢
0.02615
0.01892

180.0000

-0.09361
~0.09641
-0.07986
-0.05128
-0.051%90
~0.04263
~0.04091
-0.03607
~0.03354
-0.03039
-0.02825
-0.02517
-0.02306
-0.02029
-0.01807
-0.01510
-0.01263
-0.00913
-0.00632
-0.00294
0.00088
0.00924
0.01443
0.01144
0.01101
0.00985
0.00894
0.00799
0.00711
0.00625
0.00554
0.00487
0.00429
0.00378
0.00334
0.00297
0.002¢5
0.00238
0.00217
0.00190
0.00202
0.00487
0.01001
0.01438
0.01751
0.0218%
0.02692
0.02687
0.01973

-

~h
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THETAIDEG. ]
b3
0.0000
N.T243
1.4485
2.17248
2.8970
3.6213
4.3456
5.0698
Se 7941
6.5184
T.2426
7.9669
8.6911
9.4154
10.1297
10. 8639
11.5882
12.2124
132.0367
13.7610
14.5023
15. 2436
15. 9849
16.7262
17.4675
18.2088
18.9501
19.491 4
20,4327
21.1740
21.9153
22.6566
23.3979
24.1392
24 .RROS
25.6218
26.3631
27.1044
2T. 457
?R.SRT0
29.3283
30.0696
30.4109
31.5522
22,2935
33,0348
23,7761
34,5174
35.2587

TANGENTIALIVT)
THETALDEG.)
4

0. 0000
0.7243

0.0000

0.06980

0.07603

0.047391

0.00905

0.00551
-0.00626
~0.01079
-0.01777
-0.02206
-0.02759
-0.03165
-0.03667
-0.04058
~0.04529
~0.0493%
-0.05448
-0.05896
-0.06507
-0.07015
-0.07630
-0.08310
-0.09731
-0.10671
-0.10419
~0.104R6
~0. 10468
—0.10473
-0.10672
~0.10472
~0.10472
~0.10472
-0.10472
-0. 10472
-0.10472
-0.10472
~0. 10472
-0.10472
-0.10471
~0. 10474
~0.10462
-0.10506
-0.10972
-0.11810
-0.12578
-0.1318¢
-0.14009
-0.14989
-0.15255%
-0.1444]

0.0000

~0.00000
-0.00000

22.5000

0.07733

0.08356

0.05152

0.01681

0.01329

0.00156
-0.00296
-0.00991
-0.N1420
-0.01972
-0.02377
~0.02077
-0.03268
~0.03734
~0.041 43
-0.04655
-0.05103
-0.05T13
-0.06220
-0.068135
~0.07%13
-0.0893¢6
-0.0%874
-0.09622
-0.09689
-0.09671
~0.09676
-0.0967T5
-0.0967%
-0.09675
~0.09675
-0.N967S
-0.09675
-0.09675
-0.09675
-0.09675
-0.09678
~0.096 T4
-0.09677
-0.NS665
-0.09709
~0.10174
-0.11012
-0.11781
-0.12390
~0.13214
-0.14194
~0.14461
-0.1347

22.5000

-0.02800
-0.02800

45,0000

0.09878

0.10501

0.C7319

0.03893

0.03545

0.02383

0.C1934

0.01244

0.00819

0.00271
-0.00131
-0.00629
-0.01017
-0.01485
-0.01888
-0.02398
—0.02843
-0.03451}
-0.039%6
-0.06569
—-0.05246
-0.06665
-0.07603
-0.07352
—0.07419
-0.07401
—0.07406
~0.07405
~0.07T#05
-0.0740%
-0.07405
—0.074605%
~0.0740S
~0.07605
-0.07405
-0.0740G5
~0.07405
~0.07404
~0.07407
-0.0729¢
-0.07439
~0.07904
-0.08742
-0.09512
-0.1Nn122
-0.10948
-0.11931
-0.1220
-0.11387

45.00C0

~0.05174
~0.05174

67.5000

0.13087
0.13710
0.10561
0.07202
0.06861
0.05715
0.0%5272
0.,04590
0.04169
0.03628
0.03229
0.02736&
0.02351
0.01887
0.01488
0.00981
0.00528
~0,00066
~0.00569
~0.01179
~0.01853
~0.03268
~0.04206
-0.03955
~0.04022
~0.04004
-0.04008
~0.04007
-0.04008
-0.04007
-0.04007
~0.04007
~0.04007
-0.04007
-0.04007
~0.04007
~0.04008
~0.04007
-0.04010
-0.03998
-0.04041
~0.04507
~0.05347
-0.06116
-0.06728
-0.0755%6
-0.08545
-0.0A8189
-0.08003

67.%5000

-0.06760
-0.06760

90.0000

0.16873
0.17496
0.14387
0.11105
0.10772
0.09646
0.09209
0.08538
0.08122
0.07587
0.07191
0.06T05
0.06324
0.05865
0.05469
0.04966
0.04527
0.03927
0.03427
0.02820
0.02149
0.00738
-0.00198
0.00053
—0.00014
0.00004
-0.00001
0.00000
-0.00000
0.00000
~0.00000
-0.00001
-0.00000
-0.00000
-0.00000
0.00000
-0.00000
0.00001
~0.00002
0.00009
-0.00034
-0.00500
—-0.01340
-0.02110
-0.02724
-0.0355%6
-0.04550
-0.06828
~0.064012

90.0000

-0.07316
-0.07316

112.5000

0.20658
0.21281
0.18212
0.15009
0.14683
0.13576
0.13146
0.12485
0.12074
0.11546
0.11157
0.10674
0.10298
0.09843
0.09450
0.08952
0.08514
0.07920
0.07423
0.06819
0.06151
0.06764
0.03809
0.04060
0.03993
0.04011
0.04006
0.04008
0.04007
0.04007
0.04007
0.04007
0.04007
0.04007
0.04007
0.04007
0.04007
0.04008
0.04005
0.04017
0.03973
0.03508
0.02667
0.0189%
0.01280
0.00444
-0.00555
-0.00838
-0.00020

112.%000

-0.06760
-0.06760

135.0000

0.23867
0.24490
0.21455
018318
0.17999
0.16909
0.16484
0.15831
0.15425%
0.14902
0.14517
0.14039
0.136¢t¢
0.13215
0.12826
0.1233¢0
0.11898
0.1130%
0.10811
0.10210
0.09544
0.08140
0.07207
0.07458
0.07391
0.07409
007404
0.07405
0.0740%
0.0T7405
0.07405
0.07T405
0.07405
0.07405
0.07405
0.07405
0.07405
0.07405
nN.0T402
0.07414
0.07371
0.06905
0.060¢64
0.05291
0.04674
0.03836
0.02832
0.02545
0.03363

135.0000

-0.05174
-0.05174

157.5000

0.26012
0.26635
0423621
0.20529
0.20214
0.19135
0.18714
0.18066
0.17664
0.17145%
0.1£762
0.16287
0.1%917
0.1546¢€
0.15081
0.14588
0.14157
0.1356¢
0.1307¢%
0.12475
0.11811
0.10409
0.094717
0.09728
0.09661
0.0967S
0.09674
0.09675%
0.0967%
0.09675
0.09675
0.09675
0.09675
0.09675
0.05675
0.09675
0.09675
0.09675
0.09672
0.09684
0.09641
0.0917S
0.08334
0.07560
0.06942
0.06102
0.05094
0.04B05
0.05624

157.5000C

-0.02800
~-0.02800

180.0000

04267865
0.27388
0424382
0.2130%
0.20992
0.19917
0.19491°
0.18852
0.18450
0.179372
0.17551
0.17077
0.16707
0.16259
0.15872
0.153181
0.14951
0.14361
0.13870
0.13271
0.12607
0.1120¢
0.10274
010525
0.10458
0.1047¢
0.10471
0.10472
0.10472
Q.10472
0.10672
0.10672
0.10472
0.10472
0.10472
0.10472
0.10472
0.10473
0.10470
0.10421
0.1043¢
0.09972
0.09131
0.08357
0.07738
0.06898
0.05889
0.0559S
0.064119

180.0000

-0.00000
-0.00000
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1. 4485
2.1728
2.8970
3.6213
4.3456
5.0698
5.7941
6.5184
T.2426
T.9669
8.6911
9.4154
10.1397
10.8639
11.5882
12.3124
13.0367
13.7610
14.5023
15.2436
15.9849
16.7262
17.4675
1R. 2088
18.9501
19,6914
20. 47327
21.1740
21.9153
22.6566
23.3979
24.17392
24,8805
25.6218
26,3631
27.1044
27.8457
28, 5870
29.131783
30.0696
3N.A109
31.5622
32.2935
32,0348
33.7761
24.5174
36.2587

-0.00000
~0.00000
-0. 00000
-0.00000
-0.00000
-0.00000
—0.00000
~0. 00000
-0.00000
-0.00000
~0.00000
~0.00000
~0.00000
-0.00000
=0.00000
-0.00000
-0.00000
-0.00000
-0.00000
~0.00000
0. 00000
«0.00000
=0.00000
=0.00000
-0.00000
~0.00000
~0.00000
~0.00000
-0.00000
=0.00000
=0.00000
=0.00000
-0.00000
-0.00000
-0.00000
~0.00000
-0.00000
-0.00000
=0.00000
~0.00000
-0.00000
-0.00000
-0.00000
~0.00000
=0.00000
-0.00000
-0.00000

-0.02R818
~0.03394
-0.03384
-0.03527
—0.03545
~0.03615
~0.03641
~0.03690
~0.0371%
=0.03758
-0.N3784
-0.02822
-0.03853
-0.03886
-0.03920
~0.03956
-0.03998
~0. 04034
-0.04082
~0.,0413¢%
~0.06229
~0.04270
~0.04281
-0.046269
~0.04246
-0.046217
-0.04186
-0.041¢%7
-0.,0413}
-0.04108
-0.040%0
-0.064075
~0.064063
-0.060%5%
-0.04047
-0.06041
-0,04038
~0.04035
-0.04032
-0.04040
-0.04073
—0.04125
-0,046181
-0.04234
—0.046294
—N.04341
-0.04328

~0.05202
-0.06275
-0.06252
~0.06%518
~0.06%50
-0.06680
-0.06728
-0.06818
-0.06870
~0.06944
-0.06998
~0.07063
~-0.07119
-0.071R0
~0.07244
-0.07309
-0.07387
=0.07454
~0.07543
~0.07643
-0.07814
-0.07891

-0.C7910
-0.07829
~0.07R45
-0.07791

-0.07735
-0.07¢8}

—0.07632
-0.07591

-0.07556
-0.07529
-0.07507
=0.07490
-0.07477
~0.07468
~0.07T&61
~0.07455
-0.07451

-0.07464
-0.07526
~0.07622
~0.07726
-0.07823
-0.67935
-0.08020
-0.079%

-0.06797
-0.08193
-0.0R168
~0.0A514
~0.0A559
-0.08728
~0.08790
-0.08909
-0.08976
-0.09073
~0.09144
~-0.09228
-0.09301
-0.09382
~0.09465
-0.09550
~0.096%1
-0.09739
-0.09856
-0.0998%6
-0.10210
-0.10310
~0.10335
-0.10307
~0.10251
-0.10180
-0.10106
-0.10036
~0.09972
-0.09918
-0.09873
~0.09837
~0.09808
-0.09786
-0.09770
~0.09757
~0.09T748
~0.097 41
-0.09735
-0.09753%
-0.09833
-0.09%960
—0. 10094
-0.10222
-0.10367
-0.10479
~0.10449

-0.07357
-0.08874
-0.08842
-0.09218
~0.09264
~0.09447
~0.09515
~0.09643
~0.09716
-0.09820
~0.09897
-0.09988
~0.10067
~0.1015%
-0.10245
-0.10337
—0a10467
-0.10542
—0.1066%
-0.10809
-0.11051
-0.1115%9
~0.11184
-0.1115%8
-0.11095%
-0.11019
-0,10939
-0.10862
-0.10794
~0.10735
-0.10686
~0.10647
-0.106106
-0.10592
-0.10574
-0.10561
-0.10551
~0.10543
-0.10537
~0.10556
=0.10643
=0.10790
~0.10926
-0.11064
~0.11222
-0.11342
-0.1130%

-0.06797
-0.08198
-0.0816A8
-0.08516
~-0.08559
~0.0872R
-0.08790
-0.08909%
-0.08976
-0.09073
~0.09144
~0.09228
~0.09301
~0.09382
~0 09465
-0.09550
—0.09651
-0.09739
-0.09856
~0.09986
-0.10210
-0.10310
—0.10335%
-0.10307
~-0.10251
-0.10180
-0.10106
-0.10036
-0.09972
~0.09918
-0.09873
~0.09837
~0.09803
-0.09786
~-0.09770
-0.09757
-0.09749
~0.0974l
-0.097135
-0.09753
~0.098133
~0.09960
-0.10094
-0.10222
~-0.10367
-0.10479
~0.10448

-0.052062
-0.0427S
-0.06252
~0.06518
-0.0655C
-0.06420
-0.06728
-0.04918
-0.0687C
-0.06%64
-0.06998
-0.070¢13
-0.07119
-0.07180
~0.07244
-0.07309
-0.07327
~0.07454
~0.07543
~0.07643
~0.0T814
-0.07891
~-0.07910
~-0.07889
~0.07845
-0.07791
~-0.07725
-0.07681
-0.07632
-0.07%91
-0.07556
-0.07529
-0.07507
-0.07450
-0.07477
~0.074¢8
-0.074¢€1
-0.07455
-0.074%1}
-0.076¢ts
-0.07%2¢
-0.07623
-0.07726
-0.07822
-0.0792¢
-0.0802¢
-C.0799¢

-0.02816
-0.0339%
~0.03384
-0.035217
-0.03545%
-0.03415
~0.03641
-0.03690C
~-0.03718
-0.03758
-0.037Re
~0.03822
-0.038%13
-0.03386
~0.03920
~0.0395¢
~0.0399¢
~0.04034
—-0.04082
~0.04136
~0.04225
-0.0427C
~0.0627]
~0.0426S
-0.04246
~0.04217
~0.04186
-0.04157
—-0.04131
~0.0410%
-0.0409C
-0.0407S
~0.04062
=C0.04054
—C.04047
-0.04041
~0.040238
~(.0403%
-0.04032
=0.0+040
~0.0&N72
~0.0412%
~0.0419]
~D.D42 2
~0.042%4
006341
~0.043028

~0.000C9
~0.00000
~0.20000
-0.0000G
=0.00000
- 0.00000
-0.€0009
-0.00000
-0.0000C
~0.00000
-0.000N0
-0.0000C
=0.00000
-0.00000
-0.00000
-0.60G0Q
-0.00000
=0.000"0
~0.C0C00
=0.00000
-0.00000
-0.600%0
-0.00900
-0.00000
-0.€0000
-C. 00000
-N.00000
=-0.0%00C
-0.0000C
~0.00000
-0.C00CC
=0.00002
-0.000C0
~0.09006G
=C.0000C
=0.00000
~0.02000
~Q.conce
=0.00000
-0.00000
-0.000C
-0.02020
-0.03000
=0.Connn
-0.C0010¢
=-0.00000
-C.2000C



L9¢

VELOC1TY COMPONENTS ON WING PANELS DUE TO BODY PANEL PRESSURE SINGULARITIES

Ax TaLtu)
SPANWISE STATION 1

CHORCWISE STATION
-0.00162
0.00068
0.00648
06.01016
0.00599
0.0037%
0.00377
0.00073
0.00132
-0.003R9

o N R N R

—

TOANSVERSE(V])
SDANWISE STATION 1

CHIROWISE STATION

0.00452
0.00072
-0.01002
-0.01793
-0.01586
-0.01600
-0.01924
-0.01760
-0.02023
-0.01327

ORI ANE Ny

VEATICAL(W)
SPANWISF STATION 1

CHAREWISE STATION

0.02600
0.04572
0.06508
0.0R5466
0.1035S
0.12660
0.14709
0.16568
0.18273
0.19324

D0V NP AL w9~

0.0NN33
0.00436
0.00803
0.00300
0.001 36
0.00145
~0.00045
0.00037
-0.0029%
-0.0024A

0.0n007
-0.00673
-0.01350
-0.00745
-0.00620
~Q.00743
~0.00529
-0.00690
~0.00169
~0.00168

0.01023
0.01432
0.01802
0.022146
0.028T70
0.03253
0.03801
0.04265
0.04543
0.0&4899

0.00319
~0.00288
n.o01687
0.00032
0.00048
-0.00081
0.00004
-0.00257
-0.00115
-0.00159

-0.00488
0.00337
~N.C26R4
~0.00264
-0.00337
-0.00166
~0.00306
0.00113
- 0.00059
0.000¢2

0.006R3
0.00763
0.01118
0.01399
0.01633
0.01768
0.02102
0.02247
0.02449
0.02524

0.00195
0.00126
0.0005%0

~0.00016
0.00014

-0.00025

-0.00183

~0.00141

~0.00266
0.00019

-0.001352
~-0.0029%2
-0.00210
~0.00136
-~0.00189
~0.0013S

0.00127

0.00089

0.00317
-0.0007%

0.00500
0.0n682
0.00880
0.01025
0.01187
0.01328
0.01421
0.01548
0.01594
0.01706

0.00179

0.00064
-0.00035
~0.00074
-0.00340
~0.00154
-0.00132
-0.00223
-0.00029
-0.00079

~0.00341
-0.001A49
-0.00056
-0.00001
0.00397
0.00140
0.0012%
0.0029¢
0.00023
0.00109

0.00497
0.00627
0.00727
0.00844
0.00936
0.01007
0.0109s
0.01130
0.01201
0.01215

0.00086
-0.00021
~0.00025
-0.00242
-0.00137
~0.0045%
-0.00190
~0.00043
-0.00063

0.00097

-0.00199
-0.00047
-0.00042
0.00287
0.00145
0.0N0633
0.00264
0.00056
0.00095
—0.00144

0.00480
0.N00554
0.0063R8
0.00693
0.007686
0.00813
0.00857
0.00907
0.00916
0.00942

-0.00018

9.000023
-0.00162
-0.00129
-0.00320
-0.00167
-0.00049
-0.00056

0.0007T0

0.00030

~-0.00031
-0.00063
0.00188
0.0015]
0.00449
0.00240
0.00072
0.00087
-0.00101
~0.00042

0.00443
0.00511
0.00556
0.0060%
0.00629
0.00680
0.00718
0.0072¢C
0.00737
0.00747

0.00012
-0.00122
-0.00117
-0.00277
-0.00152
-0.00010
-0.00051

0.00046

0.00031

0.00001

-0.00064
0.0015%
0.00144
0.00395
0.00223
0.00016
0.00083

-0.00066

—0.00044

~0.00001

0.00422
0.006457
0.00502
0.00522
0.00557
0.0058¢
0.00584
0.00597
0.00605
0.00591

-0.00147
~0.00112
-0.00266
=0.00135
~0.00022
-0.00057
0.00049
0.0003Q
0.00002
0.00006

0.00189
0.001 44
0.0038%
0.00201
0.00035
0.00091
=0.00069
~0.00042
-0.00001
~0.00004

0.00386¢
0.00424
0.00437
0.00472
0.C0407
0.00487
0.C0500
0.005n2
0.00488
0.00484

10

-0.00103
-0.00249
-0.00144
-0.0C108
-0.00010
~0.00C43
0.00C29
0.06049
0.00018
0.00C18

1c

0.00139
0.0C363
0.00213
0.00164
0.00019
0.0CC68
~0.00C37
-C.06070
~0.00C24
-0.00627

10

0.CC24A
0.00351
0.00368
0.00285
C.00393
0.00391
0.004C2
0.0C4«00
0.00400
000401



VELOCITY COMPONENTS ON WING PANELS DUE TO BODY LINE SCURCES AND DOUBLETS

AXTAL(U)
SPANWISE STATION 1

CHORCWISE STATION

0.01160
0.01424
0.00970
0.00877
0.00T1A
0.00604
0.00516
0.00442
0.00382
0.00333

DLW N RPN

-

TRANSVERSE(V)
SPANWISE STATION 1

CHORCWISE STATION

0.00943
0.00100
0.00407
0.00:249
0.00235
0.00187
0.00128
0.00072
0.00014
10 ~0.00045

L® NP VNE IN—

899

VERTICAL{W]
SPANWISE STATION 1

CHORCWISE STATION

0.06109
0.06317
0.06277
0.06264
0.06200
0.06133
0.06071
0.06017
0.05976
0.05946

DOD A>T NE NI

-

0.01127
0.00795
0.00699
0.00588
0.00496
0.00427
0.00369
0.00321
0.00282
0.00250

-0.00701
-0.00408
-0.00436
~-0.00411
-0.0039
-0.00399
-0.00404
~0.00414
~0.00428
~0.00445

0.02978
0.02928
0.02888
0.02835
0.02783%
0.02739
0.02703
0.02675
0.02654
0.02640

0.006RT
0.00583
0.00%502
0.00425
0.00368
0.00320
0.002R0
0.00247
0.00220
0.00197

-0.00%46
-0.00502
-0.00473
—0.00438
-0.00421
~0.00410
-0.00404
-0.00403
-0.00405
-0.00410

0.01711
0.01671
0.016320
0.01591
0.01559
0.01533
0.01513
0.01498
0.01487
0. 01480

0.00506
0. 00439
0.00374
0.00324
0.00283
0.00250
0.00221
0.00198
0.00178
0.00161

—0.00487
-0.00454
—-0.00412
-0.00388
-0.00370
-0.00358
~0.00350
-0.00345
-0.00344
-0.00344

0.01098
0.01066
0.01035%
0.01011
0.00991
0.00978
0.00964
0.00956
0.00950
0.00946

0.00392
0.00335
0.00291
0.00255
0.00226
0.00201
0.00180
0.00162
0.00147
0.00135%

-0.00423
-0.00380
-0.00352
-0.00332
-0.00316
-0.00305
-0.00298
-0.00293
~0.00290
-0.00290

0.00755
0.00731
0.00712
0.00696
0.00684
0.00675
0.00668
0.00663
0.00660
0.00657

0.00304
0.00265
0.00233
0.00206
0.00184
0.00165
0.00150
0.00136
0.00125
0.00112

-0.00351
-0.00322
-0.00300
~0.00283
-0.00271
~0.00261
-0.00255
-0.00250
-0.00248
-0.00242

0.00546
0.00530
0.00518
0.00508
0.00501
0.00495
0.00491
0.00488
0.00486
0.00484

0.00243
0.00214
0.00190
0.00170
0.00153
0.00139
0.00126
0.00116
0.00106
0.00167

~0.0029¢
~0.00274
-0.00257
~0.00244
~0.00234
-0.00226
~0.00220
-0.00217
-0.00213
-0.00316

0.00412
0.00401
0.00353
0.00387
0.00383
0.00379
0.00377
0.00374
0.00372
0.0037%

0.00199
0.00177
0.00158
0.00143
0.00130
0.00118
0.00109
0.00101
0.00178
0.00397

-0.0025%
-0.00236
~0.002223
~0.00212
~0.00204
-0.00197
-0.00192
-0.00191
-0.00317
-0.006€5

0.00321
0.00314
0.0030%
0.00305
0.00302
0.00300
0.00258
0.00297
0.00300
0.00309

0.00165
0.00148
0.00134
0.00122
0.00111
0.00102
0.00097
0.00191
0.00403
0.00543

-0.00219
-0.00205
-0.0015%
-0.00186
-0.00179
-0.00174
~0.00175
-0.00325
~0.00662
-0.00900

0.002%8
0.00253
0.00250
0.00247
0.00245
0.00244
0.00242
0.0024¢€
0.00253
0.00253

1c

0.00136
0.00127
0.00119
0.00112
0.0010%
0.00100
0.00093
0.00090
0.00117
0.00220

10

-0.00185%
-0.00178
-C.00172
~0.0C167
-0.00162
-0.00159
-¢.00153
-0.00153
-0.00198
-0.00358

1C

€.00199
0.C0197
0.00195
0.00194
0.00192
0.0C191
0.00190
0.0C190
0.CC190
0.00194



692

VELNCITY COMPONENTS ON WING PANELS DUE

AXTAL tU)
SPANWISE STATION

CHORCWISE STATION

QO DN NS W

—

TRANSVERSE(V)
SPANMISE STATYTION

CHNRCWISE STATION

DO DNC D N2

—

VERTICAL(W])
SPANWISE STATION

CHPREWISE STATION
1

DOo®NFP AL NN

—

0.08732
0.0530%
0.04340
0.03934
0.03654
0.03577
0.03397
0.03129
0.02686
o.01781

-0.239R9
~0414575
-0.11923
-0.10808
-0.10039
-0.09827
-0.09333
-0.08567
-0.07380
-0.04893

-0.19182
-0.213¢1
-0.22257
-0.253%2
-0.27027
-0.29265%
-0.31251
-0.32087
-0.34721
-0.35742

0.10456
0.06110
0.04878
0. 04306
0.03994
0.03666
0.03334
0.02890
0.02207
0.01315

-0.28726
-0.16786
-0.13401
-0.11830
-0.10973
-0.10073
~0.091%9
-0.07941
-0.06062
-0.03611

—-0.14473
—-0.14832
-0.15162
-0.15%521
-0.16125
-0.16564
-0.16975
-0.1T612
-0.17669
-0.18011

TO WING PANEL PAESSURE SINGULARITIES

0.11606
0.06789
0.05427
0.04699
0.04170
0.03711
0.03223
0.02609
0.01923
0.01120

-0.31885%
-0.18652
-0.14909
-0.12910
-0.1145%55
-0.10196
~0.08854
-0.0T169
-0.05282
-0.03076

-0.12866
-0.12906
-0.13220
-0.13462
~0.13664
-0.13R71
-0.14087
-0.14216
~0.14408
~0.14475

0.12644
0.07433
0.05829
0.04930
0.04271
0.03667
0.03049
0.02425
0.01770
0.01059

-0.34737
—0.20620
-0.16013
—0.13545
—0.11734
-0.10073
-0.08375
-0.06662
-0.04861
-0.02908

~0.12070
-0.12220
~-0.123R7
-0.12508
-0.12650
-0.12775
-0.12857
-0.12976
-0.13%015
~0.13124

0.13618
0.07938
0.06115
0.05076
0.04275
0.03569
0.02937
0.02322
0.01712
0.01008

~0.3T414
~0.21809
~0.16799
-0.13944
—0.11746
-0.09806
-0.08067
-0.06378
-0.04703
-0.02769

-0.11725
-0.11830
-0.11910
-0.12012
-0.12092
-0.12154
-0.12236
-0.12266
-0.12333
~0.12344

0.1445T
0.08339
0.06323
0.05134
0.04248
0.03518
0.02891
0.02304
0.01701
0.01026

-0.39718
-0.22911
-0.17372
-0.14104
-0.11669
-0.09666
~-0.07942
-0.06329
-0.04672
-0.02819

~0.1149R
-0.11557
~0.11628
-0.11673
-0.11738
-0.11780
-0.11820
-0.11867
-0.11873
—-0.11897

0.1515¢
0.08656
0.06459
0.05181
0.04273
0.03513
0.02994
0.024¢3
0.01929
0.01228

-0.41638
~-0.23781
—0.17744
—0.14235
~-0.11738
-0.09815
-0.0822¢
-0.06765
-0.05297
-0.03399

-0.11327
-0.11385
-0.11421
-0.114¢9
-0.11494
-0.11531
-0.115¢7
~0.11566
-0.11582
-0.11554

0.1573¢
0.08917
0.06645
0.05411
0.04651
0.04122
0.03709
0.03113
0.02306
0.01301

-0.43232
~0.24497
~0.1825%
-0.14864
-0.12778
~0.11325%
~0.10190
-0.08552
-0.06335
-0.03572

-0.11215
-0.11242
~0.11284
-~0.11300
-0.11331
~0.113%58
~-0.11354
-0.1136¢
-0.11377
-0.%1371

0.16407
0.094606
0.08029%
0.C6970
0.05846
0.04655
0.03512
0.02447
0.01460
0.00618

-0.45077
-0.26392
-0.2205%5
-0.1914S
~0.16061
-0.12787
~0.09647
-0.06710C
-0.04011
-0.01696

-0.11116
-0.11150
-0.111%%
~0.11191
-0.11204
-0.11202
-0.11214
-0.11219
-0.11213
-0.11209

1C

026144
0.1460C
0.10417
Q.07C89
0.05362
Ca04124
0.03063
G.02002
0.00915
-0.00418

1c

-0.71827
~0.45010
-C.37C67
-Q0.32161
-0.30347
—0.29573
-0.25359
-0.25596
-0.30300
-0.31729

10

~0.11018
-0.11C19
-0-.11€35
-0.11050
-0.11057
-C.11054
~0.11065
-0.11061
-0.11062
-0.11066



VELNCITY COMPONENTS ON WINC PANELS DUE

AXTAL (V)
'SPANMISE STATION 1

CHORCWISE STATION
=0.01440
-0.00055
0.00248
0.00111
0.00358
0.00683
0.00794
0.00975%
0.01198
0.0077&

DOBNONP NN

-

TRANSYERSE(V)
SPANMISE STATION 1

CHORDWISE STATION

-0.00950
-0.03844
-0,0170%
~0.02826
~0.02383
-0.01972
~0.01147
-0.00613
-0.00225
10 0.01124

B BN NPWN -

0Le

VERTICAL{MW)
SPANWISE STATION ]

CHORCWISE STATION
1 0.12128
0.05126
Q.02572
0.00823
~0.0075%6
-0.02223
-0.03307
-0.04051
—0.0477S
-0.05507

DOPM~NENEWON

-0.00890
0.00571
0.00525
0.00890
0.01288
0.01516
0.01569
0.01734
0.01277

-0.00238

-0.00165
-0.03647
=0.03405
-0.03662
-0.03892
~0.03741
~0.03144
-0.02862
-0.01487

0.01859

0.12101
0.05124
0.02572
0.00823
-0.00756
-0.02223
~0.03307
=0.0405]1
~0.047T5
~0.05507

~0.00478
0.00660
0.01117
0.01577
0.01916
0.02120
0.02170
0.01654
0.00819
~0.00373

=0.00346
~0.03468
~0.04107
-0.046R]
~0.04981
=0.04929
~0.06452
-0.0323%
-0.0130]

0.01863

0.12101
0.05124
0.02572
0.00823
~0.00758
-0.02223
-0.03307
~0.0405]
~0.0477S
~0.05507

TG WING SOURCES

-0.00453
0.01170
0.01686
0.02102
0.02421
0.02638
0.02003
0.01377
0.00736

~0.00400

-0.00193
-0.04112
~0.04940
-0.05540
—0.05906
-0.05935
~0.04472
~0.02989
-0.01300

0.01804

0.12101
0.05124
0.02572
0.00823
-0.007%6
~-0.02223
-0.073307
~0.04051
—-0.04775
-0.05507

0.00006
0.01665
0.02146
0.025%9
0.02894
0.02410
0.01817
0.01324
0.00726
-0.00576

-0.00797
~0.04835
-0.05674
~0.06325
~0.06754
-0.05767
-0.04303
-0.0299%
-0.01356

0.02012

0.12101
0.05124
0.02572
0.00823
~0.00756
=0.02223
~0.03307
~0.04051
~0.04775
-0.05507

0.00447
0.02079
0.02562
0.02983
0.02619
0.02278

0.01782.

0.01324
0.00553
-0.00654

~0.01444
~0.05488
~0.06370
~0.07074
~0.06463
<0.05646
-0.04314
~0.03049
~0.01139

0.02100

0.12101
0.05124
0.02572
0.00a23%
~0.00756
=-0.02223%
-0.03307
~0.04051
-0.04775
-0.055Q07

0.00827
0.024¢4
0.02955
0.02670
0.02523
0.02257
0.01753
0.01153
0.00486
~0.00698

-0.02028
-0.06121
~0.0T048
-0.06693
=-0.06377
-0.05663
~0.04314
-0.02825
~0.01062

0.02147

0.12101
0.051 24
0.02572
0.00823
-0.007%6
-0.02223
-0.033G7
-0.040%1
-0.04775
~0.05507

0.01187
0.02832
0.02611
0.02599
0.02511
0.0220C
0.01797
0.01510
0.0095&
-0.00204

-0.02624
-0.06746
-0.06598
-0.06631
-0.06398
-0.05614
~0.03854
-0.02017
-0.00006

0.02342

0.12101
0.05124
0.02572
0.00823
-0.00756
-0.02223
~0.03307
-0.04051
~0.04775
-0.05507

0.0139¢
0.02461
0.02751
0.03168
0.03137
0.02799
0.02221
0.01631
0.00830
-0.00606

-0.02998
-0.06239
~0.06220
~0.05424
-0.04508
~0.03320
~0.01699
-0.00217

0.014%6

0.04341

0.12101
0.05124
0.02572
0.C0823
~-0.00756
-0.02223
-0.03307
~0.04051
-0.04775
-0.05507

10

0.02115
0.03324
C.02262
0.03260
0.03163
0.03C05
0.02576
0.01504
0.01327
0.0ca18

10

~-0.03721
-0.07989
~0.08955
~0.0%852
~0.10480
~0.10924
~0.11148
~0.11188
~0.11281
-0.11386

1cC

0.12101
0.05)124
0.02872
0.Qce2s
-0.00756
-0,02223
-C.03307
~0.04051
~0.04775
-0.05507

-



1LC

VELNCITY COMPONENTS ON BNNY PANELS DUE TO RODY PANEL PRESSURE SINGULARITIES

AX 1AL (U}
THETA(DEG.?

0w NO.

D ~NO NN

o

1o
1!
12
13
14

TAANSVFRSELV]
THETA(TDES.)

oW NT.

DN DE s

el

10
11
12z
12
14

VEDTICAL (W)
THEYTALDFEGL)

arw NO.

12.5000

0.00000
0.00002
0.00191
0.00373
0.00523
0.0Nn696
0.00R?7
0.010¢3
0.01071
0.01056
0.01035
0.0 234
0.00RY2
0.00461

12.5000

-0.00000
-0, NO009
O.00044
0.0073]
~«0.001 74
~0.00240
-0.00029
-0.00153
-0.00110
-0.002%
-0.00 4%
~0.0n473
-0.0116?
-0.01477

12.5000

0.00000

0.000n?
-0.00214
-0.00479
-0.003%4
-0.00345
-0.00326
_0.0(\116
-0.003RE
0,000
-0.00035
-0.02873
-0.04257
~0.05510

37.5000

a.00001)
0.00086
0.00112
0.00749
Q.N1032
Q0.01067
0.N1164
0.01159
0.11195
0.01213
0.01055
0.01075
0.00693
a.003p4

37,5000

-0.00001

0. 00008
-0.00210
-0.002%54
=0.00432
~-N.0NA04
-Q.NCP4L3
-N.01098
~0.01406
~0.01497
-0.07339
~0.03467
-0.04554
-0.05231]

37.5000

0. 0000)
-Q.0NO0k
n.nnl 71
-0.00544
-0.00732
-0.N0687
-0.011%2
-0.N12Q7
-0.0181%
«N,NY1R2S
-n.02579
~0.04211
-0.05074
-0.06010

£2.5000

0.00003
0.001R8
0.00864
0.01312

N.01549

0.01737
0.01505
N.01500
0.01474
0.01421
0.00945
0.00494
0.00448
0.00233

62.5000

-0.00003
-0.00118
-0.00471
-N.C1TRO
-0. 02827
-0.03908
—0.04989
-0.05969
-0.07121
-0.0R0PY
~0.10177
-0.11093
-0.120¢)
~0.127c2

52.5000

0.0000¢
0.00125
-0.00367
-0.0075%
-0.01213
~0.01917
~0.0234AR
-0,02%18
-9.03301
-0.0392%
-0 NLR34
-0.05%72
-0.05825
~0.06%51

88.7967

0.00157
0.01869
0.01959
0.072432
0.024R7
06.023%52
Q9.02275
0.01999
0.01773
0.01525%
0.00297
~-0.00197
0.00076
0.00020

848.7967

-0.00521
-0.05481
~0.10807
-0.16279
-0.21270
-0.25731
-0.30072
—0a34145
-0.37870
-0.41038
—0.42632
-0.422964
-0.42403
—0.41451

A/, 7967

~0.00213
~0.0085%
-0.01227
-0.01936
-0.02283
-0.03152
-0.031R3
~-0.0%A47
-0.04296
~0.0646%3
-0.04004n
-0.05151
-0.05077
-0.10674

116.0950

-0.0n919
-0.02887
-0.02301
~0.01624
-0.01374
~0.01513
~0.0165%4
~0.015666
-0.01679
-0.01567
-0.01311
-0.00752
-0.00311
-0.00187

116.9950

0.0192%
0.07330
0.1152}
0.14329
0.17291
0.20434
0.23366
0.26137
0.28729
0.31072
0.34123
0.35369
0.35963
0.33443

116.0950

-0.01003
~0.N4184
~0.086819
~-0.03609
-0.11022
-0.12748
~0.14559
-0.163R3
-0.18209
-0.19559
-0.21321

-0.21987
-0.22382
~0.27T143

142.5000

-0.00091
-0.00287
-0.01412
-0.00639
-0.01207
-0.01649
-0.01731
-0.01R1%
-0.0185¢4
-0.01862
-0.01619
-0.01062
~0.00647
~0.00345

142.5000

0.00148
0.00122
0.00488
0.00404
0.01354
0.02431
0.03397
0.04130
0.04935
0.05%880
0.074l8
0.08204
0.08T71%
0.09281

142.5000

0.00111

0.00623
-0.00686
-0.0105%
-0.02062
-0.03102
-0.06199
-0.0%429
~0,066463
-0.07T714
~-0.0%522
-0.10650
-0.11472
-0.12654

167.5000

-0.00028
-0.00078

0.0045¢8
~0.00849
-0.01358
-0.01586
-0.01767
-0.01809
-0.01922
-0.01935
-0.01871
-0.01215%
-0.00830
-0.00420

167.5000

0.00021
0.0005%56
0.00131
~0.N0525
-0.00131
0.001¢1
0.0042¢
0.00616
0.00878
0.01132
0.0161%5
0.01914
0.02117
0.024C9

167.5000

0.000C7
0.00012
0.01779
0.01144
0.003C«
-0.00627
-0.01653
-0.027A7
-0.03911
-0.05016
-ND.0730R
-0.083725
-0.09328
-0.1057S



VELOCTITY COMPONENTS DN 8ODY PANELS DUE TO WING PANEL PRESSURE SINGULARITIES

AXTAL LU
THETA{DEG.} 12.5000 37.5000 62,5000 88,7947 116.0950 142.5000 167.5000
RCW NO.
1 0.00000 0.000C0 0.00000 0.02156 ~0.01471 0.00000 0.00000
2 0.00000 0.00000 0.01393 0.02308 -0.01590 -0.00937 0.00000
3 0.00454 0.01110 0.01518 0.02052 -0.01437 -0.01009 -0.00946
4 0.01258 0.01354 0.01606 0.01941 -0,01385 -0.01222 -0.01087
S 0.01335 0.01452 0.01760 0.01905 -0.01381 -0.01248 -0.01105
Y 0.01364 0.01566 0.01750 0.01843 ~0.01340 -0.01270 -0.01150
7 0.01503 0.01566 0.01727 0.0177¢ —0.01294 -0.01259 -0.01205
8 0.01532 0.01609 0.01711 0.01697 =-0.01241 -0.01267 -0.01210
9 0.01522 0.01608 0.01701 0.01556¢ -0.01148 -0.01249 -0.01198
10 0.01535 0.01601 0.01%97 0.01257 -0.00943 -0.01188 -0.011S51
1 0.01418 0.01368 0. 00993 0.00407 -0.00350 -0.00777 -0.01012
12 6.00871 0.00769 0.00552 0.00211 -0.00184 -0.00441 -0.00560
13 0.00528 0.00477 0,.00340 0,00125 -0.00112 -0.00275 -0.00344
14 0.00355 0.00308 0.00221 0.00082 -0.0006%9 —0.00176 -0.00222
TRANSVERSE(V)
THETA(DEG.) 12.5000 37.5000 62,5000 88.7967 116.0950 142.5000 167.5000
2CW NO.
1 -0.00000 -0.00000 -0.00000 0.01798 -0.02638 -0.00000 -0.00000
2 -0.00000 -0.00000 0.00908 0.08085 -0.08420 -0.01327 -0.00000
o 3 0.00427 0.01092 0.02426 0.13477 -0.13002 —0.02688% -0.00794
-3 & 0.00369 0.01478 0.03772 0.18068 -0.168866 -0.03529 -0.00885
Do s 0.00523 0.01932 0.05093 0.22301 -0.20511 -0.04562 -0.01128
6 0.00693 0.02601 0.06438 0.26230 -0.23910 -0.05609 <0.01438
7 0.00936 0.03154 0.07701 0.30003 -0.27176 -0.0656T7 -0.01677
L] 0.01064 0.N3700 0.08876 0.33579 -0.30245 -0.07429 -0.01921
? 0.01220 0.04244 0.10065 0.36870 -0.33054 -0.08305 -0.02155
10 0.011396 0.046794 0.11116 0.39634 -0.35328 -0.09084 -0.02409
11 0.01618 0.05561 0.12538 0.41924 -0.326915 -0.09909 -0.026S%7
12 0.01743 0.05845 0.12986 0.42185 -0.37102 —0.10161 -0.0273&
13 0.01805 0.06060 0.13251 0.42305 -0.37197 -0.10303 -0.02786
14 0.01852 0.06170 0.13402 0.41394 ~0.34083 -0.10142 -0.02778
VERTICAL(MW)
THETACDEG.) 12. 5000 37.5000 62,5000 88,7967 116.0950 142.5000 167.5000
R0OW NO.
1 -0.00000 -0.00000 -0.00000 -0.04313 -0.01954 -0.00000 -0.00000
2 -0.00000 -0.00000 -0.02331 -0.07136 -0.014%8 -0.01075 -0.00000
3 -0.00562 -0.01629 -0.03031 -0.07704 0.00066 -0.00865 -0.006%9
4 -0.01324 -0.01841 -0.03371 -0.07878 0.01676 —0.00428 -0.00220
s -0.011€62 -0.01748 -0.03440 -0.07607 0.03537 0.00300 0.00425
& —0.00905 -0.01608 -0.03214 -0.07253 0.05426 0.01135 0.01091
T -0.00692 =-0.01290 -0.02928 -0.06870 0.07291 0.02016 0.01820
L} ~0.00320 -0.00961 -0.02588 -0.06384 0.09159 0.02934 0.026236
9 0.00093 ~-0.00559 -0.02162 -0.056%6 0411092 0.03839 0.034¢3
10 0.005?29 ~0.00105 <-0.01%89 ~0.04552 0.13085 0.04902 0.04299
11 0.01630 0.01148 0.00347 -0.01032 0.16733 0.07186 0.06131
12 0.03157 0.02874 0.02157 0.01030 0.18712 0.08932 0.0783)
13 0.04744 0.04094 0.03474 0.02463 0.20099 0.10194 0.0902%

14 0.05538 0.05435 0.05307 0.09444 0.259T0 0.11978 0.10431



€L%

VELNCTTY COMPONENTS
AXTALtU)
THETA(CEG.)

RCwW NQ.

DN S 8N

0

10
11
12
12
14

TRANSVERSE(V)

THETALDEG.L)

ArW NO,

O 9> NP N~

10
1
12
13
16

VERTICAL (W)

THETA(CFG.)Y

RCW NT,

IR -BEVED AR A

ON BODY PANELS DUE TO WING SOURCES

12.5000

-0.00000
-0.00000
-0.0062¢
-0.011331
-0.0109}
-0.00818
-0.00529
-0.00221
0.00093
0.00364
0.00839
0.00375
0.00145
0.00066

12.5000

-0.00000
-0.00000
-0.00552
~0. 00003
~0.00004
-0.00006
0.00004
0.00020
0.0003%6
0.00042
0.00080
~-0.00007
0.00015
0.00013

12.5000

-0.00000
-g.00000
0.00799
0.0164R
0.N143R
0.01150
0.00817
0.00439
0.00038
~0,00224
~Q.00995
~0.00%19
-0.0023%3
-0.00114

37.5000

-0.00000
-0.00000
-0.0087?2
-0.0121R
-0.01024
-0.00731
-0.004624
-0.00106
0.00191
0.00460
0.00937
0.00358
0.00132
0.00060

37.5000

-0.00000
-0.00000
-0.00751
~0.0n175
~-0.00082
-0.00063
-0.00016
0.00049
0.0N104
0.00147
0.0028A8
0.00004
0.00056
0.00041

37.5000

~0.00000
-0.00000
0.01258
0.001616
0.01391
0.01064
0.00650
N.0N02213
-0.00183
-0,NN559
-0.01261
~0.00492
-0.00212
-0.00100

62.5000

-0.00000
-0.01171
-0.00R64
~0.0097S
-0.00846
-0.00524
~0.00194
0.00113
0.0038%
0.00647
0.00517
0.00314
0.C0109
0.000%0

62.5000

-0.00000
-0.00686
~0.01104
~0.00658
-0.00351
-0.00233
-0.00072
0.00107
0.00267
0.00409
0.00416
0.00089
0.00115
0.00072

62.5000

-0.00000
0.02006
0.01761
0.01563
0.01207
0.0071R
0.00204

-0.C00283

~-0.00704

-0.01098

-0, 00R4S

~-0.00393

~0.00154
~0.00064

88.7967

-0.01746
-0.01010
-0.00561
~0.00643
-0.00500
-0.00167
0.001319
0.00388
0.00637
0.00884
0.00283
0.00253
0.00088
0.00043

88.7967

=0.01254
~-0.02478
-0.02496
~0.01576
-0.00800
-0.00239
0.00340
0.00848
0.01285
0.01681
0.00863
0.00215
0.00163
0.00086

88. 7967

0-03411
0.02711
0.01797
0.01123
0.00463
-0.00210
-0.00R09
-0.01259
-0.01662
-0.02050
-0.00371
—0.00118
-0.00017
0.00017

116.0950

-0.01483
-0.00962
-0.00578
-0.00803
-0.00560
-0.00228
0.00079
0.00338
0.00593
0.00845
0.00350
0.00244
0.00091
0.00044

116.0950

-0.01880
-0.02598
-0.02455
-0.01283
-0.00639
-0.0n0T1
0400499
0.00980
0.01394
0.n17T78
0.00687
0.00175
0.00123
0.00058

116.0950

-0.02338
-0.01888
-0.01283
—-0.00866
-0.00395
0.0008R1
0.00509
0.00836
0.01132
0.01416
0.0N291
0.0009%6
0.00014
-0.00015

142.5000

~0.00000
-0.01002
-0.00773
-0.01140
-0.00845
-0.00529
-0.00206
0.00102
0.00380
0.00635
0.00597
0.00273
0.00108
0.00051

142.5000

-0.00000
-0.01151
-0.01352
-0.00401
-0.00269
-0.00114
0.00073
0.0025%
0.00392
0.00526
0.00276
0.00082
0.00075
0.00044

142.5000

-0.00000
-0.01357
«0.01175
-0.017219
~0.00906
-D.00559
-0.00193
0.00159
0.00469
0.00757
0.00636
0.00280
0.00117
0.00049

167.5000

-0.00000
-0.00000
-0.01313
-0.01228
-0.00946
-0.00652
-0.00341
-0.00019
0.00280
0.00521
0.00956
0.00289
0.00119
0.0005¢

167.5000

~-0.00000
-0.00000
-0.00318
-0.00102
-0.000¢&9
~0.00020
0.00020
0.00072
0.0010?
0.00139
0.00228
0.00020
0.00023
0.00015

167.5000

-0.00000
-0.0000C
~-0.01298
-0.012%9
~0.01024
-0.00754
~0.00450
-0.00122
0.00190
0.006¢4
0.00988
0.00329
0.00149
0.000¢9



vLg

PRESSURES. FOR

co = 0.00130

800Y PRESSURE

THETA(DEG.]
X

0. 0000
0.7243
1.4485
2.1728
2.89T0
3.6213
4. 3456
5.0698
S. 7941
6.5184
T.2426
T7.9669
8.6911
9. 4154
10.1397
10.8639
11.5882
12.3124
13.0367
13. 7610
14.5023
15.2436
15.9849
16.7262
1T.4675
18.2088
18.9%01
19,6914
20.4327
21.1740
21.9153
22.65606
23.3979
24.1392
24.8R0%
25.6218
26. 3631
27. 1044
27. 0457
28.5870
29.3283
3N, 0696
30.8109
31.5522
32.2938
33,0348
33.7761
34.5174
35,2587

CESy AND MOMENTS ON

cL =

COEFFICEENTSICP)
0.0000

0.06332

0.06892

0.03372

0.00738

0.01318

0.0039%

a.o00386
-0.00053
-0.00174
-0.00478
-0.00610
-0.00869
-0.00982
-0.01211
-0.0134)
-0.01601
-0.01743
-0.02077
-0.02210
-0.02476
-0.02727
-0.03820
~0.03942
-0.02689
~0.02161
—-0.01660
—0.0133
-0.01089
-0.00917
-0.00792
-0.00701
-0.00632
-0.00578
-0.005313
~0.0049%
-0.004&62
-0.00431
~0.00402
-0.00379
-0.00339
-0.0n371
-0.00881
~0.016132
~-0.02026
-0.02060
-0.02260
-0.02435
-0.01577

0.00286

0.00399

22. 5000

0.06303
0.07363
0.03851
0.01100
0.01663
0.00705
0.00683
0.00223
0.00091
-0.00228
-0.00372
-0.00644
-0.00775
-0.01011
-0.01153
-0.01425
-0.01581
~0.01928
-0.02078
-0.02360
-0.02630
-0.03744
-0.03902
-0.02674
~0.02163
-0.01672
~0.01351
-0.01108
-0.0093s
-0.00810
-0.00716
-0.00645
-0.00588
-0.00542
-0.00502
—0.0046T7
-0.00635
-0.00404
-0.00381
-0.00340
-0.00372
-0.00885%
~0.01646
-0.020%9
-0.02115%
~0.02341
~0.02548
-0.01721
0.00124

ISOLATED BODY

CH = 0.00291

45.0000

0.08146

0.08706

0.05217

0.021132

0.0264%

0.01586

0.01528

0.01011

0.00846

0.00482

0.00307
- 0.00004
~0.00168
- 0.00440
-0.00616
-0.00924
~0.01118
-0.01505
-0.01701
-0.02028
-0.02353
-0.03531
-0.0378T
-0.02621
-0.02167
-0.01705
~-0.01400
-0.01163
-0.00991
-0.00860
-0.00760
~0.00672
-0.00619
~0.00566
-0.00521
-0.00481
~0.00446
-0.00412
-0.00387
~0.00365
~-0.00376
-0.00895
~-0.01687
~0.02151
-0.02271
~0.02569
~0.02867
-0.02133
-0.00234

67.5000

0.101%8
0.107T16
0.07261
0.03676
0.04115
0.02905
0.02792
0.02190
0.01975
0.01546
0.01322
0.00953
0.00741
0.00415
0.00188
-0.00175
~0.00426
-0.00872
-0.01138
-0.01530
-0.01939
~0.03211
~0.03616
-0.02565
~0.02174
-0.01756
-0.01474
-0.01246
-0.01073
-0.00936
-0.00826
-0.0073A
-0.00664
-0.00602
<~0.00549
-0.00502
~0.00462
-0.00424
-0.00396
-0.00352
-0.00381
~-0.00910
-0.01747
—0.02289
-0.02505
-0.02912
-0.03346
~0.02749
-0.01020

90.0000

0.12527
0.13087
0.09672
0.056497
0.05849
0.04461
0.04284
0.03580
0.03307
0.02800
0.02520
0.02083
0.01812
0.01423
0.01138
0400709
0.0039]
-0.0012%
~0.00473
~0.00944
-0.01451
~0.02833
-0.03414
-0.02488
-0.02182
-0.01815
-0.01561
—N.01343
-0.01169
-0.01025
-0.00904
-0.00803
-0.00718
-0.00645
-0.00582
~0.00528
-0.00481
-0.00439
-0.00407
~0.00360
-0.00387
~0.00928
~-0.01817
-0.02451
-0.,02781
-0.031315
-0.03910
-0.03478
-0.01830

112.5000

0.14897
0.15458
0.12083
0.07319
0.07583
0.06017
0.05776
0.04970
0.04639
0.04055%
0.03717
0.03213
0.02884
0.02431
0.02084
0.01594
0.01208
0.00622
0.00192
~0.00358
—-0.00963
-0.02456
-0.03212
~0.02412
-0.02189
-0.01874
-0.01648
-0.01441
-0.01266
-0.01113
~0.00982
-0.00849
-0.00771
-0.00687
-0.00615
-0.00553
-0.00500
-0.00452
~0.00417
~0.00368
~0.00393
=0.00946
-0.01888
-0.02614
—0.03057
-0.03719
-0.044T4
-0.04203
-0.02639

135.0000

0.16907
D.17468
0.14127
0.088¢3
0.09054
0.07336
0.07T041
0.0614%9
0.05768
G.05118
0.04733
0.04170
0.03792
0.03286
0.028988
0.02343
0.01900
0.01255
0.00756
0.00139
-0.00549
—-0.02138
-0.03041
-0.02346
-0.02196
-0.0192%
-0.01721
-0.01523
~0.01348
-0.01189
-0.01048
-0.00924
-0.00816
-0.00723
-0.00643
-0.00574
-0.00516
-0.004¢5
-0.00426
-0.00375
~0.00399
-0.00961
~0.01948
-0.02752
-0.03291
~0.04062
=0.04953
-0.04819
~0.0332¢

157.5000

0.18250
0.18810
0.15692
0.098%4
0.1003¢
0.08217
0.0780¢
0.06937
0.06522
0.05829
0.05411
0.04810
0.0435%
0.03857
0.03425
0.02844
0.023563
0.01678
0.01132
0.00471
-0.00272
~0.01922
-0.02926
-0.02303
-0.02200
~0.01958
~0.01771
-0.01578
-0.01402
-0.01239
-0.01092
~0.00962
-0.00847
~0.00747
~0.00662
-0.005R%
-0.00527
-0.00472
~0.00432
-0.00379
—0.00402
-0.00971
-0.01988
-0.02844
~0.03447
-0.04290
-0.05272
-0.05230Q
~-0.03784

180.0000

0.18722
0.19282
0.15972
0.10257
0.10381
0.08527
0.08182
0.07213
0.06788
0.06078
0.05649
0.05035
0.04612
0.04057
0.03613
0.03020
0.02525
0.01827
0.0126%
0.00588
~0.0017%
~0.01847
-~0.02886
-0.02288
-0.02202
-0.01970
-0.01788
-0.0159¢
~0.01422
-0.012%7
-0.01108
-0.0097S
-0.00857
-0.00756
-0.006680
-0.00594
~0.00531
~0.00476
-0.00434
-0.C0381
-0.00403
-0.00574
~0.02002
-0.02876
-0.03502
-0.04371
-0.0538%
~0.0537%
~0.03945



INCREMENT AL PRESSURES, FORCES, AND MOMENTS ON BODY PANELS DUE TO WING

€D = 0.00177

BODY PANEL PRESSURE
THETA( DEG.)

ROM NO.

OD ~NT NP WA -

aOpY PANEL SLOPE(OR/DX)

THETA({DEG.)

Le

C

RCW NO.

DLW~ NP HN

cL = 0.01667
COEFFICIENTI(CP)
12.5000 37.5000
-0.00000 =~0.00002
-0.00004 -0.00112
~0.00039 -0.00699
-0.00599 -0.017T1
-0.01533 -0.02922
-0.02483 -0.03804
-0.03703 -0.04612
-0.064748 ~0.05323
-0.05391 -0.05987
-0.05911 =-0.06550
-0.06585 -0.06719
-0.05160 ~0.06405
-0.02972 -0.02603
-0.017¢3 ~0.01510
12.5000 37.5000
-0.08032 -0.06116
-0,09482 -0.075&6
-0.10224 -0.08308
~-0.10224 -0.08308
~-0.10224 -0.08308
-0.10224 -0.08308
-0.10224 ~0.0B308
~0.10224 -0.08308
~0.10224 -0.08308
-0.10224 -0.08308
-0.10224 -0.08308
-0.10224 -0.08308
-0.10237 -0.0A321
~0.12598 ~0.1n682

62.5000

-0.00006
-0.00800
-0.03037
-0.03885
-0.0492%
~0.05924
-0.06275
-0.0664%
-0.07120
~-0.07329
-0.04911
-0.02720
~0.01790
~0.01010

62. 5000

~0.02643
=0. 04094
~0.04835
~-0.04825
~0.04R35
-0.04835
-0.04R35
-0.04A35
~C.04835
-0.04835
-0.04825
-0.04835
-0.04849

-0. 07209

CM = -0.36313

88.7967

-0.01130
-0.06334
-0.06901
-0.07459
-0.07783
-0.08058
~0.08378
-0.03168
-0.07928
~-0.07342
-0.01974
-0.00533
~0.00577
-0.00291

88,7967

0.01972

0.00491
-0.00257
-0.00257
-0.00257
-0.00257
-0.00257
—-0.00257
-0.00257
-0.00257
-0.00257
-0.00257
-0.00270
-0.02631

116.0950

0.0T745
0.10880
0.08632
0.0762%
0.06639
0.06163
0.05739
0.05137
0.04468
0.03328
0.02623
0.01384
0.00704
0.00424

116.0950

0.06798
0.05348
0.04606
0.04606
0.04606
0.04606
0.04606
06.04606
0.04606
0.06506
0.04606
0.04606
0.04593
0.02232

142.5000

0.00183
0.04453
0.06386
0.06003
0.06600
0.0689%
0.06391
0.05957
0.05445
0.04829
0.03596
0.02459
0.01627
0.00940

142.5000

0.10500
0.09050
0.08308
0.08308
0.08308
0.08308
0.08308
0.0R308
0.08308
0.08308
0.08308
0.08308
0.08295
0.05934

167.5000

0.00055
0.00156
0.03601
0.06327
0.06898
0.067T76
0.06625
0.06076
0.05680
0.05191
0.03773
0.02972
0.02109
0.01174

167.5000

0.1241¢
0.10965
0.10224
0.10224
0.10224
0.10224
0.10224
0.10224
0.10224
0.10224
0.10224
0.10224
0.10211
0.07850



-1

PRESSURES, FORCESs AND MOMENTS ON WING PANELS IN PRESENCE OF BCOY

co = 0.01949 cL = 0.18361

SPANWISE CD DISTRIBUTION(B/20 * DD/DY)
SPANWISE STATION 1 2

0.00186 0.00192

SPANWISE CL OISTRIBUTION(B/20 * DL/DY)
SPANM ISE STATION 13 2

0.01680 0.01779

3

0.00201

3

0.01867

CF = -5.42608

&

0.00208

&

0.01941

UPPER SURFACE WING PANEL PRESSURE COEFFICIENTSICP)

SPANWISF STATION 1 2

CHORCWISE STATION

-0.16579 -0.21452
-0.12484 -0.15824
~-0.124%3 -0.13811
-0.11876 -0.12168
-0.10660 -0.11828
-0.10478 -~0.11510
-0.10168 ~-0.10454
~0.09239 -0.09964
—~0.0R7T99 ~0.06942
-0.05000 -0.02157

PDODNG RIS W~

—

3

-0.24268
-0.15489
—0.1T466
=0.13465
=0.13002
~0.12141
-0.11385
-0.08509
-0.056%4
-0.01570

-0.25782
-0.18337
-0.15877
~0.14681
-0.13998
-0.13059
-0.1n181
-0.07717
~0.N4836
—0.01678

LOWER SURFACE WING PANEL PRESSURE CPEFFICIENTS(CPH)

SPANW TSE STATION 1 2

CHOROWISE STATION

0.18348 0.20371
0 07736 0.08616
0.04907 0.05T701
0.03860 0.0505%6
0.039%6 0.N4148
0.0382] 0.03155
0.03421 0.02881
0.0327A8 0.01598
0.01947 0.01895
0.0212% 0.03102

(=2 RN N A

—

WING PANFL PRESSURE DIFFERFNCE{CL)

SPANWISE STATION 1 2

3

0.2218%
0.11668
0.04242
0.05332
0.03677
0.0270%
0.01538
0.01929
0.01997
0.02910

0.24793
0.11394
0.07438
0.05040
0.N30R7
0.01607
0.02014
0.01984
0.02243
0.02558

5

0.00212

5

0.02002

-0.29390
-0.20003
-0.17035
-0.15633
-0.1«111
-0.12053
-0.09604
-0.07169
-0.05112
-0.00975

0.26083
0.11750
0.07425
0.04670
0.02991
0.02224
0.02143
0.02118
0.91737
0.03058

3

0.00215

]

0.02059

-0.30588
-0.21325
-0.18187
~0.16163
-0.13828
-0.11014
-0.09265
-0.07441
-0.04631
-0.01161

0.27240
0.12032
0.07106
0.04373
0.03162
0.03060
0.02299
0.01774
0.02173
0.02944

7

0.00222

7

0.0214)

~0.32415
~0.22674
~0.18886
-0.15786
-0.13257
-0.11602
~0.09650
-0.07352
-0.05180
-0.01471

0.28208
0.11950
0.06950
0.04940
0.03834
0.02689
0.02328
0.02499
0.02534
0.03480

0.00242

0.02305

—0.34268
~0.23588
-0.18594
-0.15751
-0.142RC
-0.12862
-0.1112¢
-0.09540
~0.06944
-0.02991

0.286T¢
0.12080
0.07984
0.05892
0.04325
0.0362¢
0.03711%
0.02912
0.02280
0.02212

9

0.00260

9

0.02455

~0.35644
—0.24208
~0.21258
~0.20251
-0.18144
~0.14999
-0.11757
-0.€8590
~0.05352
-0.01117

0.29988
0.14217
0.10821
0.07631
0.05240
0.03620
0.€2290
Q.01181
0.00449
0.0115%4

1C

0.00213

10

' C.02015

1c

-0.56583
-0.35%03
-0.27307
-0.20705
-0.17239
~0.14371
~0.11524
-0.08092
~0.04756
~0.01279

10

0.47593
0.22797
0.14360
0.07650
0.04208
0.0212«
0.CCT30
-0.00C84
-0.01CS5%
=0.02550

10



LLg

CHORDWISE STATION
1

OLBPNCWMIr WN

-~

0.34927
0.21220
0.173¢0
0.15736
O.14¢816
0.14309
0.13589
0.12517
0.10746
0.07125

0.41823
Q. 24440
0.19512
0.17224
0.15976
0.14666
0.13335
0.11562
0.08827
0.05259

UPPER SURFACE WING PANEL SLOPE(DZ/DX)

SPANWISE STATION

CHOROWISE STAYION

DO0W NGNS NN

-

1

-0.03734
-0.06962
-0.08838
-0.10461
-0.1199%
-0.13395
—0.14162
—-0.14885
-0.15609
-0.16348

2

-0.03734
—0.06962
~0.0RB38
—0.10461
~0.11995%
-0.13395%
—0.14162
-0.14885
-0.15609
~0.16348

LCWER SURFACE WING PANEL SLOPE(DZ/OX)

SPANWISE STATION

CHORDWISE STATION

OO N> NFWN™

[

1

-0.17210
=0.13982
~-0.12106
~0.10423
~0.08949
-0.07548
~0.06782
~0.086059
-0.0533%
~-0.04594

WING CAMBRER SLOPE(DZ/DXE

SPANWISE STATION

CHORDWISE STATION

QOW NP NE N~

-

-0.10472
-0.10472
-0. 10472
~0.10472
~0.10472
-0.10472
~0.10472
-0,10472
-0.10472
~0.10672

WING CHORD LENGTHS(C)

9.21046

2

-0.17210
-0.1%982
~0.12106
-0.10483
~0.08949
~-0.07548
~0.N6TR2
-0.06059
-0.05335
-0.04594

~0.10472
~0.10472
-0.10472
-0.10472
-Q.10472
~0.10472
~0.10472
~0.10472
~0.10472
-0.10472

9.21070

0.46423
0.271%7
0.21708
0.18797
0.16679
0.14846
0.12892
010438
0.07691
0. 04480

=0.03734
-0.06962
-0.08838
-0.10461
-0.11995%
~0.13395
~0.14162
-0.14885
-0.15609
~0.16348

-0.17210
«0.13982
~0.12106
-0.10483
~0.08949
~0.07548
-0.06782
-0.060%9
-0.05335
-0.04596

=0.10472
~0.10472
~0.10472
-0.10472
-0.10672
-0.10&72
~0.10472
~0.10472
-0.10472
—~0.1047T2

9.21094

0.50575
0.29731
0.23318
0.19721
0.17084
0.14666
0.12195
0.09701
0.07079
0.04235

~0.03734
-0.06962
-0.08838
-0.104061
=0.11995
~0.13395
~0.l14162
~0.14885
-0.15609
-0.16348

-0.17210
-0.13982
~0.12106
—0.10483
~0.08949
—0.07548
-0.06782
=0.06059
-0.05335
-0.04596

~0.10472
-0.10472
~0.10672
-0.10472
—0.106472
-0.10472
-0.10472
-0.10472
-0.10472
~0.10472

9.21118

0.54473
0.31753
0.24459
0.20303
0.17102
0.14277
0.11746
0.09287
0.06849%
0.04033

-0.03734
-0.06962
-0.08838
~0.10461
~0.11995
-0.1339%
-0.14162
~0.14885
-0.15609
~0.16348

-0.17210
~-0.13982
-0.12106
~0.10483
-0.08949
~-0.07548
-0.06782
=0.06059
~0.05335
~0.0459

~0.10472
~0.10472
-0.10472
-0.10472
—-0.10672
-0.10472
~0.10472
<0.10472
-0.10472
~0.10472

9.21142

0.57828
0.33357
0.25293
0.20536
0.16990
0.14074
0.11564
0.09216
0.06804
0.04105

-0.03734
-0.06962
-0.08838
-0.10461
-0.11995
-0.13395
-0.14162
-0.14885
-0.15609
—0.16348

-0.17210
—0.13982
-0.12106
~0.10483
=0.08949
-0.07548
-0.06782
-0.06059
-0.05335
~0.04596

-0.10472
~0.106T2
~0.10472
-0.10472
-0.10472
~0.10472
-0.10472
~0.10472
~0.10472
~0.10472

9.21166

0.60622
0.34624
0.258235
0.20726
0.17090
0.14292
0.11978
0.094851
0.077T14
0.04951

-0.03734
-0.06962
-0.08838
-0.10461
~0.11955
=-0.13395
—0.141€2
-0.14885
=0.15609
~0.16348

-0.17210
=0.13982
-0.12106
~0.10482
-0.08949
~0.07548
-0.06782
=-0.06059
-0.05335
-0 .04596

-0.10472
-0.10672
~0.10472
~0.10472
~0.10472
-0.10472
-0.10472
-0.10472
~0.10472
~0.10472

9.21190

0.62G44
0.35667
0.2657S
0.21642
0.18605
0.16490
0.14837
0.12452
0.09224
0.05205

-0.03734
~0.06962
-0.08838
—0.10461
~0.1199%
-0.12395%
-0.14162
—0.14885
-0.15606%
-0.16348

~-0.17210
-0.13982
-0.12106
-0.10483
~0.0894%
~0-07548
~0.06782
-0.06059
-0.0533%
-0.0459¢

-0.10472
=0.10472
-0.10472
-0.10472
~0.10472
~0.10472
~0.10472
~0.10472
~0.10472
~0.10472

9.21215

0.65630
0.38426
0.32118
0.27881
0.23384
0.18619
0.14047
0.09771
0.05842
0.02472

-0.03734
-0.06962
~0.08838
-0.10461
-0.1199%
~0.13239S
~0.14162
—0.14885
-0415%5609
-0.16348

-0.17210
-0.13982
-0.12106
-0.10483
-0.08949
-0.07548
-0.06782
~0.06059
-0.0533%
~0.04596

-0.10472
-0.10472
-0.10472
~0.10472
-0.10472
-0.10472
~0.10472
=0.10472
~0.10472
-0.10472

9.21239

1.04576
0.58400
C.418667
0.28354
0.21447
0. 16495
0.1225)3
0.08G09
0.03661
-0.Q01&72

1¢

-0.03734
-0.06S62
-0.08838
—0.10461
~0.11995
—0.1239%
-0.14162
~0.14885
~0.15609
~0.16348

10

-0.17210
~0.13982
-0.12106
~0.1C483
=0.08%49
~0.07548
~0.06782
~0.06059
-0.0%335
—0.04596

10

~C.10472
-0.10472
=0.10472
~0.10472
—0.10472
~0.10472
~0.10472
-0.10472
=0.10472
~C.10472

614167



8L%

'

A

FORCES ANC MOMENTS ON WING-BTNDY CCMBINATION

Co = 0.02256

FLOW VIZ

CcL

0.20427

ce

-5.79131

1F

VELOCITY COMPONENTS DUE TC wi1nN5 PANEL PRESSURE SINGULARITIES SARE® CALCULATED 1IN TNE FIELD

FOR THIS FLOW VISUALIZATICN FPESSURE COEFFICIENTS

MILL BE CALCULATED USING

POINTS

X
24.000000
24.000000
24.000000
24 .000000
24.000000
24.000000
24.000000
24.000000
24.000000

GRI1DS

Y
«.000000
4.000000
4.353500
4.500000
4.35350C
4.000000
3.645650C
3.500000
3.64650C

CCUPUTESS  48#GRIDS

z
-1.000000
~C. 500000
-0.64¢500
-1.0C0000
-1.3535C0
-1.5C00C0
-1.353500
-1.000000
~0.646500

OPTICN REQUESTEC-~-RECTANGULAR GRID

A LIMEAR CP FORMULA

ue
-0.035626
-0.037989
~0.054127
-0.044122
~-0.036710
~0.032834
-0.029664
~0.026597
-0.028592

vP

0.083641
0.095841
0.135089
0.110457
0.004660
0.070346
0.061164
0.055984
0.060013

we
~0.067841
-0.102854
~-0.073926
-0.0391423
-0.042606
-0.0%2916
~0.062843
-0.072542
-0.087351

0.558896
0.956533
0.940394
0.950400
0.957812
0.961488
0.96485¢8
0.967925
0.965930

0.083641
0.095841
0.125089
0.1104%7
0.08466C
0.070346
0.061164
0,055684
0.060012

0.036687
0.001675
0.030602
0.065385
0.061922
0.051612
C. 041686
0.031GR6
0.017177

ce

0.071253
0.075978
0.108255
0.088243
0.073420
0.N65668
0.059328
0.053194
0.057184

-t



X-1 CUT, FOR THIS CUT v=

X
30.020000
30.500000
31.000000
31.500000
32.000000
32.500000
33.000000
33.500000
34.000000
34.500000
30.009000
30.560000
31.000000
31.500000
32.000000
32.500000
33.000000
33.500000
34.000000

34.500000

l.zirce

Y

1.2000190

1.20000%

" 1.2000CC

l1.200c0cC
1.200000
1.200000
1.200000
1.200000
1.200000
1.200000
1.200000
1.200000
1.200000
1.2C0000
1.200000
1.2co0c0cC
1.200000
1.200000
t.20000C

1.200000

?
-1.2000C0
—1:200000
-1.200000
-1.200000
~1.200000
-1.2000CC
-1.200000
-1.200000
~1.200000
-1.2CC0Q0
~C. 700000
-0.7C0000
-C. 7C0000
-0. 700000
-0. 700000
-0. 700000
~C« 700000
—0. 700000
~C. 700000

—0. 700000

0.98996468
0.9917703
0.9952464
0.9994132
1.0010858
1.0027476
1.0041351
1.0084280
1.0106221
1.0120738
0.99434630
0.9972555
1.00116133
1.0029871
1.0047926
1.0061961
1.0094400
1.0119922
1.0135186

1.0143696

0.0338168
0.0332524
0.0305906
0.0235415
0.0234452
0.0211703
0.0189602
0.0130533
0.0086157
0.0047569
0.0476981
0.0447T6R
0.0390014
0.0357785
0.0323835
0.0292708
0.0233545%
0.0170708
0.0119647

0.0072765%

0.0704100
0.0739117
0.0792592
0.0851683
0.0884505
0.0520858
0.0953730
0.1015207
0.1054965
0.1088115
0.103527¢
0.1089371
0.113%523
0.1170331
0.12067135
0.1239940
0.1283178
0.1310087
0.1333627

0.1350083

cep

0.0091102

0.0055031
~0.0014491
~0.0101826
~0.0131279
~0.0164515
=-0.019226%
~0.0278122
-0.0322004
-0.0351039

0.0003179
-0.0054672
-0,0132829
~0.0169305%
-0.0205435
~0.0233484
~0.0298363
~0.0349407
~0.N3799135

—0.0396954



|

08¢

X-2 CUT, FOR THIS CUT vy= Cultite &

X
50.000000
$2.000000
54.000000
56 .000000
58.000000
60.000000
62.000000
64.000000
66.007000
68.009000
70.007000
72.000000
74.000000
T6.000000
78.000000
80.000000
82.000000
84.000000
86.200000
88.000000
90.000000
92.000000
94.000000
96 .000000
98.000000

100. 000000

v
€. 000007
0.00000"
0.0000"7
0.0C00%"
0.0000"

0.00007 :
0.000005:,
0.0CN0C"
a.0000C"
0.00000"
0.000009
0.0000C"”
0.00000C)
0.0000C"
0,00N000
0.000C120
0.000003
0.0000"10
0.000000
0.0C0000
0.000000
0.000000
0.000C00
0.0C0G00
0,.000000

0.000000

i A i I

?
~3¢. 600000
-16. 000000
-1¢,000000
-16.000000
~1¢.C00000
~3€. CONOOO
-36. 000000
-3¢. C00000
-36. 006000
-36. C00000
-36.000C00
-3¢, 000000
~36. 000000
-36. 000000
-36. 000000
-16. 000000
~3¢&.000000
~36. COC000
~36. 000000
~36. 000000
-36. 000000
-36.000006
-36.000000
-16. 000000
-34.000000

-36. 000000

RN R

0.9945219
0.9945219
0.9918172
0.9894%597
0.9900376
C.9906894
0.9917537
0.9525586
0.9945595
0.9872165
0.9857952
0.9860376
0.9860979
0.9882600
0.9889623
0.9902284
0.9908648
0.99346806
0.9958948
0.9868218
0.9849899
0.9898543
0.9967822
1.0055096
0.9924414

0.9935522

0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000200
0.0000000
0.0000000
-0.0000000
~0.0000000
~-0.0000000
-0.0000000
~0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000

0.0000000

0.104528%
0.1045285
0.1004773%
0.09679%8%
0.0675222
0.0c83827
0.0998836
0.1014262
0.1040015
0.0925860
0.0906324
0.0907592
0.0906217
0.0%3¢611
G.0945¢17
0.0943357
0.0ST1795
0.1013505
0.1046963
0.0910749
0.008365R
0.09%3142
0.1053662
0.1120327
0.09914S87

0.1006177

ce

~0.0000000
-0, 0000000
0.0054094
0.0101243
0.0C89687
0.0076650
0.0055364
0.0031261
—-0.0000752
0.0146107
N, 0174523
0.0165685
0.0168479
0.012523A
0.0111192
0.0r85862
0.0072142
0.0016826
-0.0027498
0.0154001
0.0190639
0.0092352
-0.0045206
-0.021975%
0.0041610

0.001°9294

”




I8¢

102. 000000
104.000000
106.000000
108.,000000
110.002000
112.000000
114.000000
116.000000
118.000000
120.090000
122.007000
124.000000
126.030000
128.000000
130.000000
132.000000
134.000000
136.000000
138.000000
150.060000
142.000000
144.,000000
166 ,000000
148.000000

150. 000000

0.00nCNC
0.Nn1061600
0. 0cao0c
0.0c000?7
0. 000007
g.0000(C"
0.0000C
0.00000"
Q0.0000CC
0.0G00CE
0.000000
0.C00000
0.000000
0.0C000C
0.000000
0.0C00CC
0.000000
0.GCIONCn
0.0C000C
0.600001
0.00200C
0.0000cC"
0.0000030
0.000000

0.000000

-3¢, 000000
-3¢. 000000
~-36.C00000
-3¢. 000000
-36. 000000
-3¢, 000000
-3¢.00000C
~36.00000C
-36, 000000
~36.CC0O00C
-3¢, 000090
-3¢.C0000Q0
~3¢.000000C
-36. 000000
-3¢.00000C
-36. CO000Q
~3&4C00000
=36, 000000
-3¢€. GONOCC
-3¢.000000
-3¢. 000000
-3¢, 000000
-3¢.00C00C
-3¢. 000000

-36. 000000

0.9938063
0.9938109
0.9937830
0.9937623
0.9937425
0.9937361
0.9937287
Cua9937224
0.992733]
0.9937376
0.9937451
0.9937481
0.9G37%47
0.9937664
0.9937759
0.9937882
0.9937904
0.9938037
0.9938063
0.9937925¢6
0.9938306
0.9938453
0.9938508
0.9938598

0.9938663

0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0900000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000

0.0000000

0.1009284
0.1008784
0.1007942
0.1007198
0.1006552
0.1006013
0.10056C0
0.1005251
0.1004975
041004718
0.1004518
0.1004345
0.1004190
0.1004074
0.1003968
0.1003866
0.10037<S
0.1003709
0.1003¢664
0.1003557

0.10035¢1

0.1003532 ¢

N.10034 64
0.1003445

0.1003407

0.0014312
0.0014220
0.0014779
0.0015192
0.0015587
0.0015717
0.0015863
0.0015989
0.0015775
0.0015687
0.00155%6
0.001%475
0.0015343
0.0015110
0.0014%20
C.ON14734
0.0014630
N.00163¢5
0.0014311
0.0013926
0.0013826
0.0012533
0.0013421
0.0013241

0.0013112



¢8%

VELOCITY COMPONENTS AND PRECCURE CCEFFICIENTS DUE TC WING SOURCES

X
50.000000
$2.000000
S4.000000
56.000000
58.000000
60.000000
62.000000
64.0230000
66.000000
68.000000
70.000000
72.000000
74.000000
76 . 000000
78.000000
80.000000
82.000000
84.000000
86. 000000
88.000000
90.000000
92.000000
94.000000
96.000000

9A.000000

A\

0.0000G7
0.0C0NGY
0.002709
0.720000"
0.003CHD
0.0cocnNn
0.0C0C "
0.0CC3%0
0.303002
0.00009)
.00
0.0C002"
0.0C0009
0.102°C"
a.000n4G
Q. 000007
G.0000C3
0.30000C4G
0.9000673506
0,00000N
C.0CNCC
0.00a00N
0,00900N
0.000C920

g.0cugen

4
-36. 000000
~36. 000000
-36. 000000
-3€. 000000
-3¢£.C00000
~3¢.C00000
-1€. 000000
~36. C00000
-36. 000000
~3¢. 000000
-3€.0000CQO
-36. 000000
-3¢. 000000
-36:C00000
-3¢.C00000
-3¢.C00000
-36. 000000
~36. 000000
-3¢. 000000
-36. 000000
-3¢. 000000
~-36. 000000
-36. 000000
-3¢&. 000000

~3¢. 000000

-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
=0.3000000
-0.01790000
-0.92000000
~0.0043796
~0.0034716
~0.2017007
0.0004381
0.0024402
0.0011195
0.7006614
0.0004644
0.0003%15
0.0002798
0.0002287
0.0010102
0.0028410
0.00168283
-0.002%533

~0.309¢415

PERTURBATICN COMPONENTS

v
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
~0.0000000
~0.0000000
-0.0000000
-0.0000000
-0.0000000
~0.0000000
-0.1000000
-0.0000000
~0.0000000
-0.2000000
~0.0000000
<0.0000000
-0.0000000
-0.0000000

-0.0000000

L]
-0, 0000000
-0.00000Ca
-0.0000000
~0.0000000
-0,000000N
-0.,2006000
-0.0000000
-0.0000000
-0.0000000
-0.0065808
-0.0053265
=0.0027447T
N.0004439
0.0034841
0.0015€51
0.0008071
0.0004281
0.0004714
2.00037813
0.0003065
0.0014519
0.0041645
0.0027644
~0.0035393

~0.0139822

ce
0.0000000
0.0C00CN0
0.0000000
0.0000000
0.0000000
0.0000000
C.0000000
0.0000000
0.0000000
0.0087593
N.0065432
0.003401°¢
-0.00CA761
-0.0045806
-0.0022389
-0.0013228
-0.0009288
-0,0007031
-0.0005597
~0. 00045746
=0.0120205
-0.00%54R2Q
-0.003656%
0.0051066

0.0152830



£R%

100.000000
102.,000000
104.000000
106.000000
108.000000
110.000000
112.000000
114.000000
114.000000
118.000000
120.000000
122.000000
124.000000
126.000000
128.000000
130.000000
132.000000
134.000000
136.000000
138.000000
140.000000
142.000000
144.000000
146.000000
14A8,.1700000

150.000000

0.3c00cCn
C.00N000
C.000000
0.000000
c.l0noce
C.00000

.tnann
{o1nean

[N LA

Le 000
1. CL00C

PRoRAREoL|
1.2 20C60
7,7950000
n.Cgecce
Oe 10000
0.7000n
N, 7000
C. . .6GCC
N, 7o
N.:°"3000
0.200000
0.cronec

G.37N000

~36. 000000
-36. 000000
-36. 000000
-13¢.€0000C
-36.0C0000
-3€.000000
-36. 000000
-12¢, 000000
-36. 000000
-3¢.00000C
-3¢, 00C000
-3¢.000000
-3¢, 000000
-1¢.000000
-136.€00000
~36. 060000
~36. 000000
-3¢6.00000C
-36.0000GC
-36. 000000
-36. 000000
-3¢. 000000
-36. 000000
-3¢. 000000
-36.000000

~3¢.0000CC

-0.0052882
~-0.0037836
~0.17030700
-0.0026370
-0.0023%328
-0.0021122
-0.0019333
-0.00179135
-0.0016814
-0.0015727
-0.0014866
-0.20014101
-0.0013480
-0.1012902
-0.0012340
-0.0011857
~0.,0011418
~0.0011063
~0.0010656
-0.0019391
~0.0009975
-0.0009729
~0.0009404
~0.0009185
=0.0008949

—0.0008746

-0.0000000
-0.17000000
~0.0000000
-0.0000000
-0.0000000
~0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
=0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-~0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
~0.0000000

-0.0000000

-0,00790138
-0.0058219
~0.0048886
-0.00473287
-0.N039509
-0.003¢802
-0.,0034760
-N.0032132
-0.0031826
-0.0030739
—-0.0029847
-0.0029074
~0,002P412
-0.0027847
-0.0027330
-N.00268A8¢
-0.0026494
-0.0026127
-0.002%821
~0.0025520
-0.0025%26%
-0.0025C1A
-0.00247R9
-0.0024611
~0.,0024410

~0.0024246

0.01057¢3
0.00756172
0.0061400
0.008273Q
0.0C44657
0.0042244
0.0038665
N.0035871
0.0013628
0.0031454
0.0C29732
0.0028202
0.00265549
0.0025804
0.0024679
0.002371¢
0.0022837
0.0027126
0.0021311%
0.0020781
0.0012651
0.0015459
0.0018807
0.0018370
0.0017899

0.0017492



¥8¢

VELOCITY COMPONENTS AND 9u:<SURE COEFFICEENTS DUE TC WING PANEL PRESSURE SINGULARITIES

3
50. 000000
52.000000
54.000000
56.000000
58. 000000
60.002000
62.000000
64.000000
66.000000
68.000000
70.000000
72.000000
74.000000
76.000000
78.000000
80.000000
82.000000
84.000000
86. 000000
A8.000000
90.000000
92.000000
94 .000000
96.000000

98.000000

Y

0.30¢N0C
0.0CH0CH
0.0000CH
0.000000
0.000G0D
0.0C0000
0.000000
0.0C2000
0.000000
0.000000
0.000000
0.000000
0.000000
0.0C0000
0.1700000
0.000000
0.000000
0.0C0000
0.n00000
0.000000
0.000000
0.000000
0.000000
0.000000

0.000000

4
—3¢.000000
-3¢.000000
-3¢. 000000
-3¢. 000000
-3€.000000
-36. 000000

-3¢.000000C

-3¢.0000C0 -

-36. 000000
-36.000000
~3¢.000000
-36.£00000
~36. 000000
-36.000000
-3¢&. 000000
-3¢.000000
-36. 000000
-3¢.000000
~36.000000
-36. 000000
-3¢, 000000
-36.000000
-3¢. 000000
-3¢.000000

-36.000000

0.0000000
0.00000G0
0.0000000
0.0000000
0.000n000
0.0000000
0.0000000
0.0000000
0.0000000
-0.0045827
-0.0064104
~0.0073106
~0.0084367
-0.0084920
-0.0065850
-0.0057292
~-0.0050734
~0.0045653
-0.0044012
-0.0046732
-0.0102006
-0.0075220
0.0003190
0.0133954

0.0074062

PERTURBATICN CCMPONENTS

v

-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.N000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000

0.0000000

-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
~0.00000400
-0.0000000
-0.0000000
-0.0068814
-0.0087605
-0.0112652
-0.0131945
-0.0135055
-0.0108480
-D.009T16A
-0.0088732
-0.00823¢3
-0.0080672
-0.00859135%
-0.0167720
-0.0130605%
-0.0017535

0.0171633

0.0087093

ce

~0.0000000
-0.0000000
-0.0000C00
-0.000000C
-0.0000000
-0.0000000
-0.0000C00
-0.0C000CO
—-0.0000000
0.009165%
0.0128207
0.0146211
0.0168733
0.0169840
0.0131701
0.0114584
0.0101468
0.0091306
0.0C88024
0.0092464
0.0204012
0.0150440
~0.0006380
-0.0267909

-0.0148124



G8¢

100.000000
102.000000
104.000000
106.000000
108, 000000
110. 000000
112.000000
114.000000
116.000000
118.000000
120.007000
122.000000
124.000000
126.000000
128.000000
130. 000000
132. 000000
134.000000
136.000000
138.000000
140. 000000
142.000000
144.000000
146.000000
148.000000

150.000000

O.ua700
D.00n000
C.rn0n
C. cragn
n,ceerg
0. )00
0. 132370Nn
C.r0n
Q. M)000
0.120006C
0.7 n6oe
0. .L0000
0..20000
0.7500000
0.CC0000
0.000000
3.0C0000
C¢.200000
N.000009
0.700000
0.N00000
0.000000
C.000000
0.000000
0.000000

0.000000

=36, 000000
~36. 000000
-36.000000
~36. 000000
-36. 000000
-36. 000000
-3¢.00000C
~3¢.000000
-36. 000000
-3¢, 000000
-36. 00000C
-36. 000000
-36. 000000
~36. 000000
-36. 000000
-3¢.000000
-3¢. 000000
-3¢. 000000
-3¢, 00000C
-3¢,000000
_—3€£.000000
-36. 000000
-3¢, 000000
-3¢. 000000
-36,000000

—3¢. 000000

0.0041647
0.0029193
0.0022173
0.0017636
0.0014464
0.0012129
0.0010344
0.0008941
0.0007813
5.0006890
0.0006124
0.0005479
0.0004931
0.0004461
0.0004054
0.0003700
0¢.0003389
0.0003115
0.0002871
0.0002655
0.0002461
0.0002287
0.0002130
0.0001988
0.0001859

0.0001741

0.0000000

0.0000000

0.0000000

0.0000000

0.000GOOO

0.0000000

0.0000000
-0.0000000
-0.0000000
~0.0000000
-0.0000000
-0.0000000
~0.0000000
-0.0000000
-0.0000000
-0.0000000
~0.0000000
~0.0000000
-0.0000000
-0.0000000
-0.0000000
~0.0000000
-0.0000000
-0.0000000
-0.0000000

~0.0000000

0.0040968

0.0023411

0.0013559

0.0007211

0.0002775
~0.0000484
-0.0002979
—0.0004943
-0.0006525
-0.0007823
~0.0008905%
—-N.000981R
-0.0010597
-0.00t1270
-0.0011853
-0.0012365
~-0.0012817
-0.0013217
-0.0013574
-0.0013894
~0.0014183
~0.0014444
-0,0014681
—0.0014897
~0.0015054

-0.0015275

~0,008329%
-0.0058387
~0.0044345
-0.0035272
-0.0028929
=0.0024258
-0.0020689
-0.0017882
-0.0015626
-0.0013780
-0.0012247
-0.0010958
-0.0009862
-0.0008922
-0.0008108
-0.0007399
—-0.0006778
-0.000£229
-0.0005742
-0.0005309
—0.0004922
=0.0004574
-0.00064259
-0.0002S976
-0.00037}7

—0.0002483
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VELNCITY COMPONENTS ANN =

X
50.002000
52.097000
S4., 000000
56. 000000
5A.N0N000
60.000000
62.070000
64.000000
&6 .900000
68.007000
70.000000
T72.020000
74 .000000
T6.000000
78.000000
80.007000
82.n000000
84.000000
86.000000
8.000000
90.000000
92.000000
94,007000
96, 000000

91, 000000

v

0,000

N,0677709

N0

0.000009

0.97740%

0.157090

0.G7 L0060

6.%0000
1.20200%
".30000N
0.C20097
G.£7N0Co
2.77000C
0.N73000
0.J02007
0.2C9200
0.0¢00002
0.CJ20CC
0.000000
0.000000
0,000000
0.000080
0.000000

0.0CC000

FEESFICLENTS NUF ¥F 37Ty DAMEL PRES SURE

z v
-36. 007000 02707000
-36. 000000 ¢.21970000
-3¢, 001200 C.3007°07%0
-2¢.00%5CC 1.000700
-1¢.L0%5000 1 .9900000
~3¢.G00900 1.2310000
~34,.00000C 7 .3000000
-3¢.CC000C £.3703000
~2€.CCIN70 -7.7001032
~3¢.COCCCC -NJI215643
-36.CCCI00 -7.3013694
~36.CCN00C -0.3712970
~36.C000200C -C.3217421
-3¢, C370CO -0.3711736
-3€.C10302C -C.3009299
-3¢, 00000 c.2001%71
-13¢.200200C C.2I0 2442
-2¢.€03032¢C Ja330272L
-3¢.00C000 T.TM)8 e
-36.C€000800 C.00146044
-3¢.00000C 0.0004196
-3¢.COCOCC C.03029CQ
-3¢, CO00CC C.J002206
-3¢. 000000 0.J001758
-36.€0C000 Q.JJ01a44

SINGULARLTLIFES

PECT SRATINN CNWPONENTT

v

-n.007170%
-0.0000000
-0.0000n00
-0.1000000
-0.,9997%00
-0.10072007
-0.00920070
-1.717190000
-0.00171000
-0.700200C
-N.0073000
-0.0009910
-0.1010000
-0.0002900

-0.9012000

-0.270322¢C
=0.2C70000
-0.2007100
-0.9223200
-2.0092200
-0.0007000
-0.0000000
-0.0000000

-0.0000900

2.0010007

n. a0t

P ETe Lolotatelolo]
2.06ac0en
n.06200070
7.700Q217%
-0.0001%45
-.002%¢&47
-N.10212131
-1.2020%71
=NaT727¢74
-D.2013867

~l.3014TeS

Sa30C162%
2.0287 R
2.07217%a
T.00Q8220
3.3002382
Y.C0C1287
0.30n772

7.000021719

-3.00c00n0
-J.ncCoecan
-". 1060000
-g.00nncac

-0 00000

~3.n7nctac
0.1112064
n.Nnit33e
n.cnz2rasy

N.NN25%41

—l.07"5eel
-C.I010T723
-7.7CcA%33
—t.anceang
—0.000N4s]
~N.J0Cx1 7

=N,Ir02939



L8%

100.000000
102.000000
104. 000000
106 .000000
108.002000
111. 000000
112.000000
114.000000
116.000000
118.000000
120.n00000
122.070000
1264.090000
126.090000
128.020000
130.0000n0
132.000000
134.000000
1346.000000
138.000000
140.00%000
142.000000
144.000000
146.000000
148.000000

150.000000

g.accuen
0.00300)

Lon0eng
0.3480190
a.0ucei0n
0.174000
0.C01000
0.3CLC3a7
C.1179C09
0.1700000
0.0CH0C0
0.0c700Q
0.200000
0.N00000
0.000100
g.gconca
0.017009
0.0070C0
0.007000
0.0Cc0cc
0.0CJ000
¢.000000
©.002000
0.0C0000
0.000000

0.000000

-36.00000C
~36.000000
-36.00Nn000
-36.000000
-36.€00000
-36. 000000
~3¢. 000000
-3€.000000
-3€6.000000
-3¢.,00C00C
-36. CO0000
-3¢. 000000
-3¢.6000CC
-13¢€. C000CC
-36. 000000
-3¢.C00000
=3¢, COCOCC
-3¢6. 00000C
~36.000000
-3¢. 000000
~3¢. 000000
~3€.0C0000
=36. 000000
~3¢.00000C
-3¢.00G000

~3¢. 000000

0.0001212
0.0001034
0.0000894
0.0000780
0.0000688
0.0000611
0.0000546
C.0000491
0.0000444
0.0000403
0.000036&7
0.0000336
0.0000309
0.N000284
0.0000263
0.0000243
0.0000226
0.0000210
0.0000196
0.00001 A4
0.0000172
0.00001541
0.0000152
0.0000143
f.00001 34

0.0000127

=-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
=0.0000000
-0.0000000
-0.0000000
~0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
~0.0000000
-0.0000000
-0.0000000
-0.0000000
=0.0000000
=0.0000000
-0.0000000
=0.0000000
-0.0000000
-0.0000000

-0.0000000

-0.0000046
~0.0000298
-0.0000496
-0.0000658
-0.0000788
-0.000089%
-N.0000988
~0.0001066
-0.0001123
-0.0001191
=-0.0001246
-0.00012%0
-0.000122¢
~0.0C01368
~0.0001397
~0.0001426
~0.00N1454
-0.,0001477
—0.7001468
~0.000151¢
-0.0001533
~0.0001546G
-0.0001563
~-0.0001578
-0.0001591

~0.0001603

-0.0002425%
-0.0002068
-0.00017R7
-0.0001561
-0.0001376
-0.0001222
-0.0001092
-0.000068R2
-0.0000888
-0.00008GCé
-0.000C735
-0.000C672
-0.0000618
-0.0000569
-0,0000526
-0.0000487
~0.000C452
-0.0000421
-0.0100393
-0.0000367
=0.0000344
-0.0000323
-0.0000202
~0.00002A%
~N.000026¢%

-0.0000254



883

VELOCITY COMPONENTS AND parc.i2f CCEFFICIENTS DUE TC BOCY LINE SOURCES ANO DOUBLETS

X
$0.020000
52.000000
54. 000000
56.000000
58.000000
60.000000
62.000000
&64.000000
66 .000000
68.000000
T0.000000
72.000000
74.000000
76.020000
78.000000
80.000000
82.000000
84.,000000
86.000000
88.000000
90.000000
92.000000
94 .000000
96.000000

98.000000

¥

C.Cunoce
0.0.20000
0. 73007
0. 14ND0N
0.573067
0. 70000
0.00000%
0.7070C
0.372000
0.00060C
N1.3500000
0.0C0NJ0
0.0C0000
0.000000
0.0C3000C
C.000C00H
0.C0Q0000
0.CC0000
0.000000
0.000000
0.0C0000
0.100000
0.000000
0.000000

0.000000

z
-3¢.000000
-3¢€. 000000
~36. 000000
-3¢, 000000
-3¢.000000
-3€£.00000C
-36. 000000
~36. 000000
~3¢.0€0000
~36.000000
-3¢.C00000
-26. 000000
-36. C00000
-36. 000000
-36. C00000
-36.C00000
-36.€0000C
-36. 000000
-3¢€.C00000
~36. 000000
- 36.000000
-36,00Q000
-3¢.000000
-36.000000

-3¢, 000000

C.0000000
©.0000000
-0.0027047
-0.0050622
~0.0044843
-0.0038325
-0.0027682
~0.001563%0
0.0001408
0.0032239
0.0025247
0.0018241
0.0013168
0.0009635
0.0007359
0.000%5945
0.0009076
0.0030994
0.0049598
-0.N048600
-0.0007610
-0.0002767
-0.000107%
-0.0000303

0.0000104

PERTURBATICN COMPONENTS

v
0.0000006
0.0000000
0.0000000
0.0000000
0.0000000
0.0000600
0.0000000
0.0000000
0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
~-0.0000000
-0.0000000
-0.0000000
-0.0000000
-0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000

0.0000000

W
-0,0000000
-0.0000000
-0.0040511
~0.0077227
-0.0070C62
-0.0061458
—0.004644<
-0.0029022
-0,0003725

N.0042858
0.0033173
0.0023277
0.0016114
0.001117%4
0.0007960
0.0006021
o.goloeva
0.0044241
0.0073174
~0.0073478
-0.0012646
~0.0005534
~0.0003061
~0.0001921

-0.0001328

cep
—0.0000000
-0.0€¢00000
0.0054094
9.0101?41
0.0086687
N.0076650
0.0055364
0.0031261
~0.0002817
-0.0064478
-0.0050493
-0.0036482
-0.0026235
~0.0019269
~0.0014717
-0.0011890
-0.0018152
~0,0061998
-0.009%19¢
0.0€97200
0.0015221
0,0005533
0.0002150
0.0000605

-0.000C20R

-



68¢

100.000000Q
102.000000
104,.000000
106.000000
108.000000
110.000000
112.000000
114.000000
116.007000
118.020000
120.000000
122.090000
124.000000
126.010000
128.000000
130.000000
132.009000
134.000000
136.000000
138.000000
140.000000
142.090000
144 .000000
146.000000
14A,000000

150.000000

C.Juun)
N.10n0NN
G.5C0 02
n.neNen
Coltunn
C."anan)
c.1cocue
C.nraeen
[ LAL PR
0.aca0n”
0.Q0cQ00e
0.0a000C”e
0.00000¢
0.acu0Nn0
0.00000%
0.0000CN
0.700007%5
0.000030N
0.000000
0.000000
0.000000
0.0000C0O
0.0C000"
0.000009
0.000000

0.00000N

~3¢.CCCOCQ
~3¢. 000000
-3€.€00000
-3¢.000000
-36.000000
-6, 000000
-3¢.00000C
-2¢. 000000
~-36.000000
-3¢.000000
-3¢.C00000
-136.00000C
-3¢.00000C
-3¢, 00000C
-36.000000
-3¢.C0O000C
-3¢,CCCO0C
-2¢. 000000
-36. 000000
-36.C000CO
-36.000000
-3€. 000000
-3¢€. 000000
-36. 000000
-3¢.0C0000

~36.000000

0.0000325
0.0000453
0.0000524
0.0000564
€.0000580
0.0000589
0.0000594
C.0000572
0.0000562
0.0000547
0.0000532
0.0000518
0.0000502
C.2000485
0.0000468
0.0000454
0.0000436
0.0000423
0.0000406
0.0000397
0.0000380
0.0000369
0.0000356
0.0000344
0.0000326

0.0000322

0.0000000
0.,0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000
0.0000000Q
0.0000000
0.0000000

0.0000000

-0.0000992
-0.0000795
-0.0000678
-0.0000608
-0.0000565
-0.0000551
~0.0000545%
~0.000N5473
-0.0000549
-0.0000557
~0.000057>
-0.000058%
~0.0000600
~0.0000611
~0.00G0630
-0.0000640
~-0.000N654
~0.0000669
-0.0000681
-0.000C690
-0.00007C5
~-0.0000713
~0.0000720
-0.0000735
-0.0000745

-0.0000754

~-0.0000651
-0.0N00906
-0.0001047
-0.0001128
~0.0001160
-0.0001177
-0.0001168
-0.0C01144
~0.0001124
-0.0001097
-0.0001063
-n.0001036
-0.0C01C05
-0.0000971
-0.0000936
-0.0c00908
~0.000C0873
-0.00008%4A
-0.0000811
-C.0000794
-0.0000760
-C.NO00737
-0.0000712
-0.000068R
-0.000C671

-0.0000644



STREAML INES

INITIAL POINT X= 28.0000C Y= £.C0000 I= 0.25000
INEVIAL STEPSIZE= 0.10007

ACTUAL POINTS DETERMINED Ry INTEGRATOR
Y

4 z u v L] ce

19.719375 5.254270 ~C. 850826 0.995034 0,006823 0.110100 ~0.001023

20.116930 5.2¢9736 -0. 806946 0.986889 0.018857 0.108812 0.015266

20.514372 8.,2¢9¢73 -C. 763030 0.979787 0,030035 0.108627 0.029470

20.911711 5.2R2128 -0.718714 0.979211 0.031767 0.110292 0.030622

21.309011 5.2¢154C -0.6T73626 0.979314 0.032633 0.113467 0.030415

21.706090 S.3Cer 4 -0.627065 0.961881 0.029813 0.1164609 0.025282

22.103052 S.316(CC -0.57521% 0.983740 0.028117 0.120457 0.C21563

22.499806 54327875 -0.529754 0.982T44 0.030777 0.124931 0.023557

22.896242 £.3610%5 -0.478151 0.981¢44 0.033761 C.130543 0.025756

23.292368 5.354756 ~Cak24212 0.983259 0.032820 0.137725 0.022527

23.687965 S.364713 -Ce 366845 0.980426 0.038616 0.147516 0.028151}

24.082750 E PRI ] ~Ca 304648 0.979753 0.041023 0.161532 0.029537

24.46T76556 5000208 ~0.23¢388 G.982257 0.037558 0.182267 C.024529

24.868612 S.alilr3 ~C. 158577 0.984128 0.029938 0.214884 0.020787

25.257733 S.61702¢ -0.066292 1.008395 -0.031953 0.255421 -0.027746

25.644658 5.3°6011 0.0290186 1.C48595 —0.140246 0.235557 ~C.108146

26.032763 5.271e78 0.102060 1.069¢36 -0.189655 0.164838 ~C.150228

26.227812 5.2846965 0. 129613 1.070556 -0.190801 0.136495 -0.1520¢7

[ 26.423434 S.2571%51 0152249 1.071348 ~-0.189%22 0.114428 -0.152€%3
0 26.619506 5.217758 0.171534° 1.071178 ~0.186042 0.096982 -0.153311
o 26.815956 5.184100 0. 187994 1.069850 -0.180732 0.083075 ~C.150657
27.012742 5.1¢1373 C.202267 1.067122 -0.173958 0.072250 ~0.14%5200

21.209805 5.119%74 0.216705 1.06€235 -0.169700 0.062680 -C. 1434726

27.407085 5.,008537 0.225518 1.065356 -0.165497 0.054339 -0.141669

27.505798 5.C732G1L 0.230375 1.0641772 -0.163203 0.050533 —0.140499

27.604560 5.05R277 0. 234900 1.062958 ~-0.160591 0.047026 -C.138873

27.703370 5.04 3485 0. 235111 1.062326 -0.150262 0.042656 ~0.137608

27.802201 5.079749 0.243011 1.063598 ~0.157337 0.040458 ~C.138152

27.901074 5.014221 0. 246632 1.063051 -0.155189 0.037433 ~0.137059

28.000000 5.0C0000 0. 250000 1.061827 ~0.152238 0.034690 ~Ca124609

28.09R949 4.9°5¢e80 0.253101 1.061621 ~-0.1%50702 0.021871 ~Ce1341€7

st 28.197928 «.971909 0.255946 1.061256 -0.148916 0.029166 -0.133468
S ) 28.296938 4.9%8114 G. 258547 1.060695 -0.146835 0.026%592 -0.13234¢
28.395978 L.944499 C.26091¢ 1.060132 ~0.144749 0.024146 -0.131270

28. 495054 4.931108 0.263064 1.058726 ~-0.141395 0.021831 -0.128408

28.594166 ©.917950 0.265002 1.056808 ~0.,140280 0.019548 -0.128572

28.792643 4.AG53565 0.268371 1.052399 -0.128206 0.016127 -C.115752

28.991234 4.870024 0.271085 1.049252 -0.120911 0.012648 -0.1094£1

29.189980 «.R47770 0.273195 1.046051 -0.113600 0.009625 -0.102058

29.7388870 4.826788 0. 274753 1.043393 -0.106960 0.006728 ~0.C97742

29.587885 4.906995 0.275782 1.040727 -0.100260 0.004113 -C.092410

29.787020 4.788425 0.276340 1.038372 -0.093645 0.001758 ~-C.087701

30.185615 4.754953 0.276282 1.0335a8 -0.080735% -0.001860 -C.078133

30.584775 4.729198 0. 275163 1.026018 -0.063631 -0.004125 -0.062993

30.964132 6. 706637 0.273256 1.022695 -0.052919 -0.005449 -0.056346

31.383698 4.688282 0.271103 1.017998 -0.039962 -0.005262 ~0.04€923
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31.783450
32.183309
32.583%302
32.983270
33.383183
33.783028
34.182805
34.582499
34.982127
35.381698
35.7481216
36.180688
36,580125
36.979%20
37.378875
37.778192
38.177474
38.975957
39.7T74337
40.572598
41,.370510

INITIAL POINT
INITIAL STEPSIZ

ACTUAL POINTS D
X
19. 690964
20.087851
20. 484533
20.880826
21.2766179
21.672101
22.066692
22.460306
22.8533717
23.245694
23.637966
24.030825
24.4244%3
24.819114
25.214664
25.610919
26.007906
26.,405524
26.803550
27.002745
27.202042
27.401425
27.600876
27.800411
28.000000
28. 199646
28.399343
28.599073

4.6T46264
4.684751
4.6€12¢8
4. 0610648
L.664554
b.6E75264
4.67N642
fq,6745085
4.6735CH
L. hP2024
4.6t5128
4.6n7771
4.6KR391497
4,64G0146
b t"05GR
hotCOEQQ
4.69%47G
4.053711
4.5F14049
4o HIGHA
4.606174

X= 28.0000C ¥

E= 0.2000C7

0. 269363
C.268913
0. 270645
0. 275345
0.2813176
0.293802
0.306819
0321901
C. 338687
0. 356864
C.376237
0.3966C5
C. 417779
0. 439752
C. 462446
0. 485807
0.505758
0.558568
0.609759
0.662427
C. 718423

= £.C00C0 I=

EVERMINED BY INTEGRATCR

Y
4.017190
4.0%4232
4.057€1C
4.0R5266
ho117%67
4.154201
4.1%5¢€47
4£.254023
4.315516
4.3R%9Q9
4.458730
4.520943
4.600680
4.66512¢
4.724278
4, TTAT 24
4.827583
4.871027
4.910499
4.,928288
4.944840
©.960275
4.974720
4.9878139
5.000000
5.011041
5.720922
5.029840

z

-1.013254
~0.968644
-0.922828
-0.876113
-0.828673
-0.780647
-0. 733504
~C. 682640
-0.647514
-0.612010
-0.583431
-0.562431
~0.548553
-C. 536442
~0.533364
-0.529196
~0.525775
-0.522431
-0.518633
-0.516390
-0.513839
-0.510947
-0.507695
-0. 504035
~0. 500000
-0.495587
-C. 490741
-0.485438

1.017341
1.008546
" 1.003668
1.000847
0.999529
1.001200
0.999280
0.998899
0.999227
0.999969
1.000004
1.001872
1.002766
1.002563
1.004159
1.004597
1.004982
1.006748
1.00685%
1.004760
0.991789

-0.50000

0.972486
0.97160%
C.970861
€.965559
0.962686
0.958366
0.947¢82
0.940477
0.936429
0929759
0.928560
0.928839
0.931303
0.937620
0.962123
0.946864
€.953111

0.956811
0.960503
0.962753
0.965184
0966571

0.966758
0.971740
0.973278
0.97€154,
0.97825%
0.980159

-0.033125%
—0.014434
-0.003081
0.004571
0.008314
0.006552
0.009644
0.010067
0.009433
0.008086
0.007772
0.004684
0.0030%2
0.001678
0.0006%9
-0.000178
-0.000856
-0.003551
-0.00%959
0.001789
0.028514

0.051450
0.0559N6
0.060843
0.0733R7
0.0813696
‘0.097513
0.121420
O.141171
0.155498
0.171193
0.172648
0.168165
0.159864
0.146052
0.135030
0.123879
0.110374
0.099068
0.088453
0.083105
0.077268
0.0T72432
0.067677
0.061429
0.057068
0.050970
0.0645934
0.041531

-0.003246
0.001327
0.007856
0.015732
0.023241
0.029¢692
0.025306
0.039964
0.043810
0.047060
0.049864
0.052087
0.05420%
0.056144
0.057926
0.059572
0.060903
0.063012
0.065168
0.067461
0.073785

w
0.108229
0.110652
0.113485%
0.114844
0.116279
0.116193
0.11110¢
0.103570
0.091726
0.076564
0.058637
0.040704
0.026282
0.017441
0.011778
0.00R664
0.007954
0.008415
C.010185
0.011534
0.013152
0.014879
0.016706
0.018761
0.020486
0.022608
0.024841R
0.027209

-0.045¢638
-C.028048
-0.018892
-0.012¢49
-0.010015%
-0.012357
-0.009517
-C.008754
-C.00941C
-0.010R894
-0.010564
~-0.014701
-0.01¢£488
~0.01A081
~-0.019275
-C.020150
-0.020921
-0.02445%2
~0.024665
—0.02047%

0.005466

co
C.044C72
0.045822
C.047322
0.057926
C.C636T2
0.072311
0.09268¢C
0.108090
0. 11¢&1R7
0.129525
0.131923
0.131366
0.126437
C.113804
©.104797
0.09%316
0.082821
0.075421
0.068038
0.063528
0.058675
0.055102
0.0515%528
0.045564
0.042291
0.03€73¢
0.,032532
0.02872%



20.798828 $.0376877 ~C.%T9663 0.981934 0.037437 0.029487 €.02517¢6

28.998577 §,045777 -C. 473512 . 0.977706 0.042270 0.030625 0.033631
29.198291 5.0%5428R ~0. 467060 0.979456 0.038096 0.032948 €.C30137
29.39%031 5.061751 -C. 46C054 0.979574 0.036515 0.035293 0.025896
29.597758 5.069053 -0.452650 0.979909 0.034980 0.037772 0.029226
29.797480 $.076002 -0.444T11 0.980598 0.033090 0.040106 C.027B47
29.997196 %,0825R8G -C.43633] 0.981023 0.071656 0.042155 0.026598
30.196903 $.08A874 ~0.427545 0.981501 0.030138 = 0.044214 0.026041
30.596282 5.100554 —C. 408565 0.982672 0.02725%5 0.049212 0.023699
10,995579 s.111851 ~C.38775C 0.979135 0.031158 0.052524 0.02957%
31.394796 5.1233¢7 -C. 365555 0.982031 0.026533 0.057289 0.024981
31.793914 5.133719 ~C.341057 0.983140 0.025771 0.063662 €.022767
32.192882 5.164653 ~C.314319 0.984G30 0.025144 0.067371} 0.020985
32.591689 5.156153 -C.285216 0.986280 0.025040 0.078827 0.C16484
32.990562 5.153179 ~0. 266962 0.981953 0.038683 0.079636 C.025137
33.389498 S.1€1486 -C.248868 1.002327 ~0.017025 -0.016981 -0.C17610
33.789008 $.162602 -C. 248878 0.994116 0.007593 -0.018688 0.000813
34.188526 S. 177641 -0. 249931 0.971941 0.067724 0.037622 C.045161
34.587073 5.2€5540 ~C. 227265 0.98¢873 0.061661 €.059939 0.0152%7
34,.986118 5.218228 -0.202432 0.989271 0.045989 0.063342 0.010501
35.384806 5.240066 -0.17893) 0.991266 0.052693 0.058286 0.00&512
35,783646 5.261217 ~C.157139 0.992731 0.051654 0.049333 0.c02583
36.182732 * 5.28CR90 -C. 138510 0.994528 0.045077 0.044214 -0.000012
36.582013 5.297404 -0.121123 0.996070 0.037731 0.043014 -0.002097
36.981400 S.311112 -0.1037¢4 0.997¢01 0.030956 0.043969 -0.CO61ST
37.380837 5.322312 -C. 085764 0.998993 0.025231 0.046146 ~C.008942
37.780282 5.321456 -0.066765 1.000109 0.020758 0.048821 -0.C11175
o 18.179707 5.3390Cé -0.046T44 1.000949 0.017185 0.051636 -C.012854
© 38.978448 5.350478 -0.003402 1.002331 0.011825 0.056937 -0.015619
b 39,777017 5.358286 0. 043755 1.005486 0.008992 0.061729 -0.021928
40.575368 5.365146 0. 094633 1.007506 0.008745 0.066430 -C.026768
41.373487 5.373147 C. 148848 1.006585 0.012100 0.07025% ~0.024134
INITIAL POINT X= 15.40000 v= 1.5000C 2=  0.00000
INITIAL STEPSIZE=  0.10000
ACTUAL POINTS DETERMINED BY INTEGRATCR
ES—— x Y z u v " ce
———— -0.0318642 0.793174 ~1.611701 0.994522 €.000000 0.104528 -€.00000C
0.315966 0.763774 -1. 569890 0.994522 €. 000000 0.106528 -C. 000000
0.713775 0.793774 -1.528078 0.99452? 0.000000 0.104528 -€.C0Cco0c
1.111584 0.793774 ~1.486267 0.994522 0.000000 0.104528 ~€.000000
1.509393 0.793774 ~1. 444456 0.994522 0.000000 0.104528 -0.C00000
1.907242 0.794103 ~1. 403130 0.994522 0.000000 0.104528 -C.0NCoo0n
2.304898 0.752956 -1.355581 0.994522 0.000000 0.104528 -0.000000
2.703275 0.797269 ~1.324250 0.971408 0.019216 0.073478 0.046227
3.102203 0.807397 -1.296527 0.963549 0.028816 0.060987 €.061546
3.501244 0.820438 ~1.272491 0.964663 0.032139 0.060000 0.059717
3.900153 0.832935 -1. 245755 0.972173 0.029998 0.067534 0.044697
4.298999 0.845R94 -1.2182%5 0.971412 0.034266 0.065235 C.046221
©.697877 0.86175% ~1.192961 0.968631 0.060926 0.0£0482 c.cs51783
5.096687 0.878566 -1.167119 0.972633 0.041738 0.064320 0.C43778
5.495418 0.866454 ~1.140781 0.972573 0.046036 0.063746 0.047899
5.894082 0.9186574 -1.115058 0.971859 0.051240 0.062708 C.C&S32¢

6.292640 0.9280132 -1.08871s 0.972916 0.053933 0.065307 Q.041213



£€62¢

6.691076
7.089376
T.487519
7.885490
8.293270
8.680845
9.078207
q9,475338
9.872230
10.243882
10.665286
11.061438
11.45T7248
11.853020
12. 248459
12.643678
13.038700
13.236142
13.433538
13. 630892
13.82R208
14.325450
14.2226599
14.419781
14.615672
14.713318
14.810G40
16.9086644
15.006562
15.104653
15.202950
15.30142%
1%.400000
15.49868°
15.597514
15.696440
15.7954&45
15.89451R
15.993647
16.132040
16, 390566
16.589215%
16. 787975
16.9368732
17.195770
17.384813
17.583930
17.733113
17.982406
1R.181732
1R.381087
18.580404
18.779840
18.979154
19.178183
19.376452
19,.572354

Ca.CeCtGxr
Q.GH53F
1.011721°
1.0%44C¢
L.NEER~G
1066657
11567230
| I I A
lalF9ai?
1.25117
1.250 "4
1.284:41
1.21%. 75
l. 364~ 35
1.373a8
1,360 78
le424° 7€
lo&25%4¢
lebérrTa
164571117
| Y -
Y.6Th12]
lo4Ps™4]
1.492¢%¢
1.5072c58
1.5172001
1.5172M
L.518ke?
1.5132¢1
1.51ene?
1.512497
1.507477
1.500700
1.4G2¢017
1.4854Nn%
1.478:2¢
1.471056
1ot 3C4r
1456583
l.&427817
1.4293%¢4
Lo4l4225
1.400%542
1.387107
1.373¢26
1.3€C %4
1.346F54
1.323149
1.320u50
1.30¢217
1.291 /73R
1.275%8%¢
1.261247
1.24474S
1.225745
1.1994721
1.1607284

-1.061758
-1.036317
-1.005868
-C.S7612C
-0.945145
-C. 512594
-C.87F145
-0.841807
-0.80339]
~GC. 762645
-0.719520
-C.673983
~0. 625901
~0.575262
-0.522158
~0. 466643
-0.408775
~0.379018
-0.348752
~€.3180C8
-0.286816
-0.255062
-0. 223043
-0.190208
-0.152531
-6. 131812
-C. 110504
~GC. 086362
-0, 068984
~0. 049702
-0. 031689
-C. 015065
0. 000000
0.014345
€. 027826
C. 040558
0. 052662
C.06423¢
€.075350
0.096356
£.115832
0.124237
G. 151766
0.16935¢
0.183903
0.198252
0.211276
€. 223025
0.23353¢
0.24233C
0.249183
0.253786
C.257122
0.25R156
0. 256509
0.252899
0.253005

0.974470
0.974636
0.976088
€C.9770852
0.9775913
0.978884
0.980137
0.980892
0.982067
0.983474
0.9846527
C.985677
0.987248
C.988608
0.989749
0,991412
0.9932NnQ
0.993R76
Ca994457
0.995003
0.995711
(.99, 449G
n.,997338
0.977409
0.972728
0.578206
0.986633%
0.995719
1.006069
1.011461
1.018183
1.039C76
1.0415807
1.038¢66
1.N3ReST7
1.039309
1.039786
1.040169
1.060536
1.042813
1.042473
1.04203R
1.040523
1.040S73
1.03G€657
1.040293
1.042¢&02
1.039129
1.040%10
1.03%690
1.045€09
1.037¢58
1.035534
1.036R86
1.039¢33
1.038299
1.042283

0.057761
0.062105
0.064999
0.068150
0.071547
0.072791
0.075638
0.077619
0.078591
0.078661
0.078527
0.077596
0.075364
0.072633
0.069443
0.064750
0.059063
0.056267
0.053422
0.050465
0.047113
0.063457
0.039596
0.066873
0.067173
0,050872
0.02R281
0.005276
-~0.014554
~0.030569
~0.043359
—0.075544
~0.079420
-0.075960
-0.075479
—0.075425
~0.074953
—0.074378
-0.073905
—0.0T5765
~0.075441
-0.072994
~-0.070500
-0.070785
-0.069590
-0.069350
-0.072810
-0.068148
~0.071235
-0.071565
-0.0803117
-0.077074
-0.0799131
-0.091292
-0.115172
-0.160660
-0.283874

0.066675
0.068062
0.071331
0.074583
0.077884
0.082409
0.087349
0.092242
0.097878
0.104017
0.110113
0.116446
0.123146
0.129684
0.135968
0.142297
0.14R347
0.151111
0.153721
0.156182
0.158552
0.160774
0.162852
0.174018
0.200936
0.211748
0.215638
0.212170
0.203578
0.15222%
0.179480
0.165622
0.156618
0.146066
0.137447
0.130215
0.124140
0.118558
0.114405
0.106182
0.069030
0.054144
0.0R9324
0.0841R7
0.078228
0.071583
0.064603
0.058565
0.050339
0.041642
0.028809
0.021383
0.011790
-0.001339
~0.016360
-0.020111
0.026413

C.040104
0.C39772
0.03¢&R69
C.C34526
0.033859
0.02127¢
C.0287¢S
0.027260
0.024910
C.N220S¢
0.019991
0.017¢90
0.C14548
0.C11R28
0.00554%
0.0Ce219
0,C02625
0.001292
c.00012¢
-C.00CS63
-C.002377
-6.C03954
-C.005633
C.03422%
Q. Ce58R
0.032672
0.015777
-C.00239%
-0.01809%
-0.0328R1
-0.047322
-0.CRS]ICP
-0.09397C
-0.C88788
-C.088271
-0.089574
-€.09C528
-C.(912913
-0.092028
~-C.096597
-C.(9780
-0.095032
-£.0920012
-0.,092102
-0.09027C
-C.091543
-C.056161
-0.089214
-0.091976
-0.09033¢
~-C.102175
-0.C86267
~0.C23n24
-0.084727
-0.090223
~0.CRT1554
-(0.095723
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19.762551
19,944 248
20.121452
20.31191¢
20. 508545
20. 706667
20.905203
21.104069
21.303086
21.50220%
21.70137s
21.917057¢
22.C997T2
22.298962
22.498121
22.697231
22.8962461
23.09%10¢
23.293742
22,.491810
23,688%40
22.8R397]
264,077924
2%. 272765
24444696806
26.667T1 5
24.866221
25.064551
25.263R3F
25, 4628174
25.661980
25.861123
26.0602R2
26.25963¢
26.458604
25.657801
264R569R9
2T1.056162
2T.255227
27.654422
27.653427
27.852312
28.05098¢4
2R, 249419
29.447730
29.646134
29.844816
29.043793
29.242917¢6
29.4427%4
29.641704
29.841193
30.040T44

1.11220C
1.081963
1.083A94
1.077834
1.093472
1.0965413
1.057764
1.096951
1.094179
1.989401
1.082189
1.075351
1.065833
1.055015
1.042%90
1.028556
1.012¢20
0.594479
0.973780
0.9482%2
N.91585¢
D.BTTT73
N.A41859
0.9188612
0.804818
0.793577
0.782202
0.772022
0.760585
0.748389
0.735664
0.722389
0.7C79130
0.492403
0.676408
0.660495
0.6431974
0.62710%
0.610294
3.592221
0.572r¢8
0.5%2117
0.52933%
0.504¢682
0.479%54¢6
N.45590¢
0.434970
0.416714
0.400253
0.384971
0.3705%2
0.357016
N.344035

0.281932
C. 345977
0.32522¢
C. 2R216S
C.416662
0.44322%
0.467014
C.48825)
€.507820
0. 525955
0.5430C6
0.559086
0.574267
C. 588607
0. 602063
C. 61463
0.626482
0. 637621
GC.648219
C.650848
0.671763
C. 692015
O. T2458¢
C. 763442
C. 795679
C.821241
C. 843251
C. 8627¢7
0.880416
C. 89576¢C
0.9CS738
C. 922598
C.933827
C.S4365%
C. 652364
C. 960585
0.967737
C.974479
C.981589
CeGBTa4?
C. 992180
C.9958¢6¢
Ce 999067
1.002972
1. 006282
1.012nM
1.0273 1)
1.0%¢01123
1. 043435
1. 046639
1. 054890
1. 059417
1. 06274%
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1.000333
N.999132
0.997408
0.999022
1.0345%08
1.034192
1.033814
1.032429
1.033724
1.0334560
1.033267
1.034460
1.033891
1.033R47
1.033625
1.032643
1.033002
1.030¢48
1.031326
1.003032
1.00255%513
1.002442
1.001e77
1.002005
1.001230
0.999%53]
0.99r568
0.9992%?2
1.023740
1.023866
1.021359
1.022139
l1.0213%47
1.024566
1.020919
1.019498
1.0191¢&5
C.999G41
0.999748
1.0005¢9
1.000516
1.001019
1.001%69
0.999704
C.997742
0.99844a5
0.998344
C.99812A
0.997941
0.997¢82
0.999¢58
1.000349
0.999778

~0.285277

0.0640%22

0.0105%530

0.025644

0.031405

0.014160

0.000389
~0.009241
-0.020266
=0.020452
~0.036221
~0.045551
-0.052481
~-0.060375
-0.068518
-0.077338
-0.08865%2
~0.,09912%
~0.118335
~0.165979
-0.183742
-0.205531
~0.154782
-0.087693
~0.060702
-0.052036
-0.054661
-0.056372
~0.060900
-0.064265
~C.066143
~0.C71278
~0.C77311
~0.081991
~0.0%1224
~0.C82945
~0.C86167
-0.C83508
-0.C87372
~0.094327
~0.100295
~0.109402
-0.12n423
-N.127032
-C.12390%
~0.112357
~0.097642
~0.C86569
-0.079074
-0.074378
~0.Ce9796
~0.066335
~0.062770

TF

0.41622%
0.280998
0.354232
0.2146293
0.156062
0.12135%
0.115461
0.105794
0.09728%
0.091177
0.085973
0.080823
0.076772
0.072240
0.067294
0.063%32
0.0%930¢
Q.0%6459
0.053779
0.056442
0.078125
0.137062
0.154490
0.179072
D.144778
0.12022<
0.102342
0.094098
0.084087
0.074705
C.0€E94AS
0.061462
0.054190
0.064690%
N0.043991
0.029251
0.023853
0.036¢674
0.032235
0.02671¢
0.0210712
0.01657%
0.014272
0.02484¢
0.039235
0.046524
0.0457R2
0.040508
0.034130
0.02317s
0.025137
0.019167
0.014967

-0.Cl1622
~-0.0615220
-0.005772
-C.009001
~C.C76572
-0.07G634)
-C.CTRSRS
-0.CT58)%
~C.078404
~0.077877
~C.077489
-C.07987¢
~C.078737
-C.072¢%51
-0.0T78206
~C.0T6RA2
-C.0TeS60
-0.072252
—C.CT2¢08
-C.C17021
—C.C160€62
-C.015841
-C.Cl4010
-C.014967
-C.Cl2¢16
-0.ClC01%
-C.0N8NG2
~0.,009&61
-0.CSR438
-C.C59697
-C.053¢75
-C.0552?1
~C.CSE121
~C.C60087
~C.C527%4
~C.Ce99%]
-C.C45297
~C.CiC86
~C.7104%2
-C.C1209e
—C.Cl1cq4
~0.C129492
-0.01408%
-C.CI1C364
~C.CCe&aC
~0.CI7947
~C.007¢644
~C.COP212
~C.006E2Y
-C.C0A320
-c.c1c272
—C.0l1654
~C.Cl108nR
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